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ABSTRACT 


This  is  the  final  report  of  an  Antisatellite  System  Feasibility  Study 
sponsored  by  the  Advanced  Research  Projects  Agency  under  Contract 
SD'177.  The  contract  performance  period  extended  from  30  April  to' 31 
October  1963. 

The  systems  studied  depends  upon  SPAD/ TS '.o  establish  a  location 
and  time  of  target  kill.  This  information  is  used  tC’  target  a  modified 
ICBM/IRBM  boost  vehicle,  which  is  launched  and  guided  to  place  a  hom> 
ing  stage  on  a  collision  course  against  the  nominal  target.  Errors  in  fore> 
cast  target  position  and  errors  in  booster  powered  flight  guidance  intro¬ 
duce  the  need  for  a  homing  stage  in  order  to  achieve  hyperveiocity  pellet 
kill. 

Radar,  infrared,  and  sunlight  reflection  homing  stage  sensors  were 
studied  and  found  feasible,  subject  to  the  solution  of  problems  in  infrared 
detector  array  availability  and  cooling.  Depending  upon  sensor  selection 
and  target  hardness,  homing  stage  weights  range  from  600  to  1360  pounds 
for  Set  Z  ephemeris  errors. 

Polaris,  Minuteman,  and  Titan  II  boost  vehicles  were  studied  for 
the  mission.  Al(e  boost  vehicles  and  their  guidance  systems  require 
some  modification,  but  these  arc  minor  until  one  combines  large  war¬ 
heads  with  radar  sensing  (with  Set  2  ephemeris  errors).  Resulting  stage 
weights  in  that  case  require  structural  modification  of  small  or  medium 
size  boost  vehicles. 

The  antisatellite  approach  studied  was  found  feasible  and  attractive 
as  long  as  ephemeris  errors  are  not  larger  than  Set  2.  If  a' system  is  to 
achieve  fast  reaction,  or  if  it  is  to  have  growth  capability  towards  fast 
reaction,  radar  and/or  infrared  sensing  appears  most  promising.  In 
this  case  medium  to  large  boost  vehicles  (Minuteman  or  larger)  appear 
most  suitable. 

"Catalog  cards  with  an  unclassified  abstract  may  be  found  in 

the  back  of  this  document.* 
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CHAPTER  9 

HOMING  STAGE  COMPUTER 


9. 1  INTRODUCTION 

A  central  digital  computer  will  be  used  in  the  homing  stage.  The 
computer  will  perform  computing  functions  required  by  the  various  sub¬ 
systems  in  the  homing  stage  from  approacimatoly  the  time  of  separation 
from  the  launch  vehicle  until  the  end  of  the  mission.  The  functions  to  be 
performed  include: 

e  Target  Identification 

e  Guidance  computations 

e  Gyro  torquing  control 

e  ACS  subsystem  computation  and  control 

e  Generation  of ‘discrete  signals  required  for 
systems  operations. 

A  brief  study  has  been  made  of  the  major  functions  the  computer 
will  perform  and  it  appears  that  the  computing  requirements  can  be  met 
by  a  modification  of  an  existing  computer,  the  Univac  1824.  This  com¬ 
puter  is  a  parallel,  binary,  general  purpose  machine  having  a  24  bit  word 
length.  Its  add  time  (single  word  operation  time)  is  8  microse{:onde 
giving  it  a  capability  of  125,000  single  word  operations  per  second. 
Multiply  time  is  40  to  72  microseconds  depending  on  the  bits  in  the  words. 
The  1824  uses  a  thin  film  memory  and  integrated  circuitry.  The  com¬ 
puter  weight  with  a  9000  word  memory  and  the  additional  input-output  re¬ 
quired  for  the  SIS  system  is  estimated  at  27  pounds.  The  1824  is  now  in 
production  and  the  mod-fications  required  for  the  SIS  system  are  minor 
and  may  in  fact  already  be  incorporated  in  newer  versions. 

The  computer  functions  performed  in  the  EO  sensor  homing  stage 
and  the  radar  sensor  homing  stage  differ  primarily  in  the  treatment  of 
sensor  data.  The  guidance  and  control  functions  for  example  are  essen¬ 
tially  the  same.  The  following  two  sections  will  describe  the  cohnputer 
functions  in  the  two  versions  and  give  estimates  of  the  computing  load 
imposed.  The  final  section  discusses  the  modifications  that  will  be  re¬ 
quired  in  the  1824  computer. 
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In  the  EO  eyetem  the  belie  eoiurce  oi  ixfiorsvetico  eboar  ;ae  target 
ia  the  output  oi  the  EO  aubeyatem.  Each  tizac  ib*  ordscan  6ececu  a  si§> 
nal  it  will  provide  a  pulae  to  the  computer.  Toac  eoespiaer  tszerrz^  •f*- 
tom  will  aenae  when  a  eignal  occura  and  read  s&c  cer.iegsa  e£  a  coiaicer 
into  buffer  atorage.  The  count  will  be  initiated  at  the  c=aA  e£  each  acaa 
and  the  count  at  any  given  time  will  give  the  coardiaaie*  «£  the  acasxiiag 
beam  at  that  time.  (It  ia  probable  that  the  irjraatiow  eg  the  ecaa  vill  be 
under  control  of  the  computer. )  The  coordinatea  eg  each  aigheiag  will  be 
Btored  in  a  buffer  atorage  in  order  of  arrival.  The  entire  eecef  ixpttfa 
on  one  acan  will  be  atored  prior  to  operation  ok  thoae  zcscca.  la  tiae  tar¬ 
get  identification  phaae  of  operationa  there  will  be  masr  ripnga  per  aeaa. 

During  the  early  part  of  the  track  phaae.  the  coenacer  will  aet  gate* 
so  aa  to  limit  the  input  from  the  scanning  system  toa  esaH  regiow  wxr- 
rounding  the  target.  Therefore,  there  will  be  only  eae  rmne  per  scasa& 
this  time.  In  the  end  game  when  the  target  appears  as'ax  earroded  so«rcc 
there  will  be  many  inputs  per  scan. 

9.2,1  End  Game  Sensor  Con  a  id*  rations 

When  the  target  appears  aa  an  extended  saorcev  die  orrpm  eg  dbe 
orthicon  sensor  will  be  treated  in  a  different  &*hioo  i>h«:  wbea  the  cargee 
is  a  point  source.. 

One  approach  would  be  to  take  the  first  iinptt  aigsal  grucs  the  seuLSor 
as  the  target  position.  However,  this  point  mzjht  vary  cma-idierahfrr  orer 
■successive  scans  and  furthermore  would  is  general  be  rvay  from  dhe 
centroid. 

An  alternative  approach  that  appears  more  desirasws  wojld  be  to 
deterhiine  the  centroid  of  the  target  as  it  appears  to  de  sensor.  7Eo» 
when  the  target  appears  as  an  extended  source,  the  ser.sor  wfr.es  scamfsg 
it  will  have  an  output  at  each  grid  poist  where  de  targ-ec  cs  sees.  How¬ 
ever,  much  of  the  information  in  such  a  case  is  redmisart:.  The  ref  ere. 
one  can  eliminate  much  of  the  redundancy  and  greatly  reduce  the  «^'p-g 
data  rate.  To  perform  this  one  could  employ  cne  flip-ilro  which  wotld 
be  set  when  a  scan  line  crossed  the  target  isittally  and  reset  -when  dha 
scan  line  left  the  target.  The  computer  woold  read  is  the  scan 


coordinates  at  the  time  c£  set  and  resif*^  pulses.  This  would  be  done 
for  each  scan  line  on  tie  target  was"^  seen.  At  the  end  of  the  scan 

the  computer  would  deteggrior  sb*  centroid'^^  target  based  on  this 

outline  information.  TMb  is  a  simple  opfe^*^  *’**‘°"*  *»*•  the  advantage 

of  getting  a  centroid  whixSt  is  highly  desifat^hle  for  two  reasons.  First 
the  centroid  is  a  more  desirable  point  at  S<  )5*'hich  to  aim  than  an  outlying 
point  on  the  target  insofar  as  Urget  kill  Vs**  concerned.  Secondly,  the 
centroid  would  not  be  as  raiject  to  variatfd^®*'  the  first  point  of  the  tar¬ 
get  that  is  seen  on  a  sea*.  Therefore,  it  f«lt  that  this  approach  or  one 
similar  to  it  should  be  Sscplesseated. 

The  major  compmfsg  fceetions  In  thP'*  system  are: 

•  Target  idexcificajioa 

•  Target  tracking  operations'* 

•  Guidance  aad  control  of  the'fi(^'®”'tng  stage 
These  will  ?>«  described  i*  the  following 

Target  Identificatfoa 

The  procedure  for  target  identlflcatf  to  discriminate  between 

the  star  background  and  tiie  larget  on  the'f  target  motion.  The 

sightings  seen  over  a  3  secced  interval  wi'f he  stored  In  the  computer 
memory  and  the  computer  will  then  ana the  data  to  determine  which 
sightings  correspond  iost.*r».  have  ^  velocity,  and  which  sightings 
correspond  to  targets.  Is  order  to  do  tt  is  necessary  to  establish 

a  time  history  for  each  sitrea*  source.  Tji^his  will  be  done  by  correlation 
of  the  data  seen  on  one  with  the  dati^®  O”  previous  scans. 

The  basic  procedire  r^oWed  in  correlation  is  to  check  whether 

a  signal  appearing  on  a  grre*  scan  appear'^ the  same  place  on  a 
previous  scan.  The  siars  are  fixed;  ihuf';‘'^*tore,  they  should  always  appear 
at  the  same  place  on  saccessive  scans,  ‘i ,  However,  there  is  a  small  amount 
of  jitter  in  the  scanning  »v»-.em  so  the  st,^^**'*  '^Hl  have  email  motions  in 
the  fietd-of-view.  Thereft-re.  it  is  necc>'- to  establish  bin  about  each 
sighting  that  is  large  e=/:*igi,  to  account  f  the  uncertainty  in  a  sighting. 
This  is  plus  or  minus  cite  scan  element;'**  The  procedure  is  then  to  check 
whether  a  sighting  made  ee  a  given  scan‘^*  '"'‘thl*'  the  bln  for  any 
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sighting  of  the  previous  scan.  When  a  correlation  is  found,  then  the  new 
position  data  is  stored  with  the  data  from  the  correlated  sighting  lor 
analysis  when  the  set  of  10  scans  Is  complete. 

Target  motion  between  scans  can  be  larger  than  the  uncertainty  in 
star  positions  and  therefore  a  sighting  on  a  target  may  not  correlate  with 
any  sighting  from  a  previous  scan  based  on  the  bin  size  for  stars.  There* 
fore,  the  sightings  that  do  not  match  previous  sightings  (within  the  toler* 
ances  of  the.  system  on  star  motion)  are  checked  against  previous  sightings 
using  the  tolerance  limits  for  a  possible  target  motion.  These  limits  will 
be  larger  than  that  of  a  star  due  to  the  possible  motion  of  the  target  during 
a  scan  time.  Any  sighting  which  satisfies  this  criterion  will  be  stored  with 
its  matching  data  in  a  separate  location.  Any  sighting  not  meeting  any  of 
the  above  criteria  will  be  considered  as  a  new  sighting. 

.  After  10  scans  of  data  have  been  correlated  all  data  are  checked  to 
see  if  there  is  Indication  of  a  target.  Each  set  of  data  points  correspond¬ 
ing  to  a  given  source  will  be  checked  to  see  if  the  maximum  separation  of 
inputs  exceeds  the  limits  on  star  sighting  imposed  by  Jitter.  For  those 
in  which  this  is  the  case  a  mean  squares  angular  velocity  estimate  will  be 
made.  The  velocity  estimate  will  then  be  compared  against  a  threshold  to 
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see  if  it  corresponds  to  a  reasonable  target  motion.  Further  tests  can  be 
made  to  see  if  the  motion  is  in  the  proper  direction. 

When  a  target  is  found,  the  gyros  will  be  torqued  so  as  to  cause  the 
tracking  telescope  to  be  centered  on  the  target. 

Although  the  bin  sixe  is  small,  it  is  possible  that  more  than  one 
sighting  will  correlate  with  a  given  sighting  from  a  previous  scan.  This  . 
would  be  particularly  true  for  the  actual  target  whic't  will  move  in  the 
field  of  view.  When  this  happens,  the  computer  would  note  the  occurrence 
and  use  data  from  prior  and  succeeding  scans  to  resob  c  the  ambiguity. 

For  example,  it  could  check  to  see  if  extrapolation  of  previous  points  in 
the  time  history  of  one  sighting  could  correspond  to  one  of  the  correlating 
points. 

There  are  a  number  of  ways  in  which  the  correlation  processing  can 
be  done.  The  actual  way  to  do  it  should  be  determined  on  the  basis  of  ths 
act  .al  characteristics  of  star  distribution.  One  approach  to  doing  this 
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is  developed  in  flow  chart  form  in  Figures  9-1  and  9-2.  This  approach 
has  the  basic  advantage  that  it  is  relatively  insensitive  to  the  number  of 
stars  that  must  be  handled.  Tliat  is,  the  computing  rates  determined  here 
should  not  be  affected  greatly  by  some  increase  in  the  number  of  stars 
in  the  fieid-of-view. 

In  this  system,  the  sightings  are  stored  according  to  the  elevation 
region  in  which  they  lie.  Th'*-  correlation  is  done  only  on  previous  sight¬ 
ings  in  that  region.  The  neighboring  region  is  searched  (for  sightings 
lying  on  the  boundary)  if  there  is  no  correlation  in  the  first  region  searched. 
If  no  correlation  is  found  using  the  bin  size  corresponding  to  a  star,  then 
the  target  checking  routine  is  initiated.  This  is  the  same  as  the  basic 
correlation  routine  except  that  a  larger  bin  size  is  used  to  account  for 
possible  target  motion.  When  tlte  correlation  has  been  done  on  all  the 
inputs  for  a  given  scan,  the  stored  data  on  each  sighting  is  checked.  Any 
sighting  for  which  thero  is  no  data  on' at  least  one  of  the  last  two  scans 
is  deleted. 

6  7 

The  raster  is  on  the  order  of  100  x  300  elements.  Since  2  «  100 ■<2 
and  2^  ^  300  «  2^  we  need  only  have  16  bit  words  to  store  the  position  cil 
a  sighting.  Therefore,  it  is  desirable  to  store  both  the  X  and  Y  coordinates 
of  a  sighting  in  one  word.  This  requires  unpacking  the  word,  i.e.,  sepa¬ 
rating  the  azimuth  and  elevation,  prior  to  performing  arithmetic  operations, 
Unpacking  can  be  done  with  little  computation  and  will  cut  the  requirements 
for  input  storage  in  half. 

Bv  far  the  major  part  of  the.  time  spent  in  this  phase  of  operations  is 
taken  up  in  the  loop  having  the  starred  blocks.  This  loop  involves  the 
testing  of  targets  seen  on  the  present  scan  against  those  seen  on  the  pre¬ 
vious  scans. 

Wc  will  assume  that  there  are  150  stars  that  appear  in  the  field-of- 
view  on  at  least  one  of  the  scans.  Further,  it  is  assumed  that  the  stars 
have  a  uniform  distribution  over  the  field-of-view.  The  field-of -view  is 
taken  as  having  100  lines  in  elevation,  300  lines  in  azimuth.  The  elevation 
range  will  be  divided  into  20  regions  each  consisting  of  five  lines  of  ele¬ 
vation.  The  expected  number  of  stars  per  region  is  then  150/20  =  7.5. 


td«ntificatioa  Block  Diagram' 


Since  the  probability  o£  any  aingle  star  lying  in  a  region -is  1/20  s  0. 05 
and  there  are  150  stare,  the  standard  deviation  on  the  number  of  star*  inr 
a  region  is  given  by 

e  Np  (1  -  p) 

=  (15pM0.05)(0.95)  »  7.125 

a -*1.1 

3(r  =  3  X  2. 7  =  8. 1 

Thus  the  number  of  stars  in  a  region  within  a  3ir  region  of  the  mean  is 
7.  5  +  8,  1  *'«  16.  Therefore,  we  will  assume  a  maximum  of  16  stars  per 
region.  . 

We  have  assumed  that  there  are  a  total  of  150  stars  seen  on  at  least 
one  scan  of  a  set  of  10.  W6  will  assumed  that  the  maximum  number  of 
stars  seen  on  any  one  scan  is  75.  On  the  assumption  that  only  50  stars 
are  above  threshold,  i.e.,  seen  at  least  one  out  of  two  times,  this  appears 
reasonable. 

Now  the  loop  having  the  starred  blocks  requires  28  instructions  per 
cycle.  For  16  stars  in  a  region  the  loop  would  be  traversed  a  maximum 
of  16  times.  The  average  number  would  be  only  eight  times.  Thus  we 
have 

8  X  28  s  224  add  times/target/scan 
For  75  targets  this  i;  J»en 

224  X  75  =  16.  800  add  times/scan 
Considering  three  scans/second  gives 

16. 800  x  3  =  50,  400  adds/sec 

In  some  cases,  there  will  be  additional  loops  to  check  plus  there  is  a 
small, amount  of  additional  work  that  must  be  done  for  each  target.  How¬ 
ever,  it  should  be  noted  that  the  number  of  times  used  for  looping  is  based 
on  maxima  rather  than  mean  values,  giving  a  conserv'.^ive  estimate.  In 
addition  including  a  safety  factor  of  50  percent  gives  an  estimate  of 
75, 600  adds /sec  for  this  part  of  the  work.  The  duty  cycle  is  then  approxi¬ 
mately  0.  6  for  the  1824  computer. 


9-8 


6.  Z.  3  Gyro  Torquing 

The  computer  can  provide  a  number  of  different  types  of  gyro  torqu¬ 
ing  signals  to  the  gyros.  The  system  described  in  Section  V  — Homing 
Stage  G  and  C — will  require  only  that  the  computer  determine  and  meas¬ 
ure  three  time  intervals  per  axis  for  the  torquing  to  orient  the  system  and 
for  the  torquing  to  acquire  the  target  in  the  track  field- of-view.  The  tor¬ 
quing  during  tracking  is  part  of  a  closed  loop  operation  so  the  computer 
will  develop  two  analog  voltages  (one  for  each  axis)  for  driving  the  torquers 
during  tracking. 

As  an  alternative  to  the  above,  the  computer  could  provide  pulse 
torquing  signals.  These  would  be  pulse  width  modulated  signals  of  fixed 
amplitude,  giving  a  fixed  turning  rate  when  on,  with  the  duty  cycle  serving 
to  define  the  average  turning  rate.  In  this  mode  the  computer  will  deter¬ 
mine  the  required  duty  cycle  and  from  this  determine  the  times  at  which 
to  turn  the  torquers  on  and  off.  The  computer  will  set  the  time  interval 
required  into  a  counter  and  count  down  the  time.  A  d-c  signal  will  be 
provided  to  the  gyro  torquers  for  the  duration  of  the  countdown. 

4 

The  computing  required  in  a  countdown  for  pulse  torquing  is  that  of 
accepting  counting  signals,  decrementing  the  counter  by  one  each  time  a 
signal  is  received  and  then  making  a  zero  test.  When  the  zero  test  is 
satisfied,  a  subroutine  is  entered  that  is  used  to  terminate  the  d-c  signal. 
The  subroutine  can  also  provide  more  precise  interval  control  than  the 
counter  which  is  assumed  to  count  time  intervals  on  the  order  of  half  a 
millisecond.  From  the  computer  manual,  it  appears  that  during  the  count¬ 
ing  interval  two  single  word  commands  are  required  per  count.  The  duty 
cycle  then  required  per  torquer  when  giving  a  rate  of  2000  pulses  per 
second,  each  pulse  being  accurate  to  1/20,000  second  or  SO  psec,  would  be 
20,000  X  16  X  10  ^  =  0.  32.  On  the  other  hand,  if  the  pulse  rate  required 
is  only  500  pulses  per  second,  as  for  example  during  target  tracking,  with 
each  pulse  accurate  to  1/5000  second  or  200  psec,  then  the  duly  cycle  per 
torquer  is  only 

5000  X  2  X  8  X  10*^  =  0.08 

By.  utilizing  a  counting  interval  every  pulse  time  the  accuracy  of  the 
pulses  cari  be  increased  to  on  the  order  of  one  word  time  (8  psec). 
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This  would  require  an  additional  duty  cycle  of  0. 1  when  the  counter  ac¬ 
curacy  is  10  percent  of  the  pulse  width. 

9.2.4  Guidance  and  Control 

The  guidance  and  control  functions  to  be  performed  in  the  SIS  with 
optical  sensor  are  shown  in  block  diagram  form  in  Figure  9*3.  The  com¬ 
puter  accepts  inputs  from  the  CO  subsystemi  a  roll  angle  sensor,  a  roll 
rate  gyro  and  the  gyro  gimbal  pickoffs.  The  computer  generates  the  gyre 
torquing  signals,  the  thrust  control,  and  control  signals  for  the  ACS  sub¬ 
system.  It  performs  all  filtering  and  functiorn  generation  required.  The 
nominal  rate  of  operation  is  30  times  per  second  which  is  the  rate  of 
information  input  from  the  infrared  subsystem. 

The  total  computation  load  per  cycle  for  guidance  and  control  is 
estimated  at -570  equivalent  single  word  operations.  Putting  in  a  safety 
factor  of  2  we  have  1140  equivalent  operations.  On  the  basis  of  30  oper¬ 
ation  cycles  per  second  this  req,'. res  • 

30  X  1140  -  34,200  ope  rations /sec 
A  single  word  operation  requires  8  psec  giving  a  duty  cycle  of 

34,200  X  8  X  10'^  = 0.28 

for  the  guidance  and  control  functions  during  target  tracking. 

9.  2.  5  Other  Computing  Functions  ' 

The  computer  will  perform  a  number  of  other  functions  in  the  course 
of  the  mission.  These  do  not  noticeably  affect  the  computer  load.  These 
will  include: 

e  Generation  of  pulses  at  specified  points  for  such  things 
as  unpinning  the  gimbals,  initiating  scan  operations,  etc. 

e  Computation  of  angles  through  which  to  torque  the  gyros 
for  target  acquisition. 

e  Control  of  the  part  of  the  scan  of  the  EO  system  on  which 
data  are  accepted 


e  Variation  of  gain  settings  with  mission  phase 


Control  Block  Diagram. 


9.  3  RADAR  FUNCTIONS 

The  computer  wiU  perform  a  number  of  functions  internally  to  the 
radar  system.  These  will  be  essentially  low  frequency  logical  functions 
which  can  be  done  by  the  computer  on  a  time -shared  basis,  thus  elinti- 
nating  a  number  of  analog  components;  e.g.,  integrators,  that  would  be 
required  if  there  were  no  digital  computer. 

9.  3-  T  Computer  Functions 

9.  3. 1.1  Target  Detection 

The  computer  will  sample  the  output  of  each  of  the  30  filters  in  the 
filter  bank  periodically  f approximately  20  times  per  second).  The  sam¬ 
pled  output  will  be  digitized  and  compared  against  a  threshold  value. 

When  an  output  is  found  that  exceeds  the  threshold  value,  the  body  motion 
of  the  satellite  will  be  halted. 

The  computer  will  then  drive  the  frequency  of  the  oscillator  used  for 
the  frequency  locked  loop  to  the  frequency  band  detected  from. the  target 
so  that  the  frequency  locked  loop  can  lock  on  the  input  signaU 

Since  there  will  be  outputs  from  the  filter  bank  removed  from  the 
center  frequency  by  harmonics  of  the  PRF  rate,  it  will  be  necessary  to 
decide  which  signal  corresponds  to  the  true  center  frequency.  The  com¬ 
puter  will  Increase  the  PRF  rate  as  range  decreases  to  prevent  eclipsing 
loss,  thus  causing  the  frequency  due  to  the  PRF  harmonics  to  vary.  The 
resultant  variation  in  output  of  the  various  filter  bands  will  be  analyzed 
to  pick  out  the  center  frequency  and  frequency  lock  will  be  transferred  to 
the  center  frequency  and  then  maintained  there. 

9.  3,  1,2  Intermeaiate  Frequency  Offset  Oscillator  Control 
(Local  Oscillator) _ ^ _ 

In  order  to  set  the  local  oscillator  to  the  proper  frequency  band  for 
acquisition,  the  computer  will  control  the  local  oscillator  frequency.  The 
computer  will  predict  the  value  of  closing  velocity  pn  the  basis  of  the 
satellite  and  missile  trajlectories.  It  will  then  solve  the  equation 

F  =  AVj^  +  B  (9. 1) 
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where  F  it  the  desir^*''  offset  oscillator  control  frequency  and  A  and  B 
are  constants.  Th'  .puter  will  sanaple  the  offset  frequency  and  drive 
the  oscillator  to  the  desired  frequency.  The  frequency  sampled  by  the 
computer  will  be  in  the  range  0  to  50  kc.  A  counter  will  count  a  pre¬ 
scribed  number  of  cycles  and,  from  the  time  interval  required,  determine 
the  oscillator  frequency.  The  computer  will  then  generate  a  control  sig¬ 
nal  to  drive  the  frequency  to  the  desired  value  and  continually  control  the 
frequency  according  to  Equation  (9.  1)  until  a  target  is  detected. 

Frequency  measurement  is  specified  by  the  equation 


Ft  =  N  (9.2) 


where  F  is  the  actual  frequency,  t  is  the  time  interval  of  the  count  and 
N  is  the  total  cycle  count.  Taking  the  variation,  assuming  N  is  known, 
we  have 

AN  =  0  s  FAt  +  tAF  (9.  3) 


AF  = 


F^At 

N 


(9.4) 


Note  that  AF  varies  as  F  and  also  we  are  concerned  only  with  magnitude 

of  AF.  The  largest  error  occurs  at  F  =  F _ . _ Let  F.. 

s  50,000  cps.  Then 


maximum 


maximum 


.8  At 


lAF]  =  25  X  10* 


(9.  5) 


Now  a  minimum  At  would  be  on  the  order  of  16  psec  for  the  presently 
considered  computer.  For  an  allowable  error  of  12.5  cps  corresponding 
to  a  range  rate  accuracy  of  5  ft/sec  we  have  to  count 


N  =  25  X  10 


8  At 


AF 


(9.6) 


N  s 


25  X  10®  X  16  X  10'^ 

m 


K  3200  cycles 


(9.7) 
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(9.8) 


This  would  require  e  time  interval  of 

Thue;  thia  would  be  aatiafactory  if  the  time  rate  of  change  of  range  rate 
ia  leaa  than 


5  ft/aec 
0.064  aec 


•»80  ft/aec^. 


<9.  9) 


Thia  ia  true  since  ^2.5  ft/aec 


9.  3.  1.3  PRF  Signal 


The  computer  will  generate  a  PRF  signal  as  a  square  wave  which 
will  be  provided  to  the  transmitter  and  the  local  oscillator.  The  fre¬ 
quency  will  be  a  function  of  range  to  target  and  be  variable  from  200  cpa 
to  4000  cpa. 

e 

9.  3. 1.4  Guidance  and  Control  Functiorta 


The  computer  will  accept  a  voltage  signal  from  the  rate  integrating 
gyro.  The  voltage  will  be  digitized,  then  filtered  and  a  control  signal 
will  be  generated  for  the  lateral  steering  control  setting. 


Yaw  and  pitch  error  signals  will  be  pi'ovidcd  by  the  radar  and  opera¬ 
ted  upon  by  the  computer  in  a  manner  similar  to  th.it  discussed  for  the 
optical  system.  The  computer  will  use  thia  to  generate  control  signals 
for  the  ACS  subsyscem. 


9.  3. 1.5  Scan  P.-ittorn 

The  computer  will  generate  the  required  control  signals  for  torquing 
the  body  to  provide  the  desired  scan  pattern  for  the  radar. 


9.3.2  Effect  on  Computer 

The  functions  described  above  will  provide  a  small  load  for  the 
computer.  The  guidance  and  control  functions  are  essential. y  the  same 
as  in  tne  optical  system.  The  target  detection  problem  involves  a  sampling 
rate  of  300  samples  per  second  and  performing  a  simple  comparison  on 
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each  sample.  Assuming  the  10  single  word  operations  were  required 
per  sample  this  would  involve  2i000  operations  per  second  which  is  less 
than  0.02$  of  the  capacity  of  the  computer. 

The  frequency  measurement  will  require  a  $0  kc  counter  of  about 
5  bits  length.  The  computer  clock  may  be  sufficiently  accurate  or  it  may 
be  necessary  to  provide  a  better  clock. 

9.4  COMPUTING  REQUIREMENTS  SUMMARY 

9.  4.  1  Computing  Requirements 

The  major  requirements  will  now  be  summarised. 

Electro-optical  System 


Acquisition 

Duty  Cycle  Var.  Memory 

Target  Identification 

0.60 

1820 

Attitude  Control 

• 

0.14 

0.74 

1820 

Tracking 

Target  Input 

•cO.  10 

Guidance  and  Control 

0.2S 

Pulse  Torquing  Gyros  (500/sec) 

0.08 

0.46 

Radar  System 

The  major  computing  load  in  the  radar  SIS  is  the  guidance 
and  control  which  will  be  essentially  the  same  as  that  for 
the  electro-optical  system. 


9.4.2  Computer  Modifications  Required 


The  input-output  (see  Table  9-1  for  input -output  requirements) 
system  will  require  an  analog-digital  and  digital -analog  converter  of 
about  1  percent  accuracy  capable  of  operating  at  approximately  $00 
samples  per  second.  A  50  kc  counter  about  5  bits  long  will  be  needed 
for  frequency  measurement  in  the  radar  system.  Alb  bit  counter 
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Table  9-1.  Electro-Optical  Syttem  Input-Output  Requirement* 


ILE® 

Form 

Rate 

(sec-‘) 

Accuracr 

Inputs 

• 

Sighting  Signals  . 

Acquisition 

Puls* 

~500 

Homing  Initial 

Pulse 

30 

Homing  Terminal 

Pulse 

•<2400 

Roll  Angle  Increments 

Pulse 

200 

1/2  degree 

Gimbal  Angles 

Yaw 

Voltage 

30 

1  percent 

Pitch 

Voltage 

30 

1  percent 

Roll  Rate 

Voltage 

30 

1  percent 

Digital  Data 

Prclaunch 

Separation 

Pulses 

Pulses 

Outputs  ' 

‘ 

Thrust 

Voltage 

30 

1  percent 

Gyro  Torquers 

Yaw 

Voltage 

30 

1  percent 

Pitch 

Voltage 

30 

1  percent 

Roll 

Voltage 

30 

1  percent 

ACS 

Yaw 

DC  Pulse 

30 

Pitch 

DC  Pulse 

30 

Roll 

DC  Pulse 

30 

Miscellaneous  Sequencing  and  Control  Signals  Pulses 


operating  at  about  200  kc  will  be  required  for  the  infrared  input  syatent  (this 
may  be  part  of  the  EO  aubsyetem).  Thcae  ahould  require  relatively  minor 
modifications  to  the  computer  design. 

The  input  requirement  of  the  electro-optical  system  necessitates 
an  increase  in  the  variable  memory  from  500  to  approximately  2000  words. 
We  have  been  informed  that  much  larger  increases  can  be  made  in  variable 
memory  if  desired. 

A  cursory  look  at  the  equations  to  be  solved  indicates  that  a  few 
thousand  words  of  permanent  memory  (electrically  alterable)  would  be 
sufficient.  Therefore,  the  weight  estimate  for  the  computer  was  based 
on  A  9000  word  memory,  about  2000  words  variable  and  7000  (which  is 
exceedingly  conservative  for  present  requirements)  ifixed. 


CHAPTER  10 


WARHEAD  AHD  FUZE 

10. 1  INTRODUCTION  AND  SUMMARY 

The  required  radius  of  the  kill  pattern  at  the  instant  when  the  target 
penetrates  the  plane  of  the  pattern  is  a  function  of  the  expected  terminal 
miss.  In  particular,  at  the  instant  of  kill,  the  lethal  pattern  should  have 
a  radius  of  not  much  less  than  the  it  terminal  miss.  Thus,  when  one  is 
concerned  with  a  homing  stage  which  utilizes  a  low  noise  tracking  sensor 
(i.e.«  infrared)  terminal  miss  performance  might  be  very  good.  Ir  values 
of  3  feet.  For  this  case  the  warhead  pattern  should  have  a  radius  of  9  feet 
at  the  instant  of  kill. 

The  amount  and  nature  of  lethal  material  of  which  this  1 8  foot  diameter 
circle  is  composed,  is  primarily  a  function  of  target  hardness.  For  ex* 
ample,  if  the  target  is  characterized  by  the  kind  of  construction  typically 
found  in  current  U.  S.  satellite  designs,  a  plate  slap  warhead  would  be 
lethal.  In  this  case  the  warhead  can  be  a  balloon  structure  and.  if  desired, 
small  pellets  can  be  embedded  in  this  balloon  structure. 

On  the  other  hand,  if  the  target  is  hard,  plate  slap  mechanisms  may  . 
not  be  lethal  and  larger  metallic  fragments  are  required.  If  the  target  is 
armored  enough,  each  fragment  may  have  to  be  as  massive  as  100  grams. 
The  number  of  such  fragments  required  in  the  lethal  pattern  has  to  do  with 
the  target's  vulnerable  cross  section  and  with  the  number  of  hits  required 
to  achieve  a  satisfactory  kill  probability. 

Returning  to  our  sample  computation  for  a  low  terminal  miss  (l<r  of 
3  feet),  the  lethad  pattern  must  have  an  18  foot  diameter  and  therefore 
represents  an  area  of  about  250  ft^.  Now  suppose  the  target  were  heavily 
armored  (required  pellet  mass  100  grams)  and  had  a  vulnerable  cross  sec* 
tion  of  10  ft^.  Suppose  furthermore  that  two  hits  were  required  to  achieve 
the  desired  kill  probability.  In  that  case,  the  warhead  pattern  must  Include 
at  least  50  fragments  at  a  total  pellet  weight  of  about  10  pounds,  provided 
that  the  pellets  are  ur.ifori.Jy  spaced.  An  additional  factor  of  two  must  be 
allowed  for  pellet  bunching  (nonuniform  deployment),  thus  increasing  pellet 
weight  to  20  pounds  and  this  weight  corresponded  to  a  Is  miss  of  3  feet. 
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Noting  that  the  required  number  of  pellets  varies  with  the  square  of 
the  terminal  miss,  it  follows  that  if  the  Iv  miss  against  an  armored  target 
rises  to  10  feet,  the  resulting  required  pellet  mass  rises  to  200  pounds. 
Allowing  weight  for  the  explosive  charge  necessary  to  impart  separation 
velocity  to  the  pellets,  it  is  not  hard  to  see  how  such  warheads  can  easily 
weigh  250  pounds. .  Observe  that  the  warhead  weight  fluctuates  by  a  factor 
10  as  the  rms  miss  goes  from  5  to  10  feet.  It  must  be  emphasized, 
however,  that  the  warhead  weight  is  an  even  more  sensitive  function  of  the 
assumptions  made  relative  to  target  hardness.  If  one  wishes  to  emphasize 
heavily  armored  targets,  as  was  the  case  during  terminal  portions  of  the 
SIS  study,  then  heavy  warheads  become  a  necessity. 

During  the  SIS  study,  STL  studied  three  warhead  concepts — a  rela¬ 
tively  light  pellet  warhead  effective  against  soft  targets  with  rm's  miss 
distance  larger  than  3  feet;  an  even  lighter  plate  slap  warhead  effective 

against  soft  targets  at  rms  miss  distances  of  3  feet  or  less;  and  a  heavy 
« 

pellet  warhead  effective  against  hard  targets  with  rms  miss  distances  of 
about  8  to  10  feet.  These  warhead  concepts  are  described  in  the  next  por¬ 
tions  of  this  discussion. 

10.  2  EXPLOSIVE  WARHEAD  CONCEPTS 

To  accommodate  large  miss  distances  (in  excess  of  8  feet,  3cr),  and 
to  defeat  hardened  targets  a  directional  type  explosive  warhead  appears 
most  attractive.  Preliminary  design  and  development  of  a  similar  device 
was  conducted  during  the  STL  BAMBl  studies  and  are  reported  in  Refer¬ 
ence  1.  During  the  BAMBl  study,  the  feasibility  of  obtaining  circular  frag¬ 
ment  patterns  was  established  by  limited  fabrication  and  lest  firing  of 
smaller  (*s<  3  lb)  warheads. 

10.  2,  I  Target  Considerations 

A  review  of  the  suggested  threat  models  presented  in  the  Battelle 
Second  Interim  Report  (Reference  2)  shows  that  targets  can  be  categorized 
in  two  general  classes  of  widely  differing  vulnerability.  The  reconnais¬ 
sance  vehicles  are  characterized  by  moderate  size,  i.  e.,  projected  areas 
of  16  to  80  square  feet  and  are  generally  of  soft  construction:  0.  1  or 
0,  2'inch  double  steel  skins  with  spacing  between  layers.  Orbital  bombs 
are  larger,  presenting  areas  of  160  to  360  square  feet,  and  may  have  some 
hard  as  well  as  soft  areas. 


The  kill  mechanism  consists  of  the  hypervelocity  collision  of  metallic 
fragments  with  the  target.  Since  the  relative  velocity  between  the  hoining 
stage  and  the  target  at  the  instant  of  warhead  deployment  is  between  10,000 
and  20,000  ft/ sec,  the  pellet  deployment  velocity  can  be  kept  relatively  low. 
For  armored  targets,  the  lethal  pellet  mass  required  may  be  as  high  as 
100  grama,  while  a  one  gram  pellet  is  probably  lethal  against  soft  targets. 

10.  2,  2  Soft  Target  Warhead  Concept 

For  soft  targets,  it  seems  reasonable  to  use  a  fragmentation  warhead 
with  a  dense  and  carefully  controlled  circular  fragment  pattern.  The  re¬ 
quirements  are  not  very  different  from  those  previously  encountered  in  the 
BAMBI  study  and  the  BAMBl  study  results  are  applicable  here.  It  is  as¬ 
sumed  that  the  interceptor-target  closing  velocities  will  vary  between 
8000  and  20,000  ft/ sec  and  that  the  warhead  axis  of  symmetry  is  oriented 
in  the  direction  of  the  relative  velocity. 

The  characteristics  of  the  soft  target  warhead  shown  in  Figure  10-1 
are  as  follows:  . 

Weight  66  lb 

Size  of  fragment  3/8  hex  x  3/8  Ig  steel 

Weight  of  fragment  90  grains 

Number  of  fragments  about  3000 

Desired  size  of  pattern  60  ft  diameter 

Included  angle  of  fragment 

projection  beam  ^0  deg  (approximately) 

Fragment  static  velocity  2000  ft/ sec  (approximately) 

.  The  proper  warhead  configuration  to  achieve  required  fragment  pro¬ 
jection  angle  and  velocity  is  a  matter  fur  experimentation  and  the  configu¬ 
ration  shown  should  be  regarded  as  approximate.  It  is  estimated  that 
perhaps  40  or  more  test  samples  would  be  required  to  determine  a  final 
configuration. 

10.2.3  Hard  Target  Warhead  Concepts 

Some  parts  or  all  of  the  "orbital  bomb"  targets  are  quite  hard  and 
the  90  grain  fragments  of  the  warhead  discussed  in  Paragraph  10.  2.2  will 
not  be  effective.  The  hardest  part  of  the  re-entering  orbital  bomb,  for 
example,  consists  of  layers  of  0.5 -inch  steel,  O.S-inch  aluminum. 


1. 0 'inch  lead  and  "several"  inches  of  tuballoy.  If  one  assumes  "several 
inches"  to  he,  say,  3  inches,  a  multiplate,  composite  target  S  inches  thick 
is  encountered.  Furthermore,  it  is  not  clear  what  degree  of  "over 
perforation"  must  he  obtained  against  this  very  thick  vehicle  case  in  order 
to  do  killing  damage  to  the  Inside. 

There  is  some  question  as  to  the  wisdom  of  attempting  to  defeat  hard 
target  areas — as  opposed  to  causing  mission  frustration  by  damaging  softer 
target  parts.  However,  it  is  of  interest  to  exantine  what  might  be  required 
to  perforate  the  hard  shell  devices.  First,  it  should  be  noted  that  only  a 
approximations  can  be  made  of  the  terminal  ballistic  effects  involved  since 
pertinent  data  lor  these  targets  are  very  sparse.  * 

Tit*,  following  preliminary  warhead  designs,  which  may  be  effective 
agains;  such  targets,  have  been  examined. 

10.  2.  3. 1  Clustered  Shaped  Charges 

The  average  density  of  the  composite  (say  5  inches  thick)  target  is 
about  0.  52  Ib/in^.  Therefore,  if  one  uses  the  approximate  formula 


P  = 


1.6 


where  P  is  penetration  in  cone  diameters  and  p,  is  tar  get. density,  a  shaped 
charge  with  a  cone  diameter  of  2  inches  should  perforate  the  target  wall. 

If  one  further  assumes  that  the  probability  of  killing,  given  a  bit,  for 
a  single  hollow  charge  is  0.  5  and  the  desired  overall  warhead  P|^  Is,  say, 
0.97,  the  number  of  hits  requiredis  five.  For  atarget  whose  hard  part  has 
60  ft^  of  area  (maximum)  the  hit  density  is,  thus,  0.0833.  If  the  3ar  miss 
distance  is  30  feet  (any  direction),  the  number  of  shaped  charges  required 
is  236.  To  accommodate  such  an  array  would  require  a  warhead  assembly 
roughly  4  feet  in  diameter.  Even  if  such  a  large  we''pon  could  be  carried, 
there  are  certain  problems  associated  with  fuzing.  It  is  not  clear  as  to  the 
maximum  standoff  that  could  be  tolerated  in  a  shaped  charge  of  this  size 
operating  in  a  vacuum.  In  any  case  the  tolerance  on  fuzing  time  would  need 
to  be  rather  tight.  If  the  maximum  tolerable  standoff  were  small,  the 
angle  uf  the  outermost  charge  with  respect  to  the  cluster  axis  would  be  ob¬ 
jectionably  large  resulting  in  a  "wiping"  action  at  the  target.  This  would 
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tend  to  reduce  the  ability  to  perforate.  Thua,  one  is  led  to  the  conclusion 
that  utilization  of  shaped  charges  depends  upon  solution  of  a  nuxnbez  of 
serious  problems.  Nonetheless,  the  shaped  charge  approach  has  attrac¬ 
tive  possibilities  for  attacking  very  tough  targets  and  merits  further 
investigation. 

10.  2,  3,  2  Oriented  Rod  Warhead 

On  a  weight  basis,  the  use  of  rods  as  "fragments"  has  advantages. 

If  the  rod  can  be  Induced  to  strike  the  target  in  an  unyawed  attitude,  the 
advantage  in  weight  for  the  same  penetration  depth  is  of  the  order  of  8  or 
10  to  one  when  compared  with  compact  steel  fragments.  (Rod  L/D  s  9.  ) 

It  has  been  estimated  that  a  steel  rod  0.  250-inch  in  diameter  x 
2.  25-inches  long  would  be  sufficient  to  perforate  the  5-inch  thick  target 
postulated  above.  If  the  P|^  for  a  single  rod  is  assumed  to  be  0.  3,  and 
the  same  assumptions  used  as  for  the  shaped  charge  above,  it  can  be  shown 
that  about  566  rods  will  be  required.  The  rods  could  be  projected  from  a 
multitube  holder  (see  Figure  10-2). 

There  are  two  difficult  problems  associated  with  this  design:  In  or¬ 
der  to  maintain  the  rod  orientation,  spin  up  will  be  necessary.  It  is  antici¬ 
pated  that  this  could  be  accomplished  either  by  rifled  tubes  or  by  integral 
"fin-grooves"  to  be  acted  upon  by  the  propellant  gases.  The  other  problem 
is  that  of  yawed  impact.  Even  though  the  original  tube  orientation  is  main¬ 
tained,  the  rods  from  the  outer  part  of  the  cluster  will  tend  toward  yawed 
impact  because  of  the  "built-in"  angle.  This  angle  is  necessary  to  obtain 
the  required  pattern  size  (60  feet  diameter).  Of  course,  this  condition 
diminishes  to  zero  at  the  center  of  the  cluster.  A  long  fuzing  time  tends 
to  reduce  the  required  maximum  angle  for  the  rod  projection  beam  and 
thus  reduces  the  yawed  impact  condition  for  the  outer  rods.  There  is  little 
question  that  rods  are  extremely  attractive,  but  their  proper  exploitation 
hinges  upon  solution  of  the  orientation  problem. 

10.2.3.3  F ragmentation  W arhead 

The  warhead  discussed  in  10.2.2  was  based  upon  previous  work  done 
in  connection  with  the  BAMBl  project.  For  very  thick  hardened  targets, 
much  larger  fragments  are  required  to  obtain  the  same  penetration  as  was 


calculated  for  the  above  rode.  Fragments  cut  from  hexagonal  bara 
(L/0  s  1)  were  chosen  because  of  weight  advantage  over  square  fragments 
for  the  same  penetrating  ability  and  because  of  packing  efficiency.  As  an 
example,  a  fragment  15/16  (across  flats)  hex  x  15/16  long  was  chosen 
(weight:  1405  grains).  The  ballistic  limit  for  this  fragment  against  the 
composite  farget  is  estimated  to  be  about  15,000  ft/sec  which  lies  within 
the  expected  range  of  striking  velocities,  A  warhead  containing  about  800 
of  these  fragments  is  estimated  to  weigh  220  pounds.  In  order  to  achieve 
an  overall  of  0.97,  the  p|^  for  this  fragment  should  be  about  0.  2  (pattern 
density  s  0.  202  frags/ft^). 

A  possible  configuration  using  these  fragments  is  shown  in  Figure  lO-^S 
This  is  the  warhead  configuration  tested  as  part  of  the  BAMBI  study.  This 
design  basically  depends  upon  the  use  of  a  fairly  thin  explosive  layer  cither 
peripherally  or  centrally  initiated.  Since  the  static  fragment  velocity  re> 
quired  is  low  (requiring  a  low  C/M)  and  the  fragment  weight  (in  the  BAMBI 
case)  is  also  low,  the  thin  layer  of  explosive  tends  to  function  in  a  "two 
dimensional"  manner.  ' 

In  the  case  of  the  larger  warhead,  however,  maintaining  the  same 
C/M  (charge  to  metal  ratio)  results  in  an  explosive  layer  which  is  fairly 
thick  and  tends  toward  a  "S'dimensionsl"  configuration.  Also,  in  order  to 
provide  enough  fragments  within  a  reasonable  space,  a  double  layer  frag¬ 
ment  pack  is  necessary.  For  these  reasons  confidence  in  the  performance 
of  this  warhead  is  somewhat  reduced.  However,  it  is  believed  that  with  a 
proper  development  program  a  heavy  fragment  weapon  could  be  devci'>ped. 

Since  the  postulated  targets  are  neither  all  thick  or  all  thin,  it  is  not 
unreasonable  to  consider  a  mixed  fragment  pack  w  ith  both  large  and  small 
fragments.  While  this  technique  is  feasible  and  has  been  used  in  the  past, 
careful  study  of  the  target  should  be  made  to  determine  if  an  overall  advan¬ 
tage  really  exists.  There  would  be  some  complication  in  the  manufacture 
of  a  mixed  pack  but  for  the  small  quantities  involved  this  should  not  be  a 
serious  cniisideration. 

In  summary,  it  may  be  stated  that  either  the  rod  or  shaped  charge 
would  probably  be  more  effective  per  unit  weight  than  the  large  compact 
fragments.  The  design  problems  are  greater  for  rods  or  shaped  charges 
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Figure  10-3.  Warhead  -  Heavy  Fragment  Concept 


and  size  becomes  a  problem  for  a  clustered  shaped  charge.  While  the 
large  fragment  weapon  is  probably  easier  to  develop,  it  is  less  efficient 
on  a  per  fragment  basis.  Also,  due  to  its  size  and  mass  it  presents  a 
constraint  upon  homing  stage  configurational  design. 

10.  3  UNFURLABJLE  PASSIVE  KILL  MECHANISM 

.  As  reported  in  the  Second  Interim  Report  (Reference  3).  it  became 
evident  that  practical  considerations  limit  the  size  of  an  uhlurlable  mecha¬ 
nism  to  a  radius  approximately  equal  to  the  overall  length  of  the  homing 
stage,  A  feasible  design  is  shown  in  Figure  lO-fL  Larger  devices  are 
unattractive  because  of  the  following  factors:  *  . 

s  Main  engine  plume  impingement  on  the  warhead 

e  Difficulty  in  placing  the  attitude  control  system 
thrusters  to  avoid  their  plume  impingement  on  the 
unfurled  structure 

e  Maintenance  of  structural  continuity  of  unfurled 
mechanism 

e  Increased  "packed  volume* 

e  Increased  inflation  gas  volume,  unfurlable  structural 
weight,  and  deployment  reaction  time 

e  Increased  homing  stage  moment  of  inertia 

s  Increased  interaction  with  homing  stage  attitude  con¬ 
trol  system  due  to  warhead  delcimations 

The  proposed  unfurlable  passive  kill  mechanism  utilizes  a  combina¬ 
tion  of  plate  slap  by  the  membranes  and  pellet  impingement  as  a  kill  mecha¬ 
nism,  This  warhead's  probability  of  target  hit  for  a  Ir  miss  of  4  feet  is  approxi¬ 
mately  0,95  if  the  target's  vulnerable  cross  sectionis  4  feet  in  diameter  and 
0.90  of  the  target's  vulnerable  cross  section  is  only  1  foot  in  diameter. 

Since  one  "face"  of  the  homing  stage  is  aligned  along  the  V„  vector, 
a  one  dimensional  or  planar  array  is  geometrically  sufficient.  If  an  8  foot 
radius  is  sufficient  for  a  hit  (rms  miss  £  3  ft),  the  chosen  torus  with 
uual  membranes  which  are  oriented  normal  to  the  closing  velocity  vector 
(see  Figure  10-4)  has  advantages  over  other  shapes  such  as  a  sphere  of 
the  same  radius.  When  volumes  are  compared  it  is  apparent  that  the 
sphere  has  approximately  C6  times  the  volume  of  the  proposed  torus.  If 


the  sphere  pressure  is  1  pel  and  the  torus  pressure  is  5.  6  psi  the  ureight 
oi  torus  Inflation  gas  is  1/12  that  required  by  the  sphere.  It  also  appears 
that  the  inflation  period  of  the  sphere  would  be  greater  than  that  for  the 
equivalent  torus. 

Possible  impingement  of  the  hot  gat  attitude  control  engine  plumes 
on  the  proposed  torus  design  was  avoided  by  deploying  the  roll  engines  on 
arms.  The  body  mounted  pitch  engines,  which  thrust  normal  to  the  plane 
of  the  warhead,  would  also  require  deployment  if  a  spherical  warhead  were 
used.  Increased  pitch  torque  levels  would  be  needed  to  provide  the  equiva¬ 
lent  pitch  acceleration  since  the  pitch  moment  of  Inertia  would  increase  by 
a  factor  of  ^2.  O'. 

Other  serious  disadvantages  of  the  spherical  design  appear  when  full 
consideration  is  given  to  the  interaction  between  its  stowed  condition  and 
the  homing  stage.  When  installed  on  the  vehicle,  it  forms  a  cocoon  which 
completely  surrounda  the  vehicle,  thereby  eliminating  all  on- stand  accesi 
to  the  vehicle  and  possibly  creating  a  serious  thermal  problem. 

The  present  concept  allows  for  packing  volume  on  two  sides  of  the 
vehicle  and  over  the  long  tracker  in  a  saddle -fashion.  The  major  portion 
of  the  vehicle's  sides  are  left  open  for  access  and  the  tracker's  line-of- 
sight  is  unobstructed  at  all  times.  Packing  space  in  front  or  behind  the 
tracker  is  presently  unavailable  as  the  tracker  extends  to  the  fairing 
clearance  line.  The  outside  covers,  which  presently  consist  of  two  seg¬ 
ments  along  the  sides  of  the  vehicle,  would  also  need  to  be  extended  around 
the  periphery  of  the  vehicle  resulting  in  a  weight  Increase  and  cumplexity 
of  Jettisoning. 

The  torus  and  membranes  are  designed  to  withstand  vehicle  accel¬ 
eration  without  wrinkling.  The  membranes  are  continuously  attached  at 
their  intersection  with  the  support  structure.  A  torus  internal  pressure 
has  been  selected  which  prevents  relief  of  lorus  or  membrane  tensile  loads 
under  maximum  vehicle  thrust  condition.  No  wrinkUng  or  buckling  is 
tolerated,  in  order  to  provide  as  stiff  a  system  as  possible  to  minimize 
vehicle  attitude  control  problem.  Point  loading  of  a  sphere  is  associated 
with  large  membrane  deflection  and  consequently  results  in  a  softness  or 
response  lag  during  engine  on-off  cycling  or  vehicle  control  maneuvers. 
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this  structure  is  required  to  maintain  its  shape  during  powered 'flight  or 
attitude  maneuvers  of  the  homing  stage. 

The  material  selection  is  based  on  the  requirement  for  flexibility  and 
pressure  tightness  inherent  with  inflatable  structures.  When  structural 
rigidity  is  provided  by  pressure,  the  higher  material  strength  allows  ia> 
creased  internal  pressure  resulting  in  a  corresponding  increase  in  load 
capacity.  Based  on  these  factors,  Mylar  film  was  selected  as  the  best 
available  material.  Table  10-1  summarizes  the  mechanical  properties  of 
Mylar  film. 

The  critical  design  load  condition  after  inflation  is  the  6  g's  along  the 
thrust  axis  of  the  homing  stage.  The  design  pressure  for  the  torus  was  set 
such  that  the  average  hoop  stress  (i.  e.,  around  the  cross  section  through 
the  torus)  is  8000  psl.  The  ultimate  tensile  strength  of  Mylar  is  20, 000  psi 
resulting  in  an  elongation  of  100  percent.  At  8000  psi  stress,  the  elonga¬ 
tion  is  reduced  to  approximately  1  percent. 

The  previous  parametric  analysis  (Reference  3)  indicated  minimum 
structural  weight  is  obtained  by  using  as  large  a  torus  cross  section  as 
possible.  Based  on  this  conclusion,  the  torus  cross  section  radius  was 
set  at  10  inches,  the  recommended  maximum  for  the  selected  configuration. 
Ninety-grain  pellets  are  added  to  the  torus  and  membranes  on  1  foot 
spacing.  This  added  weight  represents  a  substantial  increase  over  the 
weights  associated  with  the  torus  and  membranes  and  therefore  require 
increased  torus  thicknesses  for  the  selected  design.  The  critical  load 
condition  was  modified  to  the  requirement  that  the  torus  would  not  wrinkle 
at  limit  load  which  is  defined  as  1.  1  times  the  design  load  (1.  e.,  the  maxi¬ 
mum  load  predicted  in  service).  This  modification  was  made  because  an 
inflated  structure  has  reserve  strength  above  its  wrinkling.  This  is  analo¬ 
gous  to  the  advantage  taken  of  plastic  bending  in  stress  analysis  of  beams. 
Tests  of  an  inflated  pressurized  cylinder  in  the  form  of  a  cantilever  beam 
with  a  tip  load  showed  that  collapsing  occurred  at  a  bending  moment  twice 
the  bending  moment  that  causes  wrinkling.  This  factor  of  two.  although 
possibly  reduced  for  the  case  of  a  torus  because  of  the  effect  of  curvature, 
is  considered  adequate  to  cover  the  ultimate  load  condition  of  1.  5  times 
design  toad.  The  design  pressure  was  set  in  the  same  manner  as  for  the 
parametric  analysis  (i.  e.,  design  pressure  is  such  that  the  average  hoop 


10.15 


«trea«  in  the  torus  la  6000  pal).  Hence,  the  critical  condition  la  that  thure 
will  be  no  wrinkling  at  the  limit  load  condition  when  the  torua  ia  prcaaurLzcd 
to  the  design  pressure. 

The  torus  was  analyzed  as  a  ring  loaded  by  the  total  weight  of  the 
unfurled  passive  kill  mechanism.  The  critical  point  is  at  the  maximum 
bending  moment  position,  which  Is  at  the  support  structure  joint  a^jaceni 
to  the  homing  stage.  The  total  maximum  compressive  stress  from  this 
ring  analysis,  the  bending  stress  plus  the  end  load  stress,  is  plotted 
against  torus  wall  thickness  in  Figure  10>5.  The  Intersection  of  this 
curve  with  the  tension  stress  due  to  pressure  gives  the  point  for  zero 
compressive  stress  and  therefore,  no  wrinkling.  The  range  of  value s  for 
Poisson's  ratio  0.  25  to  0.  4  covers  the  probable  range  for  Mylar,  Based 
on  the  rcBults  of  Figure  iO-S,  the  next  available  Mylar  film  thickness  is 
0,-007  Inch  which  has  been  used  for  the  torus  design.  The  minlrnum  thick¬ 
ness  required  for  no  wrinkling  Is  0.  0062  inch.  The  torus  internal  pres¬ 
sure  and  total  unfurlable  mechanism  weight  arc  given  by  Figure  10-6.*  Ttw 
hoop  stress  in  the  torus  at  the  design  pressure  is  plotted  iii  Figure  10-7 
and  shows  the  maximum  torus  stress  of  8530  psi.  The  tensile  stress  in 
the  membranes  for  values  for  Poisson's  ratio  of  0.  4  and  0.  25  are  805  psi 
and  1750  psi,  respectively. 

When  a  curved  tube  is  subjected  to  a  bending  moment,  the  Initially 
circular  cross  section  Is  deformed  into  an  oval  configuration.  Among  the 
effects  of  this  ovaiization  is  that  the  stress  distribution  differs  from  that 
computed  by  the  simple  beam  theory  formula,  v  »  M^/I,used  In  the  pres¬ 
ent  analysis  where  the  effect  of  curvature  was  neglected.  The  maximum 
longitudinal  stress  due  to  bending  can  then  be  expressed  as  =  B(M^/I) 

where  the  value  of  B  varies  from  a  rnaximum  at  zero  internal  pressure  to 
approximately  1,0  with  large  Internal  pressures. 

In  any  extensive  analysis  of  the  unfurlable  structure  these  factors 
should  be  considered.  However,  it  is  felt  that  such  an  analysis  would 
not  yield  values  of  B  greater  than  1.  22.  This  is  the  value  which  would 
show  a  wrinkled  condition  for  the  torus  at  the  design  load  with  a  torus 
thickness  of  0.  007  inch  including  the  B  factor  on  the  bending  stress  com¬ 
ponent.  Further,  the  initial  assumption  that  the  torus  carries  all  the 
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TOKUS  WALL  THICKNESS,  (INCHES) 


Figure  10-6.  Warhead  Weight  and  Torus  Pressure  Versus 
Torus  Wall  Thickness 
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Torus  Pressure  Hoop  Stress  Versus  Position  on  Torus 


weight  was  conservative  as  a  portion  will  transfer  directly  from  the  mem¬ 
branes  to  the  support  structure  and  then  to  the  homing  stage  st^cture. 

The  90-grain  steel  pellets  are  mounted  oh  the  torus  circumference 
and  along  the  intersection  of  the  torus  and  membrane  as  well  as  .mbedded 
in  the  membranes  in  a  rectangular  pattern  on  one  foot  centers. 

10.3.2.1  Side  Covers 

The  two  magnesium  side  covers  are  cylindrical  segments  that  retain 
the  unfurlable.  structure  (when  "packed")  and  are  retained  themselves  by  the 
top  cover.  The  bottom  end  has  a  lip  that  mates  with  a  groove  on  the  sup¬ 
port  structure  and  forms  a  semicaptive  pivot  joint.  The  top  end  has  a  lip 
that  mates  with  an  internal  groove  on  the  top  cover  and  is  retained  by  it. 

The  inner  surface  of  these  covers  are  coated  with  emerolon  or  its  equiva¬ 
lent  to  prevent  damage  to  the  unfurlable  structure  due  to  flight  vibrations, 

10.3.2.2  Top  Cover 

The  top  cover,  also  made  of  magnesium,  is  a  hemispherical  dome 
with  eight  spring  loaded  petals  attached.  The  petals  are  in  two  diametri¬ 
cally.  opposite  groups  of  four  each.  Each  group,  when  stowed  against  their 
spring  load,  forms  a  cylindrical  segment  covering  the  "packed"  unfurlable 
structure  and  retains  one  of  the  side  covers.  All  internal  surfaces  of  the 
tup  cover  are  covered  with  emerolon  or  its  equivalent  to  protect  the  un¬ 
furlable  structure  during  flight  vibrations. 

10.3.3  Retention  and  Release  System 

An  explosively  actuated  separation  band  retains'the  unfurlable  device 
by  being  drawn  tight  in  grooves  on  the  external  surfaces  of  the  eight  petals 
of  the  top  cover.  The  explosive  actuated  device  releases  the  band  which 
in  turn  releases  the  outwardly  spring  loaded  petals.  Since  the  petals  retain 
the  side  covers,  the  one  separation  band  releases  all  covers  allowing  the 
unfurling  process  to  begin. 


10.  3.  4  "Packing"  Procedure 


With  the  unfurlable  structure  deployed  and  attached  to  the  support 
structure,  the  following  procedure  can  be  used  to  "pack"  the  unfurable 
structure  (see  Figure  10-4  and  Figure  10-8): 


••  I  <'>«••••• 


•  Use  a  vacuum  pump  to  evacuate  the  air  from  the  torus 
and  fill-tube  untU  they  arc  fully  collapsed, 

e  Start  an  accordlan  type  fold  on  each  side  of  the  unfurlablc 
structure,  maintaining  the  fold  line  approximately  parallel 
to  the  centerline  of  the  support  structure.  The  folded 
width  should  be  approximately  20  inches.  This  will  yleld 
5-1/2  folds  on  each  side.  It  is  desirable  to  reverse  the 
folding  direction  on  opposite  sides  of  the  assembly 
(i.  e.,  first  fold  up  on  one  side,  and  down  on  the  other). 

•  With  the  side  folding  complete,  a  center  section  of 
approximately  26  inches  in  width  will  remain  between 
the  two  20-inch  wide  folded  sides.  This  center  section 
should  now  be  pleated  to  allow  the  two  sides  to  come 
together  at  the  top. 

•  Start  an  accordlan  fold  of  the  folded  sides  with  the  new 
fold  line  normal  to  the  previous  folds,  but  in  the  same 
plane.  The  fold  width  should  again  be  20  Inches.  Con¬ 
tinue  folding  until  the  top  of  the  support  structure  is 
reached.  This  should  yield  6-1 /2  folds.  This  folded 
package,  20-inchcs  square,  will  then  be  shaped  to  the 
contour  of  the  support  structure  and/or  the  covers. 

e  Install  the  two  side  covers 

e  Install  the  top  cover,  bring  the  eight  petals  into  the 
down  position  and  retain  with  the  separation  band 

e  The  unfurlable  passive  kill  mechanism  with  support 
structure  is  now  ready  for  installation  on  the  homing 
stage. 

10.  3.  5  Deployment  Sequence 

After  third  stage  separation  and  the  deployment  of  the  roll  control 
engines,  the  kill  mechanism  is  ready  to  deploy.  The  following  procedure 
accomplishes  deployment  (see  Figure  10-4  and  Figure  10-8): 

•  Actuate  the  separation  band.  This  allows  the  band  to 
separate  and  the  spring  loaded  petals  of  the  top  erver 
to  swing  open.  This  action  removes  the  top  cover  and 
releases  tlie  two  side  covers  which  fall  outward.  The 
unfurlable  structure  is  now  ready  for  inflation. 

s  Start  pressuriaing  the  fill  tube.  This  unfolds  the  top 
accordlan  folds  and  unfurls  the  structure  forward. 

•  Start  pressurizing  the  torus  at  the  support  structure. 

This  now,  along  with  flow  from  the  fill  tube,  unfurls 
the  two  side  accordlan  folds. 
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•  Relief  valves  will  maintain  this  preaiure  to  intercept. 
Pressurizing  continues  until  5.6  psi  is  reached  in  the 
torus  and  fill  tube  which  p'ulls  the  membranes  into 
correct  position.  The  total  elapsed  time  from  sepa¬ 
ration  of  the  covers  to  full  pressurization  is  estimated 
to  be  20  seconds,  based  on  experience  with  the  Echo 
satellite  series. 

10.4  FUZE 

As  mentioned  in  the  previous  discussion,  relatively  soft  targets, 
such  as  current  U.S.  satellite  designs,  can  be  destroyed  by  body  fixed 
(i.e..  nondeployed)  warheads.  Such  warheads  can  be  implemented  by 
means  of  balloon  structures,  or  by  any  other  technique  which  effectively 
increases  the  homing  stage  cross  section.  To  the  extent  that  such  war¬ 
heads  provide  the  required  lethality,  they  are  attractive  for  two  reasons; 
a)  they  are  light,  and  b)  they  do  not  require  fuzing.  It  needs  to  be  added, 
however,  that  STL  studies  indicate  that  configurational  constraints  limit 
body  fixed  warhead  radii  to  '8  feet  or  less.  Since  this  radius  must  cor¬ 
respond  to  2  to  3or  values  of  the  terminal  miss,  it  follows  that  body  .ixed 
warheads  are  effective  only  in  situations  where  the  terminal  rms  mijs  is 
of  tiie  order  of  3  feet  or  lees.  Such  miss  performance  can  be  achieved 
only  with  low  noise  electro  optical  tracking  sensors.  It  therefore  appears 
that  a  homing  stage  which  operates  with  electro-optical  sensing  against  a 
soft  target  might  make  use  of  a  body  fixed  warhead,  and  in  this  case  no 
fuze  is  required. 

Unfortunately,  one  cannot  depend  upon  the  existence  of  only  soft  tar¬ 
gets.  Against  armored  targets  of  the  kind  postulated  by  Battelle,  metallic 
fragments  must  be  deployed,  thus  introducing  a  fuzing  problem.  First  con¬ 
sideration  was  given  to  range  fuzing  based  upon  radar  derived  range  infor¬ 
mation.  The  range  at  which  fuzing  and  warhead  deployment  takes  place  is 
entirely  a  function  of  the  expected  miss  and  the  velocity  with  which  pellets 
are  deployed  with  respect  to  the  interceptor.  Two  cases  can  be  considered. 
In  the  first  case,  the  separation  velocity  is  applied  entirely  in  a  plane  nor¬ 
mal  to  the  line -of- sight.  With  explosive  pellet  deployment,  which  is  deemed 
much  more  reliable  than  a  mechanical  deployment  technique,  typical  sepa¬ 
ration  velocities  of  the  outermost  pellets  are  2000  ft/ sec.  Such  a  warhead 
therefore  gives  rise  to  a  pellet  cloud  whose  radius  grows  at  a  rate  of 
2000  ft/ sec. 
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In  the  time  Interval  between  explosive  deployment  and  the  instant 
when  the  target  penetrates  the  warheari  plane,  the  pellet  cloud  should  grow 
to  a  radius  equal  to  about  the  3r  terminal  miss.  With  a  le*  miss  of  10  feet 
(typical  for  radar  sensing  stages)  the  radius  must  therefore  be  30  feet  and 
the  warhead  should  therefore  be  fuzed  at  0. 013  second  to  go.  That  time  to 
go  value  corresponds  to  a  fuzing  range  of  300  feet  if  the  relative  velocity, 
V^,  is  20.000  ft/ sec  and  150  feet  if  Vj^  is  10,000  ft/ sec. 

The  radar  fuze  could  be  simply  implemented  by  merely  noting  the 
time  at  which  an  a  priori  chosen  range,  say  0;  5  n  mi,  is  passed.  The 
measurement  could  start  a  clock,  with  the  warhead  being  deployed  at  a 
preset  time  instead  passing  the  0.5  n  mi  range  value.  In  that  case  the 
the  fuzing  range  is 


where 


V 


R^  s  0,  5  h  mi 
o 

Vj^  =  relative  velocity 

t  B  time  between  1  /2  mile  range  and  deployment. 


Differentiating, 


With  a  1  percent  range  accuracy,  a  1  millisecond  timing  accuracy, 

and  assuming  a  knowledge  of  to  1  percent  of  its  actual  value,  the  rms 

error  in  fuzing  range  is  approximately  50  feet.  Note  that  this  error  in 

fuzing  range  would,  at  most,  require  one  to  deploy  the  warhead  slightly 

earlier,  and  let  it  grow  to  a  radius  slightly  larger  than  30  feet  against  the 

nominal  target.  In  short,  the  fuzing  error  can  be  compensated  by  a  slight 

increase  in  warhead  weight.  In  this  case,  the  deployment  velocity  is  added 

normal  to  V_  with  the  result  that  the  relative  velocity  between  pellets  and 
xv 

targets  is  very  nearly  the  same  as  the  Vj^  value  of  the  homing  stage  with 
respect  to  the  target. 


An  alternate  approach  to  warhead  design  and  deployment  consists  of 
explosively  deploying  the  pellets  in  a  fairly  narrow  cone  centered  about  the 
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Vj^  vector.  In  this  caae  thtf  deploynrcnt  velocity  ie  again  2000  ft/ aec  but 
with  a  6  degree  cone  half  angle,  only  200  ft/ sec  cauae  growth  of  the  pellet 
cloud,  and  now  typical  iuxing  times  are  about  0.  IS  aeconda-to-go.  which  cor* 
respond  to  ranges  of  1.500  and  3000  ft  for  Vj^'s  of  10.000  ^nd  20.000  ft/ see 
respectively.  With  a  range  marker  at  1  n  mi  and  making  the  same  conaerv* 
ative  assumptions  relative  to  errors,  the  rms  fusing  range  error  is  about 
100  feet,  insignificant  compared  to  the  fusing  range. 

The  design  of  pellet  warheads  which  arC  deployed  in  fairly  narrow 
cones  was  studied  by  Aerojet-General  under  subcontract  to  STL  as  part  of 
the  BAMBl  study.  This  approach  was  found  to  be  feasible  and.  in  fact,  suc¬ 
cessful  test  firings  of  models  were  conducted.  This  approach  appears  more 
attractive  than  deployment  normal  to  for  two  reasons.  First,  by  fusing 
at  a  longer  time  to  go,  the  fusing  error  becomes  insignificant.  Second,  and 
perhaps  more  important,  most  of  the  2000  ft/sec  deployment  velocity  is 
applied  along  Vj^,  with  the  result  that  the  relative  velocity  between  pellets 
and  target  is  2000  ft/ see  higher  than  that  of  the  homing  stage.  In  summary, 
a  simple  radar  fusing  scheme  appears  entirely  feasible  and  requires  merely 
a  radar  fuse  which  is  capable  of  generating  one  accurate  range  marker  at 
a  range  of  about  1  n  mi. 

Late  in  the  SIS  study  program,  interest  was  expressed  in  kinematic 
line-of- sight  rate  fusing.  This  topic  was  studied  by  STL  in  considerable 
detail  as  part  of  the  BAMBl  study,  and  a  comprehensive  summary  of  these 
findings  is  available  in  the  STL  BAMBl  Final  Report  (Reference  1).  While 
no  effort  is  made  to  repeat  the  details  of  this  presentation  here,  the  follow¬ 
ing  summary  may  be  of  Interest. 

There  can  be  little  question  that  a  successful  fuze  can  be  built  by 
deriving  a  fusing  signal  when  the  measured  rate  of  rotation  of  the  line-of- 
sight,  ^ exceeds  a  previously  chosen  threshold.  A  number  of  signifi¬ 
cant  points  need  to  be  emphasised  however. 

Note  first  that  the  growth  of  times-to-go  is  a  very  strong 

function  of  the  terminal  miss.  For  low  misses,  W^  remains  almost  con¬ 
stant  until,  at  a  very  small  range,  it  rises  extremely  rapidly,  implying  a 
high  line-of- sight  rate'acceleration.  The  fusing  signal  can  only  be  derived 
from  measured  values  of  snd  these  measurements  will  inevitably 
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reflect  bandwidth  limitation*  in  the  angular  tracking  loop*.  The  net  re*ult 
i*  the  etrong  po**ibility  that  the  kinematic  fuze  will  not  operate  properly 
with  a  email  terminal  mi**,  2  feet  or  lea*. 

Thi*  problem  may  be  aomewhat  aggravated  by  senaor  blind  range 
performance.  The  problem  here  ha*  to  do  with  the  minimum  range  to 
which  an  angle  tracking  acnaor  can  operate,  li  the  aenaor  ceaae*  to  angle 
track  before  ha*  built  up  to  the  fuzing  threahold,  the  warhead  may  not 
deploy.  In  ahort,  the  kinematic  fuze  i*  beset  by  problem*  if  the  terminal 
mi**  i*  small. 

It  can  be  argued  with  considerable  justification  that  if  the  mis*  1*  that 
small,  there  i*  an  excellent  chance  that  some  portion  of  the  homing  stage 
may  physically  collide  with  the  target,  in  which  case  the  question  of  whether 
the  warhead  ha*  or  ha*  not  been  deployed  becomes  highly  academic. 

Another  point  may  be  of  intereat,  and  it  concerns  selection  of  the 
fuzing  threshold  level.  The  first  question  in  this  area  must  inquire  into 
the  minimum  fuzing  threshold  level,  and  that  level  is  dictated  by  the  angle 
tracking  noise  level.  If  that  threshold  is  set  too  low,  the  fuze  may  be 
activated  prematurely  by  a  noise  peak  rather  than  the  kinematic  growth  of 
^LS'  follows  that  for  radar  derived  values  the  minimum  fuzing 
threshold  must  be  higher  than  for  a  lower  noise  electro-optical  trackbr. 

This  consideration  generally  places  the  minimum  fuzing  threshold  near 
iO  mr/sec.  That  level  can  be  made  higher,  of  course,  but  now  one  must 
be  concerned  with  the  following  error  (1.  e.  bandwidth  limitations)  of  the 
angular  rate  measuring  system.  Generally  speaking,  it  appear  s  that  in  the 
SIS  application,  optimum  fuzing  thresholds  lie  between  20  and  30  mr/sec. 

A  thorough  quantitative  treatment  of  this  topic  is  presented  in  Reference  1, 
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CHAPTER  11 


HOMING  STAGE  CONFIGURATION 

11.1  INTRODUCTION  AND  SUMMARY 

Thii  chapter  preaenta  a  aummary  of  homing  atage  deaign  atudlea 
carried  out  during  the  SIS  program.  Hiatorically,  the  firat  two  month#  of 
the  program  were  concerned  witli  atudiea  of  groaa  aise  and  weight  of  the 
major  aubayatema  which,  in  combination,  conatitute  the  homing  atage.  By 
the  beginning  of  the  third  program  month,  enough  preliminary  information 
had  been  generated  to  allow  initiation  of  fairly  detailed  configurational 
deaign  atudiea  of  varioua  homing  atagea. 

In  view  of  the  highly  parameteriaed  nature  of  the  SIS  atudy  program, 
one  ia  concerned  with  many  conceptual  homing  atage  deaigna,  where  one 
deaign  repreaenta  each  combination  of  parametera.  Note  that  three  aenaor 
technique#,  all  found  feaaible,  were  explored.  Ephemeria  error#  were 
quantised  by  the  ARPA  Program  Guide  into  three  aeta.  The  kill  effective- 
neaa  of  hypervelocity  pelleta  waa  parameterized  over  a  wide  range, 
depending  upon  target  hardneaa,  etc. 

In  order  to  gain  maximum  utility  from  the  effort  and  time  available, 
it  waa  decided  to  aelect  particular  parameter  combinationa  and  to  deaign 
the  reaulting  homing  stage  configurations  in  some  detail.  Information 
relating  to  other  stages  can  then  be  obtained  by  extrapolation  or  inter¬ 
pretation.  The  foregoing  decision  reflects  the  feeling  that  more  useful 
information  results  from  designing  a  few  configurations  in  some  depth, 
than  from  designing  many  configurations  superficially. 

For  design  purposes,  it  was  decided  to  concentrate  on  Set  2  ephem- 
eris  errors.  This  choice  waa  made  for  two  reasons.  First,  it  was  the 
median  aet  (i.e.  ,  it  waa  neither  the  moat  optimiatic  nor  the  most  pessi¬ 
mistic  set  of  values),  and  second,  STL  studies  indicate  that,  with  available 
improvements,  SPADETS  can  achieve  that  accuracy  in  the  near  future.  It 
should  therefore  be  kept  in  mind  that  substantially  all  of  the  information 
presented  in  this  chapter  refers  to  homing  stages  which  arc  sized  for  Set2 
ephemeria  errors. 


Three  homing  st&ge  ecntor  technique*  were  explored — active  radar, 
Munlight  reflection  aensing,  and  passive  infrared  sensing.  As  is  discussed 
in  Chapters  4.  5,  and  6  of  this  report,  all  of' these  sensing  approaches 
appear  feasible,  subject  to  the  availability  of  suitable  infrared  detector 
array*  and  detector  cooling  techniques.  From  a  configurational  design 
point-of-view  the  sunlight  reflection  tracker  and  the  infrared  tracker  are 
so  similar  with  respect  to  size  and  weight  of  the  subsystem  package  that 
the  resulting  homing  stage  designs  would  be  so  similar  to  each  other  that 
separate  design  efforts  did  not  seem  warranted.  The  ensuing  discussion 
will  therefore  be  concerned  with  a  radar  sensing  stage,  and  an  electro* 
optical  sensing  stage,  where  information  relating  to  the  latter  is  applicable 
to  either  sunlight  sensing  or  infrared  sensing  stages. 

Finally,  a  design  ground  rule  had  to  be  adopted  with  respect  to  the 
required  warhead.  Generally,  two  kinds  of  warheads  were  considered: 
body  fixed,  nonluzed  plate  slap  warheads,  and  fuzed  pellet  warheads.  Con¬ 
figurational  studies  indicate  that  body  fixed  warhead*  are  confined  to  radii 
near  8  feet,  suggesting  that  this  warhead  approach  is  suited  only  to  homing 
stages  which  achieve  low  terminal  miss  values  (of  the  order  to  3  feet  Is). 
Since  such  miss  performance  can  be  achieved,  if  at  all,  only  by  a  homing 
stage  equipped  with  an  extremely  low  noise  level  tracker,  the  plate  slap 
warhead  concept  was  explored  in  context  with  the  electro-optical  sensing 
homing  stage,  the  resulting  stage  design  is  summarized  in  Figure  11-1. 

The  deployed  pellet  warhead  approach  is  suitable  to  situations  where 
the  rms  therminal  miss  exceeds  3  feet,  ai  is  the  case  with  the  radar  sens¬ 
ing  homing  stage  which  achieves  an  rms  miss  of  8  to  10  feet.  For  this 
reason,  the  radar  sensing  stage  design  included  a  fuzed  and  deployed  pellet 
warhead. 

As  is  discussed  in  Chapter  10.  the  size  of  plate  slap  warhead,  or  the 
size  of  the  deployed  pellet  cloud  at  the  instant  of  target  kill,  is  a  function 
of  the  attack  geometry,  and  most  important,  it  is  a  function  of  the  expected 
misb.  The  composition  of  the  warhead  (i.e.  ,  how  many  pellets  and  what 
individual  pellet  mass)  is  a  function  of  target  size  and  target  hardness. 

The  target  size  assumptions  made  correspond  to  the  data  included  in  the 
ARPA  rrograii,  Guide. 
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The  bulk  of  the  radar  aenaing  configurational  design  effort  centered 
around  a  pellet  warhead  weighing  66  pounds.  This  warhead  consisted  of- 
6  g  metallic  pellets  deployed  explosively  in  a  conical  shape,  as  discussed 
in  Chapter  10.  A  6.g  pellet  impacting  at  relative  velocities  ranging  from 
10,  000  to  22, 000  ft/ sec  is  lethal  against  all  but  extremely  hard  targets. 

Much  lighter  pellets  would  be  lethal  against  current  U.S.  satellite  designs. 
Indeed,  some  data  suggest  that  6  g  pellets  impacting  at  such  velocities  are 
lethal  against  current  U. S.  re-entry  vehicles.  Thus,  the  66  pound  pellet 
warhead  appears  adequate  against  all  but  the  hardest  targets.  The  result¬ 
ing  stage  design  is  summarized  in  Figure  11-2. 

Late  in  the  SIS  study  emphasis  shifted  to  heavily  armored  target 
vehicles  which  require  pellet  masses  as  high  as  100  g  to  achieve  kill.  Cor¬ 
responding  warhead  weights  for  radar  sensing  homing  stages  rise  to  about 
250  pounds.  Information  presented  near  the  end  of  this  chapter  and  pertain¬ 
ing  to  a  radar  sensing  homing  stage  with  a  250  pound  warhead  was  obtained 
by  extrapolation  from  the  radar  stage  design  with  a  66  pound  pellet  warhead. 

In  summary,  the  electro-optical  homing  stage  with  plate  slap  warhead 
is  estimated  to  weight  597.4  pounds.  The  radar  sensing  stage  with  a  66 
pound  pellet  warhead  is  estimated  to  weight  961  pounds.  The  radar  sens¬ 
ing  stage  with  a  250  pound  pellet  warhead  is  estimated  to  weight  1290 pounds. 
All  of  the  foregoing  estimates  apply  to  stages  designed  to  cope  with  Set  2 
ephemeris  errors. 

The  utilization  of  any  of  the  above  mentioned  homing  stages  requires 
the  use  of  a  suitable  fairing  to  protect  the  homing  stage  during  the  powered 
flight  portion  of  the  boost  trajectory.  The  requirements  placed  upon  this 
fairing  are  a  function  of  the  ascent  trajectory  and  become  fairly  severe 
when  one  wishes  to  fly  a  very  depressed  trajectory  to  achieve  maximum 
lateral  reach  against  low  altitude  targets.  A  preliminary  design  study  of 
such  a  fairing  and  the  adapter  was  carried  out  for  a  Minuteman  boost 
vehicle.  This  study  is  summarized  in  Section  11.5  of  this  chapter  where 
it  is  shown  that  the  fairing  weight  is  estimated  at  217  pounds.  It  shotild 
be  kept  in  mind  that  this  fairing  weight  is  payload  to  the  boost  vehicle,  no 
less  so  than  the  homing  stage  itself. 


Effort  was  expended  to  investigate  the  structural  compatibility 
between  the  various  homing  stage  designs  and  the  boost  vehicles  con¬ 
sidered.  With  respect  to  Polaris,  this  effort  was  hampered  by  the  lack  of 
sufficient  information.  With  respect  to  Minuteman,  the  following  facts 
emerged.  No  significant  diffictilties  arise  from  increase  in  pure  payload 
weights.  Were  one  able  tp  package  a  1500  pound  payload  into  the  present 
re-entry  vehicle  (R/V)  envelope,  no  significant  Minuteman  structural 
modifications  would  be  necessary. 

Unfortunately,  it  is  not  possible  to  package  the  homing  stage  into  ' 
precisely  the  present  R/V  envelope.  As  a  result,  the  fairing  would  not 
conform  to  the  present  R/V  contour.  As  shown  in  this  chapter,  homing 
stage  fairings  are  shorter  but  maintain  maximum  diameter  longer  than  is 
the  case  for  the  weapon  system  R/V.  To  the  extent  that  problems  can  be 
expected,  they  will  occur  as  a  result  of  shifts  in  the  center  of  pressure, 
since  such  shifts  can  create  structural  problems  due  to  aerodynamics  ' 
which  arise  when  peak  side  winds  induce  angle  of  attack  at  conditions  of 
maximum  q.  In  short,  structural  problems  corne  abovit  due  to  aerodynamici 
and  not  due  to  pure  payload  weight  increases. 

Study  indicates  that  no  severe  problems  are  to  be  expected  with 
either  the  electro- optical  stage  or  the  radar  stage  with  a  66  pound  pellet 
warhead.  When  one  gets  to  the  1300  pound  stage,  however  (radar  and 
250  pound  warhead),  the  fairing  must  be  elongated  by  about  14  inches  and 
now  structural  problems  can  be  expected.  These  problems  would  require 
strengthening  of  the  guidance  and  control  compartment  and  strengthening 
of  the  upper  end  of  the  third  stage.  Of  these  two  modifications,  the  first 
is  easily  achieved,  but  the  second  is  not  and  conceivably  could  require  a 
fairly  comprehensive  Stage  3  redesign. 

It  is  probably  obvious  that  no  structural  problems  exist  in  connection 
with  Titan  11.  On  the  contrary,  certain  guidance  changes  would  be  required 
because  even  a  1500  pound  payload  is  too  low  for  the  Titan  II  boost  vehicle. 

11.2  GENERAL  VEHICLE  CONSIDERATIONS 

The  homing  stage  concepts  that  appear  in  this  report  are  vehicles 
tailored  and  sized  to  satisfy  the  satellite  intercept  mission  requirements 
with  Set  2  ephemeris  errors.  The 'proposed  guidance  technique,  bias 


proportional  navagatiou.  is  best  satisfied  by  the  use  of  a  variable  thrust ' 
engine  which  can  introduce  thrust  in  any  commanded  direction  normal  to 
the  tracker  line -of- sight  (LOS).  To  accomplish  this  with  a  single  engine, 
the  vehicle  is  equipped  with  a  reaction  control  subsystem  capable  of 
rolling  the  vehicle  around  the  nominal  LOS  to  properly  position  the  engine 
thrust  vector.  The  tracker  is  gimbal  mounted  with  full  freedom  in  roll 
and  limited  freedom  in  pitch  and  yaw. 

Two  widely  differing  acquisition  and  tracking  techniques  were  selected: 
an  electro-optical  system  and  a  radar  system.  The  electro-optical 
system  utilizes  an  orthicon  camera  with  simple  optics  mounted  on  a  gim- 
baled  platform  which  is  designed  to  measure  target  racking  angular  rates, 
from  which  desired  thrust  magnitude  and  direction  are  computed.  The  radar 
vehicle  utilizes  two  antennas,  a  large  planar  array  for  target  acquisition, 
subsequent  target  illumination  and  a  small  gimbaled  dish  for  angle  track¬ 
ing.  The  two  tracking  systems  require  different  vehicle  configurations 
because  of  a  wide  variation  in  payload  weight,  and  subsystem 'requirements, 
such  as  the  unfurlable  radar  antenna. 

Of  the  two  warhead  concepts  investigated  and  reported  in  Chapter  10, 
the  passive  device  was  deemed  appropriate  to  the  smaller  electro- optical 
homing  stage  which  achieves  lower  miss  and  where  warhead  stowage  space 
was  available.  The  densely-packed  (66  pounds)  explosive  warhead  was 
appropriate  to  the  larger  radar  equipped  homing  stage  which  is  surrounded 
by  an  unfurlable  planar  array  antenna.  In  the  stowed  position,  this  antenna 
uses  the  space  occupied  by  the  passive  warhead  on  the  other  vehicle.  The 
explosive  warhead  could  easily  be  adapted  to  the  electro-optical  vehicle  but 
considerable  difficulties  would  arise  from  a  passive  warhead/radar  tracker 
combination. 

The  homing  stage  was  primarily  shaped  to  fit  on  Wing  11  or  Wing  IV 
Minuteman.  A  fairing  and  adapter  section  were  designed  to  complete  the 
interface  definition.  With  modifications,  these  vehicles  could  be  adapted 
to  other  boosters  such  as  the  Polaris  A-2  or  A- 3.  Although  the  Polaris 
A'3  length  constraint  (Reference  1)  was  exceeded  to  satisfy  the  passive 
warhead  stowage  requirements,  tins  constraint  could  be  satisfied  by  a 
somewhat  modified  electro-optical  vehicle  equipped  with  an  internally 
mounted  explosive  warhead,  such  as  proposed  for  use  on  the  radar  equipped 
vehicle.  The  payloads,  could  easily  be  adapted  to  the  Titan  II. 
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The  selected  fairing  shape  is  a  cylinder-cone  hemisphere  with  its 
maximum  diar-aeter  matching  the  upper  end  of  the  Minuteman  Guidance  and 
Control  Section.  Overall  fairing  length  o£  119  inches  is  well  within  th« 
constraints  set  forth  in  the  Boeing  Booster  Symposium  document  (Refer¬ 
ence  1).  A  preliminary  load  analysis,  based  on  the  proposed  fairing  shape 
subjected  tc  tj.e  most  severe  trajectory,  shows  that  the  maximum  per¬ 
missible  weapons  systems  Minuteman  loads  are  not  exceeded  thereby  pre¬ 
cluding  the  need  for  any  major  Minuteman  structural  modifications.  A 
7 -inch  long  range  safety  equipment  section  between  the  payload  and 
Minuteman  Guidance  and  Control  Section  was  also  accounted  for  in  the 
loads  analysis.  The  foregoing  statement  refers  to  the  electro -optical 
stage  and  the  radar  stage  with  a  66  pound  pellet  warhead. 

11.2,1  Performance  Requirements 

Vehicle  acceleration  and  AV  requirements  are  mostly  determined  by 
the  selected  guidance  technique,  stage  optimization  and  target  ephemeris 
errors.  Implementation  of  the  electro-e^tical  guidance  technique  is 
accomplished  by  means  of  an  orthicon  camera  or  a  radar  target  tracking 
device  resulting  in  two  basically  different  vehicle  configurations  because 
of  differences  in  payload  weight  and  j^ayload  requirements.  Also,  the 
vehicles  optimized  at  slightly  different  AV  and  thrust  to  weights  ratios. 
Engine  throttling  requirements,  however,  are  the  same  for  both  vehicles. 
The  following  criteria  formed  the  basis  for  these  designs: 


Electro-Optical 

Radar 

AV  (ft/ sec) 

4000 

3250 

F/Wq  (Ib/lb) 

6 

4 

160 

400 

Engine  throttling 

range  10/1 

10/1 

Warhead  type 

Passive 

Explosive 

Since  both  vehicles  utilized  the  same  basic  guidance  technique  they 
both  required  roll-to-control  capability.  This  maneuver  may  be  com¬ 
manded  and  needs  to  be  accomplished  with  the  main  engine  off. 


Also,  since  the  vehicle  requires  attitude  control  during  main  engine 
o£f  operation^  an. attitude  control  system  is  required.  In  general,  greater 
guidance  accuracy  is  expected  with  the  electro'optical  tracker  subsystem 
resulting  in  reduced  miss  at  intercept.  For  this  reason,  the  passive  kill 
mechanism  which  is  size  limited  was  associated  with  this  vehicle.  Since  . 
it  was  desired  to  also  investigate  an  explosive  warhead,  it  was  utilized  on 
the  radar  equipped  vehicle,  which  requires  a  larger  fragment  pattern  at 
intercept  because  of  larger  miss  distances. 

11.2.2  Parametric  Weight  Analysis 

A  versatile  tool  for  vehicle  sizing  and  performance  analysis  is  a 
parametric  weight  analysis.  Such  an  analysis  can  be  initiated  with  a 
minimum  of  vehicle  design  criteria,  such  as  approximate  payload  weight 
range,  estimated  vehicle  AV  and  acceleration  requirements,  engine  type, 
propellant  tank  shape  and  any  vehicle  shape  or  size  constraints.  The 
results  Of  earlier  vehicle  subsystem  designs  provide  a  background  of  para¬ 
metric  data  which  is  used  to  size  the  new  vehicle.  Upon  completion  of 
vehicle  design  layouts,  a  refined  physical  properties  study  can  then  be 
conducted. 

Such  a  parametric  study  was  undertaken  for  the  homing  stage  in 
question  to  establish  approximate  payload  capability.  The  following  range 
of  design  parameters  was  assumed: 

Vehicle  Cross  Weight  500  to  4000  lb 

Thrust  to  Weight  Ratio  5  to  10 

Ideal  Velocity  Capability  1000  to  11,000  ft/sec 

Chamber  Pressure  100  to  1400  psia 

Engine  Exit  Diameter  28  inches 

Propellant  Tank  Shape  Spherical 

Subsystem  weight  and  performance  relationships  used  for  this  study 
are  shown  in  Figures  11-3  to  11-10,  and  were  obtained  from  Reference  2 
and  3. 


W,  INCLUDCSi  PROPULANT  TANKS 
*  PRISSURIZATION  GAS  W/TANK 

ICSIDUAI  PtOrUlANT 


GtOSS 


Payload  (WpjJ  i«  defined  aa  that  weight  remaining  for  a  given  groa 
weight,  after  accounting  for  the  weight  of  atructure,  propellant,  Unkage, 
engine,  and  attitude  control  subsystem  (less  electronics).  Other 
nomenclature  is  as  follows: 


Wq* 

Vehicle  gross  weight 

lb 

Payload  weight 

lb 

.Wp  = 

Propellant  weight 

lb 

Tankage,  pressurization,  residual 

propellant  weight 

.  lb 

Engine  weight 

lb 

Structure  and  temperature  control 

weight 

lb 

^AC  “ 

Attitude  control  subsystem  weight 

(leas  electronics) 

lb 

AV  s 

Ideal  velocity  capability 

ft/  sec 

F  s 

Thrust 

lb 

*SP  “ 

Specific  impulse 

sec 

D  = 

c 

Engine  exit  diameter 

Inch 

Chamber  pressure 

psia 

Propellant  tank  pressure 

psia 

To  illustrate  the  usefulness  of  this  analysis,  an  example  starting 
with  payload  weight  derivation  for  a  given  set  of  design  criteria  follows: 


1000  lb 

AV  = 

3000  ft/ sec 

F/Wq  = 

7 

400  psia 
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Chamber  pressure  optimizations  resulted  from  plotting  payload 
■weight  (Wpj^)  versus  chamber  pressure  and  gross  weight  (Wq)  for 

various  combinations  of  vehicle  design  criteria  as  shown  in  Figures  11-11 
through  11-22.  Figure  11- IS  indicates  that  the  chamber  pressure  of  400 
psia  is  optimum  for  the  above  derived  example  payload  weight  of  369pounds.  \ 
Exchange  ratios  showing  the  effect  on  payload  of  designing  for  other  than 


optimum  chamber  preeaure  are  given  in  Figures  11-23  and  11-24.  For  the 
above  example.  Figure  11-24  shows  that  only  0.06  pound  o£  payload  loss 
per  psia  increase  will  be  incurred  if  it  it  desired  to  design  to  a  higher 
chamber  pressure  to.  say.  reduce  engine  envelope  requirements. 

Payload  weight  (Wp^^)  versus  thrust  to  weight  ratios  (F/Wq)  for 
optimum  chamber  pressures  are  shown  in  Figures  11-25  through  11-28,  ' 
Similar  cross  plots  of  versus  and  versus  AV  appear  in 

Figures  11-29  through  11-36. 

Results  obtained  from  the  parametric  weight  analysis  served  as  a 
basis  for  vehicle  sizing  and  system  optimization. 


Figure  ll-il.  WpL  Versus  Pr  and  Wq  for  F/Wq  *  7 
and  AV  =  11,000 


Figure  1  l‘lZ.  WpL  Versus  and  Wq  for  F/Wq  =  10 
and  AV  =  11,000 
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figure  11-29.  Wijj  Versus  Wq  for  Figure  11-30 
F/Wl  =3.3  and  AV  = 


H.2.3  Vehicle  Structure 

The  basic  structure  £or  the  electro-optical  homing  stage  is  a  primary 
outer  shell  of  monocoque  construction.  The  engine,  equipment  panels, 
tanks,  attitude  control  engines  and  tracker  support  structure  as  well  as 
the  aft  cone  are  secured  to  this  structure  through  appropriate  rings,  webs, 
flanges,  etc.,  as  shown  in  Figure  11-37. 

The  gimbaled  tracker  mounting  panel  is  of  sandwich  construction  and 
mounts  on  the  forward  end  of  the  tracker  support  structure.  A  "V"  shaped 
sheet  metal  bracket  attached  to  the  tracker  support  structure  provides 
additional  support  for  the  overhanging  portion  of  the  tracker  mounting 
panel. 

The  two  roll  Control  engines,  which  deploy  after  separation  from 
the  boost  vehicle,  are  mounted  on  arms  hinged  from  brackets  secured  to 
the  vehicle’s  aft  cone  structure.  The  hinge  brackets  are  located  just  above 
the  shaped  charge  separation  device.  These  brackets,  with  doublers, 
serve  to  reinforce  the  discontinuous  aft  cone’s  lower  structural  ring  which 
is  interrupted  to  allow  clearance  for  the  extended  arms.  The  arms  are 
shaped  such  that  the  roll  control  engines  stow,  cross-arm,  in  the  cavity 
of  the  main  engine  nozzle  extention.  They  are  deployed  by  means  of  tor¬ 
sion  spring  motors  and  latch  in  the  extended  position. 

The  aft  cone  provides  the  structural  connection  to  the  booster 
(hiinuteman).  Separation  is  accomplished  by  means  of  a  shaped  charge 
which  severs  the  aft  cone  a  tew  inches  above  the  main  engine  exit. 

The  radar  equipped  vehicle  utilizes  a  similar  structural  arrangement 
below  the  main  propellant  tank  but  its  structure  differs  considerably  above 
the  tank  to  accommodate  the  radar  subsystem  as  shown  in  Figure  11-38. 
Both  vehicles  utilize  the  space  around  the  main  engine  for  equipment 
mounting  panels.  Access  to  these  panels  is  provided  by  the  use  of  struc¬ 
tural  doors  in  the  outer  shell.  The  engine  is  mounted  on  three  points 
equipped  with  leveling  screws  for  ease  of  engine  alignment.  Engine,  thrust 
load  is  fed  into  the  primary  outer  shell  through  three  sloping  radial  tension 
members  which  join  the  shell  at  the  aft  cone  to  cylinder  transition  frame. 


A  preliminary  stress  analysis  of  the  basic  primary  structure  was 
performed  using  the. vehicle  physical  properties  defined  in  the  appropriate 
section.  The  analysis  was  conducted  with  sufficient  detail  to  accomplish 
the  following  objectives: 

s  Establish  that  adequate  structural  strength  and  rigidity  has 
been  provided  in  the  vehicle  designs. 

•  Establish  structural  member  sizes  with  sufficient  accuracy 
to  permit  realistic  weight  estimates. 

The  critical  structural  design  conditions,  load  factors,  and  results 
of  the  stress  analysis  follow.  Included  are  definitions  of  major  load  paths, 
material  selection  criteria,  and  the  basis  for  establishing  structural 
member  sizes.  The  two  subject  vehicle  structural  designs  appear  in 
Figures  11-37  and  11-38  where  the  essential  structural  elements  are 
defined: 

•  Limit  Loads  are  defined  as  the  maximum  loads  expected  in 
service,  including  uncertainties. 

•  Ultimate  Loads  are  those  used  for  design  and  analysis  to 

•  assure  design  adequacy  for  limit  loads.  They  are  equal 

to  the  product  of  limit  load  and  the  ultimate  factor  of  safety. 
Failure  must  not  occur  at  ultimate  load. 

• 

fabrication.  The  values  used  in  this  analysis  are  as  follows: 

•  Ultimate  Factors  of  Safety: 

•  Primary  Structures  1.25 

•  Pressure  Vessels  (for  burst)  1.50. 

Material  design  mechanical  properties  selected  for  the  basic  primary 
structure  are  summarized  in  Table  11-1. 

Minimum  gauge  in  each  structural  member  was  selected  as  the 
maximum  thickness  based  on  three  separate  requirements: 

•  Minimum  thickness  for  manufacturing  and  processing 

s  Minimum  thickness  to  insure  ruggedness  during  handling, 
transportation,  and  ,>rcl.^unch  conditions 

•  Minimum  thickness  to  obtain  required  strength  and  rigidity 


Factors  of  Safety  arc  used  to  account  for  all  uncertainties 
in  the  design  analysis,  material  properties  and  variations  in 
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Table  11-1.  Material  Design  Mechanical  Properties 


Alloy 

Magnesium 

AZ31B 

Magnesium 

ZK60A 

T  Itanium 
6A1  4V 

Epoxy 

Class 

Laminate 

Form 

Sheet 

Hollow 

Extrusion 

Sheet 

. 

Condition 

H24 

J 

1 

1 

T5 

Treated 

Temperature 

RT 

- 

RT 

RT 

400®F 

F.  ksi 
tu 

39 

46 

160 

F,  ksi 

ty 

29 

38 

. 

145 

F  ksi 
cy 

24 

26 

■ 

35 

Elong  (in  2“)  It 

6 

4 

* 

E  10^  psi 

1 _ 

6.  5 

6.  5 

16.  5 

r. — - 

2.  5 

The  design  limit  load  factors  for  this  vehicle’s  primary  itructure 
are  as  follows: 

■  •  Powe ted  Flight  of  Minuteman  Booster 

•  Along  booster  axis  15.4  g's 

•  Normal  to  booster  axis  1.0  g's 

The  critical  condition  during  the  powered  flight  of  the 

Minuteman  booster  occurs  during  third  stage  burnout. 

•  Homing  Stage  Main  Engine  Firing 

•  Engine  thrust  (maximum)  3600  lb 

One  basic  internal  load  analysis  was  conducted  for  the  primary 
structure  of  both  the  electro-optical  and  the  radar  vehicle.  Combinations 
of  mass  distributions  from  both  designs  were  chosen  such  that  maximum 
envelope  loads  resulted.  This  approach  is  admittedly  conservative  but 
was  used  to  minimize  detailed  analysis. 
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For  ease  of  presentation,  each  major  structural  element  is  discussed 
separately.  Unless  otherwise  stated*  the  structural  element  is  applicable 
to  both  the  electro>optical  as  well  as  the  radar  vehicle. 

11.2.3.1  Aft  Cone 

The  aft  cone  is  located  just  forward  of  the  Minuteman  booster  inter¬ 
face  and  supports  the  entire  homing  stage.  Integral  with  the  aft  cone  is 
the  linear  shape  charge  separation  system.  Critical  loading  of  the  aft 
cone  occurs  during  burnout  of  the  third  stage  Minuteman  booster.  At  this 
time,  the  aft  cone  is  subjected  to  an  ultimate  maximum  axial  load  of 
17,  830  pounds  combined  with  an  ultimate  bending  moment. of  62,  800  in<lb. 
The  selected  design  is  a  monocoque  structure  of  A2  31B-H24  magnesium 
alloy  whose  thickness  is  0.053  inch.  The  allowable  compressive  working 
stress  is  5970  pounds  per  square  inch  and  the  allowable  axial  load  equiv¬ 
alent  is  25,  800  pounds.  With  straight  line  interaction  between  axial  and 
bending  the  corresponding  ultimate  margin  of  safety  is  slightly  above 
0  percent.  Monocoque  standard  aircraft  type  construction  was  selected 
because  of  its  simplicity  and  ease  of  fabrication.  Magnesium  alloy 
AZ  31B-H24  was  selected  because  of  its  favorable  strength,  stiffness,  and 
low  density. 

11.2.3.2  Central  Cylinder 

11.2.3.2.  1  Lower  Cylindrical  Section  and  Equipment  Bay.  The  central 
cylinder's  lower  cylindrical  section  and  equipment  bay  houses  the  main 
engine  and  all  or  a  portion  of  the  required  electronic  equipment. 

In  addition,  in  the  electro- optical  vehicle  the  same  regions  provide 
support  for  the  external  payload  (passive  kill  mechanism)  while  in  the  radar 
vehicle  the  same  regions  provide  support  for  the  external  planar  array 
antenna.  Critical  loading  for  the  basic  structure  occurs  during  the  burn¬ 
out  of  the  third  stage  Minuteman  booster.  At  this  time  the  lower  cylin¬ 
drical  section  is  subjected  to  an  ultimate  maximum  axial  load  of  17,850 
pounds  combined  with  an  ultimate  bending  moment  of  49,600  inch  pounds. 
Following  the  same  design  philosophy  as  the  aft  cone  structure,  the  lower 
cylindrical  section  and  equipment  bay  consist  of  a  magnesium  alloy 
AZ  31B-H24  monocoque  design  of  0.050  inch.  The  allowable  compressive 
working  stress  is  7280  pounds  per  square  inch  and  the  allowable  axial  load 
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equivalent  is  27,400  pounds.  The  corresponding  ultimate  margin  of  safety 
is  3  percent.  Since  the  equipment  bay  external  closure  panels  mast  be. 
removed  for  access  to  the  internal  compartnaents,  three  basic  tee  longe* 
rons.  and  two  rings  have^been  provided  for  structural  support  wben  the 
panels  are  removed.  In  addition,  structural  type  fasteners  are  supplied 
at  all  attach  points  for  ptoper  load  transfer  through  the  cquipnaent  bay 
shell  sections. 

The  homing  stage  main  engine  is  mounted  on  three  points  at  tlie  inner 
equipment  bay  closure  panel.  Engine  thrust  loads  are  reacted  directly 
through  the  three  engine  mounts  down  through  the  three  sluing  radial 
members  located  within  the  lower  cylindrical  section.  Engine  firing  loads 
are  not  critical  except  for  local  attach  structures. 

The  equipment  platform  is  presently  designed  to  be  of  sandwich  con¬ 
struction  and  is  stabilized  and  structurally  supported  by  the  three  equally 
spaced  radial  webs  which  extend  and  taper  into  the  lower  cylindrical  section 
These  webs  also  form  part  of  the  engine  reaction  members. 

11.2.  3.2.2  Upper  Cylindrical  Section.  The  upper  cylindrical  section 
houses  the  pressurization  tank  as  well  as  the  lower  half  of  the  propellant 
tank  on  the  radar  vehicle.  In  the  electro-optical  vehicle  the  upper  cylinder 
houses  the  pressurization  tank  and  the  lower  half  of  the  propellant  tark. 

In  addition,  the  upper  cylindrical  section  also  helps  support  the  external 
planar  antenna  of  the  radar  vehicle  and  the  external  payload  of  the  electro- 
optical  vehicle.  Critical  loading  occurs  during  burnout  of  the  third  stage 
Minuteman  booster.  At  this  time  the  upper  cylindrical  section  is  sub¬ 
jected  to  an  ultimate  maximum  axial  load  of  14,  330  pounds  combined  wik 
an  ultimate  bending  moment  of  24,  400  inch  pounds.  Followiag  thq  same 
design  philosphy  as  the  aft  cone  structure,  the  upper  cylindrical  section 
consists  of  a  magnesium  alloy  AZ  31B>H24  monocoque  design  of  0.042  inch. 
The  allowable  compressive  working  stress  is  5780  pounds  per  square  inch 
and  the  allowable  axial  load  equivalent  is  18,  320  pounds.  Determining  the 
margin  as  in  the  aft  cone,  the  corresponding  ultimate  margin  of  safety  is 
slightly  above  0  percent. 


The  spherical  hipropellant  tank,  la  mounted  at  its  circumference  on 
the  upper  cylindrical  section.  The  tank  diameter  is  Z4  inches  and  is  fab> 
ricated  from  heat  treated  6A1'-4V  titanium  alloy.  Critical  design  condi¬ 
tion  for  the  bipropellant  tank  is  the  750  psi  ultimate  burst  pressure-  Cor¬ 
responding  basic  tank  wall  thickness  for  this  pressure  is  0. 029  inch  based 
on  a  heat  treated  material  tensile  ultimate  strength  of  160,  OOO  psi.  Local 
thickening  to  0. 015  inch  will  be  required  at  the  circumferential  weld  land 
and  support  ring  due  to  discontinuity  stresses  and  local  annealing. 

11.2.3.4  Pressurixation  Tank 

The  toroidal  pressurixation  tank  is  mounted  at  its  outer  circumference 
on  the  upper  equipment  bay.  The  tank  has  an  outer  diameter  of  21  inches 
and  a  cross-sectional  radius  of  2.5  inches.  The  tank  is  fabricated  from 
heat  treated  6A1-4V  titanium  alloy.  The  critical  design  condition  for  this 
tank  is  the  6000  psi  ultimate  burst  pressure.  Corresponding  basic  tank 
wall  thickness  for  this  pressure  varies  from  0. 116  inch  at  the  inner  radiuis 
to  0. 083  inch  at  the.  outer  radius.  These  thicknesses  are  based  on  a  heat 
treated  material  tensile  ultimate  strength  of  160, 000  psi.  Local  thicken¬ 
ing  to  0. 142  inch  and  0. 102  inch  for  the  inner  and  outer  radii  respectively 
will  be  required  at  the  weld  lands  and  support  ring  due  to  discontinuity 
stresses  and  local  annealing. 

11.2.3.5  Tracker  Support  Structure  for  Electro-Optical  Vehicle 

The  tracker  support  structure  for  the  electro-optical  vehicle  is 
located  over  the  forward  half  of  the  propellant  tank.  Critical  loading  of 
the  tracker  support  structure  occurs  during  the  burnout  of  the  third  stage 
Minuteman  booster.  At  this  time  the  tracker  support  structure  is  sub¬ 
jected  to  an  ultimate  maximum  axial  load  of  771  pounds  combined  with  an  . 
ultimate  bending  moment  of  1400  in-lb.  Following  a  similar  design  philos¬ 
ophy  as  the  aft  cone  structure,  the  tracker  support  structure  consists  of  a 
magnesium  alloy  AZ  31B-H24  monocoque  design  of  0.025  inch  minimum 
gage.  The  allowable  compressive  working  stress  is  3123  psi  and  the 
allowable  axial  load  equivalent  is  4910  pounds.  Being  of  minimum  gage 
design,  the  corresponding' ultimate  margin  of  safety  is  high. 


11.2. 3.6  Tracker  Support  Structure  for  the  Radar  Vehicle 


The  tracker  support  structure  for  the  radar  vehicle  ie  located  forward 
of  the  upper  cylindrical  section.  Critical  loading  of  this  structure  occurs 
during  the  burnout  •it  the  third  stage  Minuteman  booster.  At  this  time,  it 
is  subjected  to  an  ultimate  maximum  axial  load  of  1240  pounds  combined 
with  an  ultimate  bending  moment  of  2110  in>lb.  Component  mounting 
allowed  only  clearance  for  a  deep  tee*type  cross  section  design  structure. 
Minimum  gage  extruded  square  sections  were  chosen  as  cap  members  for 
this  tee  section.  Square  sections  were  selected  for  ease  of  attachment 
while  at  the  sane  time  maintaining  good  column  stability  characteristics. 
Sections  selected  consist  of  1  inch  square  by  0.  035  inch  thick  extruded 
and  chemical  milled  magnesium  alloy  ZK  60A>TS  tubes.  The  critical  tube 
compressive  stress  is  21,  500  pounds  per  square  inch  based  on  column  fail¬ 
ure  assuming  pinned  ends.  The  maximum  applied  compressive  stress 
under  the  aforemention  booster  burnout  environment  is  12, 120  psi.  Thus, 
the  ultip^ate  margin  of  safety  is  high. 

11.2.  3.7  Other  Structural  Elements 


An  analysis  of  the  gimbaled  platform  structural  components  was 
Conducted  to  establish  structural  stiffness  requirements  (see  Section 
11.2.4).  The  results  of  a  structural  analysis  of  the  utifurlable  passive  kill 
mechanism  were  included  in  Chapter  10,  Paragraph  10.1.2. 

11.2.4  Propulsion  Systems 

Propulsion  systems  for  the  homing  stage  mission,  based  on  docu¬ 
mented  rocket  engine  technologies  at  STL,  are  defined  in  this  section. 
Three  principles  of  impulse  reaction  are  utilized:  bipropellant  variable 
thrust,  bipropellant  pulse  modulation,  and  cold  nitrogen  jets.  Augmenting 
the  thrust  units  are  propellant  tankage,  positive  expulsion  devices,  a  pres¬ 
surization  subsystem,  and  associated  controls. 

Coincidentally,  the  two  basic  vehicles  under  study,  a  homing  stage 
equipped  with  an  electro-optical  tracker  and  one  equipped  with  a  radar 
tracker,  require  nearly  identical  thrust  levels  and,  therefore,  utilize  the 
same  main  engine.  Restartable,  variable  thrust  engines  in  this  thrust 
range  are  feasible;  in  fact,  engines  with  somewhat  higher  thrust  (5000  and 
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10,  000  lb)  are  presently  under  development  at  STL  vm  part  of  the  Lunar 
Elxcursion  Module  program.  Lower  thrust  level  prototype  engines  of  this 
type  have  already  been  satisfactorily  tested  at  STL.  Based  on  an  optimized 
selection  of  specific  impulse  tvnd  thrust  requirements  for  the  homiiig  stage 
and  preliminary  design  analysis  of  the  selected  thrust  units,  the  following 
approach  is  suggested. 

The  main  engine  will  be  an  ablatively  cooled,  solenoid- actuated, 
bipropeilant  variable-thrust  (10:1)  engine  utilizing  direct  liquid  injection. 
Vehicle  pitch  and  roll  control  is  provided  by  radiation- cooled  pulse- 
modulated  bipropellant  engines.  Yaw  attitude  control  is  provided  by  four 
cold  gas  reaction  nozzles.  The  engines  are  designed  to  respond  in  an. 
automatic  control  loop.  If  necessary,  the  system  can  be  provided  with 
external  propellant  dump  devices  for  missions  requiring  such  capability.. 
Spherical  propellant  tanks  with  positive  expulsion  devices  and  nitrogen 
pressurization  are  utilised. 

Many  specific  problems  associated  with  the  development  of  the  main 
engine  for  this  application  were  solved  or  are  being  solved  in  support  of 
STL*s  variable  thrust  LEM  engine  for  the  Apollo  mission,  and  the  STL 
150  pound  variable  thrust  chamber  assembly  for  the  Surveyor  engine  which 
is  now  in  its  final  phase  of  development  at  STL.  Use  of  the  Surveyor  and 
LEM  engine  technology  can  result  in  considerable  reduction  in  this  engine's 
development  time  and  cost. 

Mission  criteria  utilized  in  the  analysis  of  the  optimum  propulsion 
configuration  for  a  typical  intercept  trajectory  gave  consideration  to  the 
total  energy  required  by  the  vehicle  for  homing  dV  and  attitude  control. 
Thrust  selection  for  attitude  control  was  based  on  vehicle  angular  accelera¬ 
tion  requirements  and/or  predicted  main  engine  thrust  to  vehicle  center  of 
gravity  misalignment.  A  total  homing  period  of  90  seconds  was  assumed 
a  conservative  estimate. 

Parametric  weight  and  mission  error  analysis  yield  an  optimum 
thrust  of  3600  pounds  for  the  main  engine,  at  400  psi  chamber  pressure. 

The  engine  is  required  to  deliver  4000  ft/ sec  AV  for  the  electro-optical 
vehicle,  and  32SO  ft/sec  for  the  radar  configuration.  Table  11-2  is  a  list 
of  criteria  for  pitch,  yaw,  and  roll  attitude  control  engine  analysis. 
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Table  11-2.  Attitude  Control  Subeyetem 


Electro-Optical  Vehicle 

Design  Criteria 

RoU 

Pitch 

Yav. 

Thrust,  lb  each 

55 

43.0 

5.0* 

Moment  Arm,  ft 

4.2 

2.1 

1.  8** 

Torque  lb- ft 

230 

90.0 

9.0 

Initial  Moment  of  Inertia, 

slug-ft^ 

115 

35 

93 

Total  Energy,  Ib-ft  sec 

8000 

3800 

500 

Radar  Vehicle 

Roll 

Pitch 

Yaw 

Thrust,  lb 

Moment  Arm,  ft 

3.25 

32.5 

1.05 

Torque,  Ib-ft 

204 

36.0 

4.0 

Initial  Moment  of  Inertia, 

slug-ft^ 

102 

100 

15 

Total  work,  ft- lb/  sec 

8000 

1700 

200 

♦  Each  Thruster 

**  Couple  lever  arm  (two  thrusters) 

11,2.4.1  System  Description  . 

A  number  of  previous  STL  conducted  studies  of  propulsion  system 
requirements  for  similar  vehicles  and  the  results  of  those  studies  are 
applicable  to  the  homing  stage.  Typical  STL  low-thrust  hot  and  cold  gas 
propulsion  systems  are  used  as  the  basis  for  this  homing  stage  attitude 
control  design.  The  bipropellant  and  cold  gas  propulsion  flow  diagram, 
Figure  11-39,  shows  the  energy  conversion  portion  of  an  all-pressure-fed 
system.  .\11  components,  exclusive  of  the  electronic  controls  which  are 
discussed  elsewhere  in  this  report,  are  included. 

A  torus  type  pressurization  tank  supplies  nitrogen  at  480  psi  for 
propellant  tank  pressurization,  and  for  the  yaw  control  nozzles.  The 
pressure  regulator  reduces  pressure  from  an  initial  4000  psi  to  a  con? 
tinuous  480  psi  supply  at  the  required  discharge  flow  rates. 


Figure  1I-S9.  Propulelon  Syetem  Schematic 


The  hiprapellant  fuel  and  oxidizer  tank  is  equipped  with  positive 
expulsion  devices  and  a  metal  separation  bulkhead  clamped  between  the 
flanged  hemispheres.  Plumbing  elements  shown  are  shutoff  valves  for 
each  fill  and  purge  line,  nitrogen  regulator  and  relief  valve,  filters,  and  . 
check  valves. 

The  tanks  are'  filled  as  follows:  Make  connection  to  propellant  load¬ 
ing  equipment  at  the  dump  valves:  open  the  tank  vent  valves;  load  propel¬ 
lant  one  at  a  time  as  indicated  by  the  equipment  loading  procedures.  After 
both  sides  of  the  spherical  tank  are  filled  or  evacuated,  the  fill  connections 
are  closed  .and  capped.  Propellant  loading  can  be  accomplished  prior  to 
or  after  the'homing  stage  is  installed  on  the  boost  vehicle.  . 

11.2.4.2  Propellants  and  Performance 

The  mission  requires  reasonably  high  performance,  storable,  liquid 
propellant.  Hypergolic  ignition  for  the  bipropellant  engines  is  also  desir¬ 
able  for  reliable  on-off  operation.  The  same  propellant  must  also  be 
augmented  by  high  boiling  temperatures  and  must  be  consistent  with  engine 
selection  and  availability.  Since  those  requirements  can  best  be  met  with 
Aerozine-50  and  nitrogen  tetroxide,  no  detailed  propellant  tradeoff  study 
was  conducted  in  conjunction  with  this  program.  Such  a  study  for  a  some¬ 
what  similar  mission  was  conducted  for  BAMBl  and  reported  in  detail  in 
Reference  4.  Acrozine  and  N^O^,  for  which  the  STL  engine  is  designed,, 
easily  satisfy  the  homing  stage  mission  requirements  and  result  in  a 
simple,  reliable  propulsion  system  without  concern  of  special  system 
development  programs.  Propellant  physical  and  chemical  properties  are 
listed  in  Table  11-3. 

Table  il-3.  Propellant  Physical  and 
Chemical  Properties 


Properties 

A- 50 

^1% 

Boiling  Point,  *’f 

170 

70 

Freezing  Point,  ®F 

18 

11.8 

Density  at  70®F,  Ib/ft^ 

53.6 

92.0 

Vapor  Pressure  at  70®F,  psi 

2.5 

14.4 

:1 

•J 


The  main  engine  i«  an  STL  design  and  consists  of  a  single  element 
varLable  area  injector*  mechanically  linked  bipropellant  shutoff  valves* 
and  full  ablative  chamber  and  nozzle.  An  oxidizer  to  fuel  mixture  ratio 
of  1. 6  was  selected  based  on  theoic.*tical  calculations  of  performance  using 
kinetic  reaction  data  for  the  expansion  process.  The  data  indicate  that 
only  partial  equilibrium  nozzle  flow  can  be  expected.  Therefore,  higher 
mixture  ratios  would  not  provide  any  performance  advantages,  but  would 
greatly  decrease  ablative  chamber  life  and  reliability.  Engine  performance 
parameters  are  summarized  in  Table  11-4.  Of  greatest  significance  is 
the  nozzle  thrust  coefficient.  STL’s  tests  have  repeatedly  demonstrated 
C*  values  of  97  percent  of  equilibrium  flow.  The  predicted  specific  impulse 
of  318  seconds,  which  is  considered  conservative,  will  be  verified  by  simu¬ 
lated  altitude  testing.  Further  system  and  subsystem  optimizations  will 
provide  tradeoffs  of  specific  impulse,  engine  operating  pressure  and  nozzle 
length  versus  vehicle  weight. 

Table  11-4.  Main  Engine  Characteristics 


Thrust,  lb 

3600 

Chamber  Pressure,  psia 

400 

Expansion  Ratio 

50.1 

Mixture  Ratio 

i.6 

^SP* 

318 

Burning  Time,  sec  (intermittent) 

20  to  90 

Engine  Weight,  lb 

38 

Thrust  Coefficient 

1.805 

The  thrust  chamber  consists  of  a  composite  ablative  cooled  chamber, 
graphite  nozzle  throat  insert,  and  ablative  divergent  section.  The  ablative 
material  is  encased  in  a  continuous  titanium  shell  which  provides  contain¬ 
ment  of  the  ablative  material  and  thrust  transmission  into  the  vehicle 
thrust  structure.  The  throat  insert  allows  the  use  of  ablative  material  at 
the  400  psia  chamber  pressure. 


A  major  engine  component  ia  the  variable  area  coaxial  injector« 
shown  in  Figure  11 -40.  It  is  a  rugged,  precise,  and  mechanically  simple 
device  which  provides  a  stable  symmetric  flame  pattern  and  high  combus- 
tion  efficiency.  The  injector  consists  of  a  face  plate  and  fuel  manifold 
assembly,  a  propellant  metering  sleeve,  and  the  oxidizer  feed  tube  assem-' 
bly  as  shown  in  Figure  11-40.  The  fuel  enters  the  chamber  through  the 
annular  gap  formed  by  the  face  plate  and  the  sleeve;  oxidizer  enters  the 
chamber  through  the  radial  slots  located  in  the  oxidizer  feed  tube  and  the 
sleeve.  The  sleeve  is  actuated  to  an  optimum  position  with  an  external  . 
actuator  and  linkage. 

The  variable  injector  is  augmented  by  a  combined  cavitating  venturi 
and  flow  control  valve  in  each  propellant  line.  The  venturi  provides  suf¬ 
ficient  cavitation  to  allow  optimum  injection  area  adjustment  during  the 
throttling  process. . 

The  propellant  shutoff  valves  are  attached  to  the  injector  to  minimize 
propellant  dribble  volume.  The  main  propellant  valve  is  fluid  actuated, 
controlled  by  a  solenoid  actuated  pilot.  The  basic  element  of  the  pilot  valve 
is  a  caged  free  ball  which  alternately  seats  against  the  actuation  fuel  inlet 
port  and  the  overboard  yent.  In  the  normally  closed  position,  the  ball  is 
held  in  place  by  a  small  spring  loaded  plunger,  and  the  actuator  pistons 
are  vented  to  space.  Energizing' the  solenoid  causes  the  plunger  to  retract. 
The  actuator  fuel  pressure  unseats  the  ball  from  the  inlet  port  and  holds 
it  in  place  against  the  vent  port.  The  fuel  then  flows  into  the  actuator 
pistons  opening  the  main  valves.  Valve  actuation  is  independent  of  throttle 
actuation. 

11.2.4.4  Attitude  Control  Engine 

The  pitch  and  two  roll  control  units  are  radiation  cooled,  solenoid 
actuated  biprocUant  engines  utilizing  direct  liquid  injection  (see  Table  11-5). 
These  vinits  are  designed  to  perform  upon  command  in  an  automatic  control 
loop.  They  are  the  same  as,  or  similar  to,  commercially  available  engines. 

Extensive  sea  level  and  simulated  altitude  development  work  has  been 
conducted  on  radiation  cooled  thrust  chambers,  especially  at  this  thrust 
level.  Chambers  were  developed  to  operate  for  durations  in  excess  of 
30  minutes  in  a  space  environment.  The  chambers  are  constructed  of 
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Figure  11-40.  Injector  Element  Schematic 


(3)  Main  propellant  pressurant. 


molybdenum,  with  an  oxidation  resistant  coating  on  both  inside  and  outside 
surfaces.  The  coating  insures  a  high  emissivity  on  the  outside  surface 
which  reduces  wall  temperatures.  The  actual  combustion  gas>to-waU  film 
coefficient  for  the  optimized  motor  is  approximately  two  times  lower  than 
theoretical  convection  coefficient.  The  difference,  together  with  intelligent 
chamber  design,  has  permitted  the  use  of  coated  molybdenum  nozzles. 

Actual  Ig^  values  based  on  test  data  are: 

Steady  State  -  310  seconds 

Pulse  Modulation  ?  304  seconds 

Single  Pulse  ^  -  285  seconds 

Pulse  rate  modulated  engine  suppliers  have  conducted  extensive  tests 
on  many  different  injector  configurations  in  arriving  at  configurations 
which  result  in  the  best  compromise  between  high  I^p  efficiency,  combus* 
tion  stability,  repeatable  performance,  long  life  and  realistic  manufactur> 
ing  tolerances.  Injector  variables  have  been  investigated  in  hundreds  of 
tests  and  are  based  on  conclusive  results;  single  impinging' pencil  streams  of 
fuel  and  oxidizer  are  provided  for  this  engine.  The  pressure  drop  required 
for  propellant  injection  is  approximately  50  to  75  psi. 

The  roll  control  engines  for  the  electro- optical  configuration  are 
mounted  on  retractable  thrust  levers  and  are  deployed  prior  to  main  engine 
firing.  The  location  and  arrangement  of  these  engines  are  shown  on 
Figures  11-1  and  11-37.  For  the  radar  vehicle,  which  utilizes  an  inter¬ 
nally  mounted  warhead,  these  engines  are  body  mounted  as  shown  in 
Figures  11-2  and  11-38. 

Four  cold  gas  thrusters  are  provided  for  yaw  control.  These  nozzles 
are  also  commercially  available  and  can  be  easily  adapted  to  this  vehicle. 
Nozzle  design  characteristics  are  as  shown  in  Table  11-5.  The  low  yaw 
torque  requirements  and  the  high  reliability  and  tight  weight  of  the  cold 
gas  system  offset  the  low  specific  impulse  provided  by  nitrogen.  The 
mission  may  consume  as  much  as  4.  5  pounds  of  (0.  225  ft  stored  at 
4000  psi). 


11.2.4.  5  Pressurization  and  Propellant  Feed  System 


A  pressurization  system  is  required  to  supply  pressure  for  warhead 
inflation  (electro-optical  vehicle)  and  for  propellant  expulsion  as  well 
as  cold  gas  for  the  yaw  jets.  The  quantities  provided  for  each  are  listed 
below: 


Warhead  Inflation 


Propellant  Expulsion 
Yaw  Jets 


EO  Vehicle 


Radar  Vehicle 


Total 


16.4  (lb) 


17. 1  (lb) 


The  system  consists  of  one  toroidal  nitrogen  supply  tank,  a  single 
stage  pressure  regulator  (containing  an  integral  relief  valve),  and  an 
explosively  actuated  supply  valVe.  Gaseous  nitrogen  is  specified  and  stored 
at  a  nominal  pressure  of  4000  psia  and  70°F.  (See  Section  11.2.  3  for  tank 
structural  design  criteria.) 

A  single  stage  gas  regulator  with  an  integral  relief  valvd  is  used  to 
regulate  the  flow  of  nitrogen  gas  from  the  pressurant  tank  to  the  respective 
components  upon  demand. 

The  gas  regulator  effects  a  pressure  reduction  from  4000  psia  in  the 
nitrogen  tanks  to  480  psia  distribution.  The  relief  valve  will  operate  at  a 
preset  530  psia.  The  regulator  will  automatically  compensate  for  the 
increase  or  decrease  of  nitrogen  pressure  in  the  propellant  tank.  Such 
variation  in  pressure  might  be  caused  by  a  change  in  propellant  volume, 
temperature  fluctuation,  or  propellant  equilibrium  shift.  Leakage  through 
the  regulator  will  be  restricted  to  0.008  cubic  inches  per  minute.  The 
weights  of  the  regulator  and  other  components  are  listed  in  the  propulsion 
subsystem  weight  Table  11-6. 

The  gas  supply  valve  will  be  a  normally  closed,  explosively  actuated, 
aluminum  alloy  valve.  To  minimize  leakage  points  and  connections,  the 
tubing  connecting  this  unit  into  the  system  will  be  an  integral  part  of  the 
valve  body. 
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Table  11-6.  Propuleion  Subeyateme  Weight  Summary 


Weight  (lb) 


Component 

EO  Vehicle 

Radar  Vehicle 

Engine  a 

Main  (one) 

38.00 

38.00 

Roll  (two) 

6.2 

6.2 

Yaw  (tour) 

0.75 

0.75 

Pitch  (two) 

4.40 

4.40 

Propellant  Tank 

32.90 

36.  38 

Preasurization  Syatem 

Tank 

14.94 

13.99 

Regulator 

2.90 

2.90 

Supply  Valvea  (one  required) 

0.20 

0.20 

Check  Valvea  (two  required) 

0.50 

0.50 

Plumbing  and  Fittinga 

Liinea  and  Miscellaneoua 

3.  15 

3.00 

Burst  Diaphragm  (two  required) 

0.25 

0.25 

Electrical 

2.20 

2.20 

Residual  Propellants 

5.80 

8. 1 

Dry  Weight 

Propellants 

188.2 

261.5 

Pressurant 

16.4 

17. 1 
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The  proposed  propellant  tank  is  a  spherical  tank  containing  positive 
expulsion  devices  similar  to  those  shown  in  Figures  II >41  and  11~42.  The 
upper  hemisphere  contains  the  oxidizer  and  the  lower  contains  fuel.  The 
tank  and  expulsion  device  are  designed  to  be  fabricated  from  materials 
compatible  with  storable  propellants.  Th*  upper  and  lower  hemispheres 
with  flanges  are  fabricated  separately.  The  tank  bulkhead  and  expulsion 
devices  are  independently  assembled.  Final  bolting  of  the  flanged  hemi¬ 
spheres  and  expulsion  devices  makes  for  a  unique  spherical  propellant 
lank.  The  tank  design  criteria  are  outlined  in  Section  11. 2.  3. 

The  positive  expulsion  devices  consist  of  dual- membrane,  ring- 
stiffened  metallic  diaphragms  which  provide  propellant  orientation  control 
as  well'  as  positive  zero-gravity  expulsion.  Propellant  orientation  control 
is  required  on  this  highly  maneuverable  vehicle  to  prevent  large  penter 
of  mass  shifts  due  to  propellant  motion  during  the  roll  maneuvers.  Such 
devices  were  investigated  and  found  feasible  as  part  of  the  BAMBl 
Continuation  Sludy  (Reference  5). 

11.2.5  Engine  Alignment  and  CM  Position  Control 

The  primary  source  of  homing  stage  disturbance  torques,  which 
must  be  reacted  by  the  vehicle's  attitude  control  thrusters,  is  main  engine 
thrust  vector  to  center-of-mass  (CM)  offset  resulting  from  assembly  mis¬ 
alignments  or  mass  shifts  during  engine  operation.  Factors  known  to 
contribute  to  this  misalignment  and  possible  corrective  measures  were 
discussed  in  detail  in  the  Second  Interim  Report  (Reference  2).  The  major 
factors  and  corrective  measures  are  summarized  below: 

Factors  Corrective  Measures 

Lateral  and  angular  misalignment  Assembly  techniques  can  be  uti- 
of  the  nozzle  centerline  to  CM  of  Uzed  to  provide  balance  of  the 

the  dry  stage  due  to  assembly  stage  in  the  dry  condition  with  the 

tolerances  and  lateral  center  of  propellant  tank  so  positioned  that 
mass  shift  resulting  from  propel-  the  predetermined  CM  of  the  usable 
lant  loading.  propellant  will  be  on  the  nozzle 

centerline  or  theoretical  thrust 
line  at  ignition.  A  high  degree  of 
accuracy  is  possible  with  a  rela¬ 
tively  small  expenditure  for 
assembly  and  measuring  equip¬ 
ment  and  time. 
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Factors 


Center  of  propellant  maaa  shift 
during  propellant  depletion  or 
lateral  center  of  mass  shift  in> 
duced  by  fluid  slosh  during  the 
"roll-to-control"  maneuver. 


Center  of  mass  lateral  shift  result¬ 
ing  from  asymmetric  deflections 
of  the  deployed  warhead  while  the  . 
vehicle  is  under  thrust. 


Corrective  Measuree 

The  design  and  development  of  a 
positive  expulsion  device  thatpro- 
vides  lateral  propellant  position 
control  was  initiated  as  part  of  the 
BAMBI  Phase  II  Continuation 
Effort  (Reference  5)  and  resulted 
in  a  device  which  utilizes  dual 
walled,  convoluted  diaphragms. 

(see  Figures  11-41  and  11-42) 

These  diaphragms  are  designed  to 
resist  tipping  or  buckling  whenthe 
vehicle  is  subjected  to  angular 
velocities  and  acceleration  which 
induce  unsymmelrical  fluid  loads 
on  the  diaphragms. 

This  source  of  CM  to  true  thrust 
line  offset  in  the  electro-optical 
vehicle  is  considered  the  most 
difficult  one  to  predict  and  control. 
Although  inflatable  structures  can 
be  made  relatively  accurate,  fairly 
large  deflections  are  common. 

Such  deflections,  though  structurally 
acceptable,  could  result  in  large 
center  of  mass  shifts. 


The  inflated  warhead  appears  to  be  the  predominant  source  of  induced 
offset  for  the  electro-optical  vehicle.  It  is  estimated  that  the  maximum 
CM  shift  due  to  deflection  of  the  16  foot  diameter  warhead  under  the  influ¬ 
ence  of  maximum  engine  tlirust  is  approximately  0.06  inch  (le  value). 

This  offset  results  in  a  torque  around  the  pitch  axis,  thereby  sizing  the 
pitch  thrusters.  Since  the  warhead  is  symmetrical  with  respect  to  roll  and 
yaw  axes,  warhead  deflections  produce  little,  if  any.  disturbance  torque 
around  these  axes- 


A  vehicle,  such  as  the  radar  vehicle,  equipped  with  an  internally 
mounted  explosive  warhead,  in  place  of  the  inflated  device,  would  be  sub¬ 
ject  to  somewhat  reduced  disturbance  torques  estimated  to  be  less  than 
0.06  inch  (3a  value).  In  either  case,  careful  design  and  balancing  tech¬ 
niques  can  minimize  thrust  vector  misalignment  to  acceptable  levels. 

11.2.6  Dynamic  Considerations 

The  scope  of  the  present  study  does  not  justify  detailed  dynamic 
analyses  of  the  proposed  vehicle  concepts.  A  general  summary  of  the 
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potential  problem  areas  and  a  brief  description  of  the  methods  that  would 
be  used  to  attack  these  problems  is  considered  appropriate  at  this  time. 

The  following  summary  of  dynamic  problem  areas  includes  consideration 
of  all  phases  of  the  satellite  interceptor  flight  from  prelaunch  to  intercept. 

11.2.6.1  Prelaunch 

11.2.6.1.1  Lateral  Loads  due  to  Wind-Induced  Oscillations.  Ground  winds 
load  the  vehicle,  causing  lateral  oscillations.  Loads  induced  in  the  pay- 
load  are  calculated  by  obtaining  analytically  the  modes  of  vibration  of  the 
elastic  vehicle  and  applying  the  ground  wind  loads  as  a  generalized  force, 
taking  into  account  the  effects  of  random  vortex-  shedding. 

11.2.6.1.2  Payload- Fairing  Interference  due  to  Wind -Induced 
Oscillations.  Lateral  oscillations  caused  by  ground  winds  produce  relative 
deflection  of  the  payload  with  respect  to  the  fairing.  Thfs  deflection  is 
calculated  by  obtaining,  analytically,  the  modes  of  vibration  of  the  elastic 
vehicle,  treating  the  fairing  as  a  separate  branch,  and  applying  the  ground 
wind  loads  as  a  generalized  foVee,  again  accounting  for  the  effects  of 
random  vortex- shedding. 

11.2.6.1.3  Longitudinal  Loads  due  to  Thrust  Buildup  and  Liftoff  Transients. 
Thrust  buildup  and  liftoff  transients  cause  longitudinal  oscillations  of  the 
vehicle.  Using  a  lui  ped-mass  axial  ntodel  of  the  vehicle,  loads  induced 

in  the  payload  are  calculated  by  obtaining  the  modes  of  vibration  of  the 
model  and  applying  the  thrust  buildup  and  liftoff  transients  as  generalized 
forces. 

11.2.6.2  Booster  Flight 

11.2.6.2.1  Later.tl  Loads  due  to  Wind  Gusts.  Lateral  loads  induced  in  the 
payload  by  wind  gusts  during  booster  operation  are  calculated  using  a  modal 
analysis  which  treats  the  vehicle  as  an  clastic  body  and  takes  into  account 
the  effects  of  possible  fuel  slosh  and  engine  gimballing. 

11.2.6.2.2  Paylo.ad- F.'\iring  Interference  due  to  Wind  Gusts.  Relative 
deflection  uf  the  payload  with  respect  to  the  fairing  as  a  result  of  wind  gusts 
is  calculated  using  a  modal  analysis,  which  treats  the  vehicle  as  an  clastic 
body,  simulating  the  fairing  as  a  separate  branch,  and  also  accounting  for 
the  effects  of  sloshing  and  engine  gimbaling. 
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11.2.6.2.3  Lateral  Load»  due  to  Transonic  Buffeting.  Lateral  loads 
induced  in  the  payload  by  traseonic  buffeting  are  calculated  ueing  a  modal 
analysis  which  trea.ts  the  vehicle  ae  aix  elastic  body*  The  generalized  force 
to  be  applied  to  the  vehicle  makes  use  of  the  power  spectrum  of  the  fluc¬ 
tuating  pressures  acting  on  the  vehicle  during  transonic  buffeting.  The 
power  sectrum  data  are  obtained  from  wind-tunnel  tests  on  a  scale  model 
of  the  vehicle. 

11.2.6.2.4  Payload-Fairing  Interference  due  to  Transonic  Buffeting. 
Relative  deflection  of  the  payload  with  respect  to  the  fairing  as  a  result  of 
transonic  buffeting  is  calculated  using  a  modal  analysis  which  treats  the 
vehicle  as  an  elastic  body  and  simulates  the  fairing  as  a  separate  branch. 

As  noted  above,  wind  tunnel  tests  are  necessary  to  obtain  power  spectrum 
data. 

11.2.6.2.5  Longitudinal  Loads  due  to  Thrust  Buildup  and  Decay  Transients. 
Thrust  buildup  and  decay  transients  of  the  boosters  various  stages  cause 
longitudinal  oscillations  of  the  vehicle.  Using  a  lumped-mass  axial  mo<iel 
of  the  vchtwlc.  loads  induced  in  the  payload  are  calculated  using  a  modal 
analysis. 

11.2.6.3  Staging  and  Separation 

11.2.6.3. 1  Fairing  Separation  and  Clearance.  Our  analysis  of  separation 
of  the  payload  fairing  from  the  vehicle  must  determine  the  adequacy  of  the 
separation  mechanism,  assuring  that  there  is  no  interference  between  fair¬ 
ing  and  vehicle  as  separation  occurs.  Rigid  body  techniques  are  utilized 
for  this  analysis.  A  separation  test  would  be  needed  to.  verify  the  separa¬ 
tion  technique. 

11.2.6.3.2  Payload- Booster  Separation.  As  analysis  of  the  separation  of 
the  payload  from  the  booster  must  be  performed  to  verify  adequacy  of  the 
separation  technique,  primarily  that  there  is  no  interference  between  pay- 
load  and  booster  as  separation  occurs.  Angular  tipoff  rates  of  the  payload 
must  also  be  calculated  to  determine  that  they  are  small  enough  to  be  over¬ 
come  by  the  payload  attitude  control  system.  Rigid  body  techniques  are 
utilized  for  these  analyses. 


11. 2. 6. 3 .3  Separation  of  Passive  Warhead  Cover  (applies  to  electro- 


optical  vehicle  only).  An  analysis  to  determine  adequate  clearance  of  the 
passive  warhead  cover  when  it  separates  from  the  warhead  is  required. 

The  analysis  can  treat  the  cover  as  a  rigid  body  and  can  utilize  momentum 
and  energy  techniques  to  verify  that  interference  with  the  warhead  will  not 
occur.  Since  the  separation  mechanism  utilized  for  this  cover  is  some* 
what  unusual,  a  test  is  needed  to  verify  its  adequacy. 

11.2.6.4  Deployment 

11.2.6.4.1  Planar  Antenna  Deployment  (applies  to  radar  vehicle  only).' 

An  analysis  is  required  to  determine  loads  induced  in  the  planar  antenna 
due  to  deployment.  Energy  techniques  can  be  used  to  approximate  the 
forces  which  the  adjustable  stops  apply  to  the  antenna  elements.  These 
forces  are  then  used  in  a  modal  analysis  to  calculate  the  loads  induced  in  ‘ 
the  antenna.  Deployment  tests  are  required  to  determine' adequacy  of  the 
deployment  scheme. 

11.2.6.4.2  Attitude  Control  System  Deplpymcnt  (applies  to  electro* optical 


vehicle  only).  An  analysis  is  required  to  determine  loads  induced  in  the 
attitude  control  system  booms  due  to  deployment.  The  method  used  for  the  . 
analysis  is  similar  to  that  of  11.2.6.4.  1.  Deployment  tests  are  required. 

11.6.2.5  Vehicle  Maneuvers 

11.6.2.5.1  Loads  due  to  Vehicle  Maneuvers.  The  various  maneuvers 
which  the  interceptor  can  accomplish  impose  angular  and  axial  accelerations 
on  the  vehicle.  Because  the  vehicle  is  flexible,  these  accelerations  excite 
the  natural  frequencies.  Hence,  a  modal  analysis  which  treats  the  inter* 
ceptur  as  an  elastic  body  is  necessary  to  calculate  loads  in  the  vehicle. 

Engine  plume  impingement  must  be  considered  when  the  loads  are  calculated. 

11.6.2.  5.2  Deflections  due  to  Vehicle  Maneuvers.  Because  several  of  the 


vehicle  components,  for  example,  the  antenna  and  the  attitude  control 
system  booms,  are  quite  flexible  and  because  oscillations  of  these  compo¬ 
nents  beyond  certain  limits  seriously  affects  the  interceptors  proper  opera¬ 
tion,  a  modal  analysis  is  required  to  calculate  deflections  caused  by  vehicle 
maneuvers. 
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The  problem  areas  and  the  overall  approachs  toi  solution  of  the 
problems  for  11 . S.  1  and  11. 6.2. 5. 2  are  the  tame  for  both  types  of 
vehicles.  However,  the  eiectro-opticai  vehicle  with  its  inflatable  struco 
turc  is  somewhat  more  difficult  to  analyze,  the  reason  for  this  being  that 
modal  analysis  of  a  structure,  a  portion  of  which  it  inflatable,  could 
become  a  state-of-the-art  matter. 

11.2.7  Thermal  Considerations 

A  brief  investigation  of  the  internal  thermal  problems  of  the  subject 
vehicles  indicated  that  the  passive  technique  of  the  equipment  absorbing  its 
own  dissipated  energy  would  be  adequate  to  hold  allowable  temperatures. 
Short  vehicle  life  from  launch  to  intercept  justifies  this  thermal  control 
technique.  Prelaunch  conditioning  can  be  used  to  avoid  overheating  on  the 
launch  stand  and  internal  insulation  can  be  used  to  eliminate  adverse  heat¬ 
ing  during  boost.  . 

Thermally,  the  two  homing  stages  considered  are  similar  except  for 
different  tracker  components.  For  the  radar  vehicle  the  radar  equipment 
replaces  the  camera  and  camera  control  unit  of  the  electro-optical  vehicle. 
Special  provisions  for  radar  klystrom  cooling  are  included  in  the  radar 
equipment  and  weigh  approximately  8  pounds.  No  special  camera  cooling 
requirements  are  known  to  exist.  The  temperature  rise  results  shown 
in  Table  11 -t>  are  based  on  the  assumption  that  the  heat  dissipating  com¬ 
ponent  absorb  the  energy  uniformly  throughout  its  mass.  Internal  hot 
spots  were  not  investigated  since  the  assumption  that  the  component  can 
achieve  adequate  internal  thermal  coupling  appears  valid.  It  was  further 
assumed  that  the  mass  of  the  vehicle,  extraneous  of  the  component,  was 
not  available  as  a  heat  sink. 

The  operation  of  the  vehicle  is  assumed  to  require  warm-up  of  the' 
electronic  systems  such  that  steady  state  temperatures  are  achieved  before 
launch.  Aerodynamic  heating  effects  would  be  eliminated  by  insulating  the 
components  singly  or  in  groups.  The  temperature  sensitive  equipments 
would  therefore  be  made  thermally  independent  of  their  surroundings,  and 
subject  only  to  their  own  heat  dissipation.  With  the  temperature  rise  of 
each  component  fixed  by  its  power,  time  of  operation,  and  thermal  capacity 
it  is  necessary  only  to  pick  an  upper  allowable  temperature  limit  based  on 
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the  most  critical  component.  The  digital  computer  has  the  largest 
temperature  rise  <35^F)  and  would  have  a  high  reliability  if  its  mean 
temperature  were  around  IZQ^F.  A  prclaunch  conditioning  air  tempera' 
ture  of  70^  F  with  corresponding  equipment  temperatures  of  about  SO'^F 
would  result  in  .115*^F  mean  temperature  of  the  computer  and  temperatures 
ranging  from  near  80^F  to  93^F  for  the  remainder  of  the  components  at 
the  end  of  a  maximum  of  30  minutes  mission  time  from  launch.  The  one 
close  temperature  tolerance  requirement  is  that  of  the  camera  unit  with 
a  ±5^C  limit  about  any  design  point  between  0^  and  55^C.  Table  11-7 
shows  a  45*^F  (Z.B^C)  increase  after  starting  from  the  prelaunch  con* 
ditioning  temperature  of  say  80*^F  (25^C). 

The  provisions  for  temperature  control,  therefore,  consist  of  the  - 
prclaunch  conditioning  and  insulation  to  eliminate  adverse  thermal  effects 
from  the  vehicle* 

11.3  HOMING  STAGE  WITH  ELECTRO-OPTICAL  TRACKER 


11. 3. 1  General  Description 


The  electro- optical  homing  stage  is  a  cylindrically  shaped  vehicle 
approximately  two  feet  in  diameter  and  7  feet  long  equipped  with  a  body- 
fixed  variable  thrust  engine.  (Figure  11-1  and  11-37).  A  divided  spherical 
propellant  tank  equipped  with  positive  expulsion  devices  contains  the 
Aeroaine  fuel  and  N^O^oxidizer.  The  electronic  equipment  is  mounted  on 
panels  surrounding  the  main  engine.  A  toroidal  tank,  mounted  immediately 
below  the  propellant  tank,  contains  N^  at  4000  psia  which  serves  as  the 
propellant  pressurant,  warhead  inflation  gas  and  yaw  control  thruster  gas. 
A  pressure  r<>gutator  maintains  pressurant  at  480  psia  to  supply  the  main 
engine  tank  and  yaw  nozzles. 


The  vehicle's  outer  shell  which  extends  from  the  boost  vehicle 
adapter  to  the  propellant  tank,  serves  to  carry  the  primary  loads  which 
are  maximum  at  booster  burnout.  A  conical  superstructure  above  the 
propellant  tank  supports  the  gir  >aled  platform  on  which  the  acquisition 
and  tracking  camera  is  mounted. 


The  four  yaw  control  nozzles  which  operate  on  are  mounted  on  the 
vehicle's  upper  cylinder  structure.  The  two  hot  gas  pitch  engines  are 
mounted  on  the  vehicle's  outer  shell  near  the  main  engine  nozzle  exit. 
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Special  provisions  were  necessary  to  stow  and  deploy  the  roll  engines  to 
avoid  interaction  of  their  plume  with  the  inflated  warhead.  These  engines 
are  mounted  on  arms  that  permit  stowing  the  engines  inside  the  main  engine 
nozzle  until  separation  from  the  booster  at  which  time  they  deploy  and 
lock  in  position  outboard  of  the  main  engine.  Their  line  of  thrust  is  away 
from  the  warhead  to  avoid  flame  impingement  on  the  inflated  structure. 

A  summary  of  vehicle  subsystem  parameters  follows: 


Lifetime 

Coast  Period 
Tracking  Phase 
AV  Requirements 
Envelope  Volume 
Thrust  to  Weight  Ratio 
W  eights 

At  Ignition 
At  Burnout 
Payload 

Mass  Moments  of  Inertia  (At  Ignition) 


10  min  max 
90  sec  max 
4000  ft/  sec 


594.5 
397.3 

160.6 


Pitch 

Yaw 

Structural  Materials 
Primary 
Tanks 

Thermal  Control  Techniques 
Main  Engine 
Type 

Throttling 

Mounting 

Nozzle  Cooling 

Chamber  Pressure 

Fuel 

Oxidizer 

Feed  System 


Magnesium 
6AI-4V  Titanium 
Passive 

Liquid  Bipropellant 
10/1 

Body  Fixed 
Ablative 
400  psia 
Aerozine 

Pressure 


• 

Pressurant 

N2  Stored  at  4000  psi 

Propellant  tank  pressure 

500  psia. 

^SP 

315 

Expansion  Ratio 

50 

Thrust,  Vacuum 

3600  lb 

Vehicle  Stabilization 

Type 

A  :ude  Controlled 

Thruster  Fuel 

RoU 

/\orozine-N-0  •  , 

Pitch 

Aerozine  -N2^^ 

Yaw 

N,  Cold  Cas  (Propellant 

^  Pressurant) 

Thrust  Levels  and  Lever  Arms 

Thrust,  lb  Lever  Arm,  ft 

Roll 

55  4.2 

Pitch 

43  2.1 

Yaw 

5  0.9 

Number  of  Thrusters 

RoU 

2 

Pitch 

"2 

Yaw 

4 

The  following  preliminary  operational  sequence  serves  as  an 
additional  vehicle  descriptive  aid: 

•  Jettison  Fairing  at  about  300,  000  ft  altitude 

•  Uncage  all  gyros  just  prior  to  booster  burnout 
m  Staging  sequence 

•  Initiate  booster  cutoff 

•  Disconnect  electrical  circuits  between  booster  and 
homing  stage 

•  Stage  with  shaped  charge  when  thrust  decays  to  zero 

•  Deploy  Roll  control  engines 

•  Activate  all  ACS  engines 

e  Initiate  warhead  deployment  sequence  (see  Chapter  10 
for  details) 

•  Coast  period — fully  attitude  controlled 
s  Initiate  turns  for  vehicle  reorientation 
s  Uncage  stabilized  platform 
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•  Perform  acquisition  taakt ’ 

•  Initiate  angle  tracking  mode 

•  Activate  homing  stage  engine 
e  Proceed  with  homing  phase 

•  Target  intercept 

11.3.2  Vehicle  Physical  Properties  (Electro-Optical  Homing  Stage) 


The  ground  rules  and  the  results  of  a  detailed  vehicle  weight  and 
mass  properties  analysis  of  the  homing  stage  equipped  with  an  electro* 
optical  acquisition  and  tracking  subsystem  are  presented  in  this  section. 
This  vehicle  utilizes  an  unfurlable,  passive  kill  mechanism  consisting  of 
pellet-embedded  membranes  stretched  tight  by  an  inflated  torus  extending 
to  a  16  ft  diameter  which  was  discussed  in  detail  in  Chapter  10.  The  subject 
homing  stage  appears  in  Figure  11-37. 

The  estimated  weights  summary  appears  in  Table  11-8  and  includes 
a  S  percent  contingency  to  account  for  weight  growth.  The  ground  rules 
for  this  study  are  delineated  below. 

11. 3.2. 1  Structure  and  Temperature  Control  Subsystem 


The  basic  structural  elements  are  sheet  metal,  extruded  sections, 
rolled  rings  and  some  use  of  sandwich  structure.  Gauges  for  all  items 
arc  based  on  the  results  of  the  preliminary  stress  analysis.  No  specific, 
provisions  were  necessary  for  temperature  control  or  heat  shielding. 

11.3.2.2  Payload 

The  inflated  kill  mechanism  for  this  vehicle  is  a  0.007  inch  wall 
thickness  Mylar  torus  with  a  172  inch  major  diameter  and  a  20  inch  minor 
diameter  weighing  IS.  5  pounds.  The  two  double  Mylar  membranes  across 
the  major  diameter  weigh  about  6  pounds  and  contain  about  3  pounds  of 
steel  pellets.  About  3.4  pounds  of  at  5.7  psia  are  required  to  inflate 
the  warhead. 
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Table  11-8.  Summary  Weight  Statement  Elector-Optical  Homing  Stage 


PAYLOAD 

Warhead 


Torue,  Membranea.  and  Pcllete 
Support  Structure 

Retainer' 

Glmbaled  Platform  Aesembly 

Platform 

Cameraw/optica 

13.0 

Cyroe  (3) 

2.1 

Cyroa  support 

0.3 

Camera  yoke 

0.2 

C'imbal-yaw 

Ring 

1.6 

Torttuer 

0.0 

Rceolver  and  Trim  Weight ' 

0.0 

Bearings 

0.3 

Clmbal-plteh 

Yoke 

1.6 

Toroucr 

0.0 

Rceolver  and  Trim  Weight 

0.0 

Bearings 

0.3 

Glmbal-roll 

• 

Structure 

1.2 

Torquer 

1.2 

Resolver  • 

0.3 

Bearing* 

0.6 

VlcK  L«»da 

P'utform  Control  Electronic* 

Attitude  Control  Syetem  Electronic* 

Camera  Control  Unit 
nigital  Guidance  Computer 
Integrated  Power  Supply. 

Batterie*  '  4.0 

Electronic*  4.0 

Junction  Boxe*  and  Intercabllng 
Support*  and  Hardware 

liUMlNC  STAGE 

PropelU'it  T.rnh  Asrembly 
Propellant  Plumbing  System 
Propellant  .  Impulse 
Propellant  -  Residual 
.EiiRine 

Preasurir.atlon  Tank 
Pressurixatlon  Gas  Nj 
Presfuriration  Plumbing 
Attitude  Control  Engine*  w/Valves,  Line* 
and  Bracket* 

STRUCTURE 

Attitude  Nozzle  Boom*  (Zt 
Stage  Structure 

Total 

RECOMMENDED  CONTINGENCY  S  PERCENT 

ypucLE  G^ssjr:^ciii 


47.7 

20.1 

12,0 

7.0 

20.1 

16.2 


J.t 


J.7 


1.0 


1.2 

6.0 

3.7 

16.0 

Z7.0 

0.0 


10. 0 

3.Z 


27.0 

11.0 

100.7 

5.0 

38.0 

Zt.O 

16.4 

5.0 

16.0 


10.0 

70.0 


140.7 


331.3 


00.0 

560.0 

Z0.4 

mx 
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11.3.2.3  Tankt 

Tank  v^eights  were  computed  for  a  tank  pressure  of  480  psla,  which 
is  80  psla  above  main  engine  chamber  pressure.  The  propellant  tank  ia 
made  of  6A>4V  Titanium.  The  expulsion  device  weight  estimate  is  based 
on  BAMBl  (Reference  5)  experience  and  proportioned  by  spherical  surface 
area. 

Propellant  weight  was  calculated  to  provide  a  vehicle  AV  of 
4000  ft/ sec.  In  addition.  7.5  percent  has  been  added  to  propellant  w/^ight 
for  hot  gas  attitude  control,  and  3  percent  for  expulsion  efficiency.  Excess 
tank  volume  of  9  percent  for  volumetric  efficiency  has  been  allowed. 

Table  11>9  showa  d  detailed  propellant  tank  weight  statement. 

Table  11-9.  Propellant  Tank  Weight  Summary 


Item 

Weight  -  (lb) 

Spherical  Shell 

5.76 

Flanges  (2) 

6.82 

Bolts  (72)  1.0"  grip 

4.03 

Partition  (0.010  Aluminum) 

0.46 

Expulsion  Devices 

4.20 

Flanges  for  Expulsion  Devices  and 
Partitions  (4)  O.l"  Aluminum 

4.32 

Bosses,  Welds,  and  Contingency 

1.92 

Total 

27.3  lb 

Nitrogen  tanks  are  sized  to  contain  enough  nitrogen  to  inflate  the 
warhead  and  pressurize  the  propellant  tanks  as  well  as  supply  the  yaw 
control  thrusters.  Volume  for  is  based  on  storage  at  4000  psia.  Tanka 
are  Titanium.  Calculation  indicated  gauges  of  0.094  and  0.092,  so  the 
next  larger  standard  gauge  of  0.  100  was  used  for  weight  calculation. 

Table  11-10.  Nitrogen  Tank  Weight  Summary 

Item  Weig)it  -  (lb) 

Toroidal  Shell  (0. 100  Gauge)  20.3 

Bosses,  Welds,  and  Contingency  .  1 . 5 


Total  21.8  1b 


11.3.2.4  Engine! 

Engine  weight  of  38  pound*  includes  all  valves  and  manifolding. 
Propellant  lines  are  included  in  the  propellant  plumbing  system. 

Major  engine  design  criteria  are  shown  below: 

s  24  inch 

=  400  psia 


F  =  3600  pound 
t^  =  16  sec  (min) 

€  =  50 

I  a  315 
*P 

Propellants  :  N^O^/Aerosene 
Mixture  Ratio  a  1.6  to  1 
Throttle  Ratio  »  10  to  1 

The  attitude  control  subsystem  consl*tk  of  the  two  hot  gas  roll  and 
two  pitch  control  engines  and  four  cold  gas  yaw  thrusters.  Valves, 
plumbing  and  mounting  brackets  are  also  included.  The  basic  items 
appear  in  Table  11-11. 

Table  11-11.  Major  Attitude  Control  Subsystem  Items 


Weight  (lb) 


Roll  Engine  (2)  (w/v»lves) 
Pitch  Engines  (2)  (w/ valves) 
Yaw  Thrusters  (4)  (w/valves) 
Plumbing,  brackets,  etc. 


Total 


Table  11-2  shows  center  of  gravity  location  and  moments  of  inertia 
which  were  computed  on  the  basis  that  all  items  shown  in  Figure  11-37 
are  homogenous  bodies.  Structural  weights  were  distributed  generally 
as  shown  in  Figure  11-37.  Properties  at  engine  ignition  and  burnout 
were  determined  to  show  possible  shifts  in  center  of  mass  during  engine 
operation.  The  indicated  loaction  of  center  of  gravity  along  the  yaw  axis 
could  be  eliminated  on  the  next  design  iteration. 


•w.”*.  ’I*"'* 


11-67 


Table  11-lZ.  Masapropertles  of  Electro>Optlcal  Homing  Stage 

+Y 


PITCH 


Properties  of  Vehicle  at  Ignition 


Weight  (Ibl 


590.4 


Center  of  Cravltv 


Inertia  About  Center 

nt  Cirauitv  I  attia  tt 


of  Gravity  fslug  ft.^) 
X-X  y-Y  Z-Z 
115  93  35 
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11.3.3  Attitude  Control  Sub»yitem 

The  homing  stage  attitude  control  subsystem  is  designed  to  provide 
muscles  for  vehicle  stabilisation  during  the  coast  period,  vehicle  re> 
orientation  at  target  acquisition  and  attitude  control  during  homing.  All 
functions  are  satisfied  by  one  subsystem  consisting  of  two  roll  engines, 
two  pitch  engines,  and  four  yaw  thrusters.  Hot  gas  engines,  fed  from 
the  main  propellant  supply,  were  selected  for  the  roll  and  pitch  function. 
Yaw  control,  which  requires  a  much  lower  torque,  is  satisfied  by  4  cold 
gas  thrusters  fed  from  the  pressurant  gas  supply. 

Design  criteria  for  the  attitude  control  subsystem  are  summarised 
in  Table  11-13.  Engine  locations  and  arrangement  are  shown  in  Figure  11-1 
and  11-37.  The  roll  engines  were  necessarily  deployed  to  avoid  flame 
impingement  on  the  inflated  warhead.  These  engines  arc  deployed  imme¬ 
diately  following  separ.-)tion  from  the  boost  vehicle  and  prior  to  warhead 
.deployment.  All  control  engines  arc  then  activated  to  provide  immediate 
vehicle  stabilization. 

The  roll  engine  thrust  level  was  established  by  an  angular  roll 
acceleration  requirement  of  2  radians/sec^.  The  pitch  engines  were  sised 
to  overcome  the  disturbance  torque  emanating  from  an  estimated  thrust 
vector  to  center  of  gravity  offset  of  0.01  ft  (3  sigma  value).  The  yaw  thrust 
requirements  are  estimated  to  be  an  order  of  magnitude  less  than  the  pitch 
torque.  Engine  design  is  discussed  in  Section  11.2.3  of  this  chapter. 

Table  11-13.  Reaction  Control  Subsystem  Design  Criteria  Homing 
Stage  W/Electro-Optical  Tracker 


Required  Torque  (ft  Ih)* 

Roll 

Pitch 

Yaw 

230 

90 

9 

Thruster  Lever  Arm  (ft) 

4.2 

2.1 

1.8^ 

Engine  Thrust  (lb) 

55 

43 

53 

Homing  Phase  (seconds) 

90 

90 

90 

Total  Energy  (ft-lb-sec) 

8000 

3300 

500 

Total  Impulse  (lb  sec) 

1900 

1800 

280 

Limit  Cycle  Frequency  (cps)(max) 

-- 

8 

8 

- - 

Est.-iblishcd  in  Chapter  5 

^Couple  lever  arm  (two  thrusters) 
^Each  Thruster 
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11.3.4  Power  Supply 

A  preliminary  eatimate  of  power  requirements  appear  in  Table  11  >14. 
The  total  requirements  are  estimated  at  85  watt  hours  which  are  consumed 
at  a  low  standby  rate  for  approximately  26  minutes  and  at  a  peak  rate  for 
about  4  minutes.  This  type  of  operation  is  typical  of  ballistic  missile 
requirements  and  also  resembles  the  STL  BAMBI  homing  stage  power 
subsystem  requirements  reported  in  Reference  4.  Silvcr>zinc  batteries, 
which  are  low  in  weight  and  capable  of  high  discharge  rates,  have  been 
used  extensively  in  such  cases  and  have  been  selected  for  this  application. 
Battery  weight  estimates  were  based  on  a  conservative  rating  of  30  w>hr 
which  is  assumed  to  include  battery  activation  mechanism  and  electrolyte. 
Since  these  batteries  have  a  short  activated  life  measured  in  terms  of  hours 
activation  is  pot  initiated  until  just  prior  to  launch.  Activation  is  acconv 
plishcd  automatically  by  squib  and  is  completed  in  about  2  seconds.  Con> 
verier  and  inverter  weight  estimates,  were  based  on  previous  experience, 
sealed  in  proportion  to  the  total  power  requirements. 

Table  11-14.  Electric  Power  Requirements  for  Electro-Optical 
Homing  Stage 


Electric  Power  Requirements 


Unit 

26  Min  4  Min 

Total  (W-Hr) 

Camera  Unit  Plus  Optics  and  Shielding 

20.5 

3.54 

Gyros 

5.0 

2.50 

Platform  Torquer  (yaw) 

0 

10(“> 

0.67 

Platform  Torquer  (pitch) 

0 

io(^) 

0.67 

Platform  Torquer  (roll) 

0 

56 

3.73 

Platform  Control  Electronics 

5 

5 

2.50 

Attitude  Control  Electronics 

6 

25 

4.26 

Canter. t  Control  Unit 

10 

25 

10.  36 

Digit.tl  Guidance  Computer 

70 

70 

35.0 

Integrated  Power  Supply  Electronics 

5 

5 

2.  50 

Main  Engine 

129 

8.6 

Attitude  Control  Engines 

Roll 

6(5) 

30 

4.6 

Pitch 

6(5) 

30 

4.6 

Yaw 

3(3) 

15 

2.3 

(1)  Include*  20  watt  intermittent  heaters 

85.8 

(2)  33  w.itt  peal'« 

(3)  20  percent  duty  cycle  assumed 
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11,3.5  Gimbaled  Electro-Optical  Tracker 

The  acquieition  and  tracking  tubaystem  conaista  of  an  orthieon 
camera  mounted  on.  a  gimbaled  platform.  Aaaociated  clectronica.  gyroa. 
etc.,  are  either  body  mounted  on  the  vehicle  or  mounted  on  the  platform. 

A  platform  with  three  degreea  of  freedom  ia  required  to  eatiafy  the 
selected  vehicle  guidance  technique  which  dependa  on  angle  tracking  data 
to  establish  the  direction  and  magnitude  of  commanded  thrust.  The  plat¬ 
form  mechanical  design  requirements  are  governed  by  this  target  tracking 
technique  and  the  vehicle  attitude  control  requirements,  as  established  in 
Chapter  8  as  well  as  vehicle  configuration  and  anticipated  loads.  These 
criteria  are  summariaed  below: 

•  Roll  freedom  (around  the  tracker  LOS)  of  ±360  degrees 
minimum 

e  Pitch  and  yaw  freedom  of  ±6  degrees  minimum 

e  Vehicle  acceleration  along  the  yaw  axis  during 
tracker  operation  of  6  g'a.  (Maximum  design 
limit  load.) 

•  Angular  acceleration  of  the  vehicle  around  the  LOS 
•^1  rad/sec^ 

a  A  mechanical  gimbal  lock  during  the  boost  phase 
(15.4  g'a  max.)  to  avoid  excessive  torque r  loads 

a  Resonant  frequencies  of  the  gimbal  structure  of  about 
200  cps 

a  Life  of  30  minutes  maximum  in  a  space  environment 

a  Pitch  and  yaw  axis  inboard  of  the  roll  bearings  to  avoid 
trigoinetric  transformation  during  roll  maneuvers 

The  selected  design  takes  advantap  of  a  conventional  gimbaled 
platform  approach  using  a  throe-axis,  bear ing- mounted  gimbal  system 
as  shown  in  Figure  11-43  and  11-44.  The  gimV>al  order  from  inside-out 
is  yaw,  pitch  and  roll.  The  stabilized  platform  consists  of  the  orthieon 
camera  with  optics  as  described  in  Chapter  6. 

Three  mutually  perpendicular,  wide  angle,  miniature  integrating 
(IMIG)  gyros  are  mounted  on  a  three  axis  support  bracket  attached  to  the 
base  of  the  camera.  The  inner  gimbal  ring  contains  the  yaw  axis  bearings 
torquer  and  resolver  and  the  fore  and  aft  supports  contain  the  roll  axis 
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Cimbal  Platform  P«r«pective<— Electro^optical  Tracker 


DC  TORQUE  MOTOR 
HTCHAX6 


bearings,  torquer  and  resolver.  All  structural  elements,  such  as  the 
gimbal  ring  and  yoke,  are  made  of  beryllium  for  maximum  stiffness  to 
weight  ratio  and  maximum  thermal  stability. 

The  electrical  connection  between  the  stabilized  platform  and  the 
vehicle  is  through  two  flex  leads  each  containing  approximately  30  elec¬ 
trical  wires.  The  platform  is  securely  locked  to  the  craft  during  boost 
when  high  g  loads  are  encountered.  An  electric  solenoid  released  locking 
mechanism  is  used  as  shown  in  Figure  11-44.  The  unit  is  hermetically 
sealed  with  a  bellows  held  in  tension  until  released  by  the  solenoid  operated  . 
trigger,  permitting  the  mechanism  to  retract  thereby  freeing  the  platform 
about  all  three  axes.- 


11.3.5.1  Bearini^  Selection  and  Design 

The  selected  bearings  are  large  bore,  extra  thin,  deep  groove  roller 
bearings  which  are  designed  for  duplex  mounting  in  preloaded  pairs  to 
provide  high  rigiditv  and  low  friction  torque.  The  bearing  arrangement 
is  identical  for  all  three  axes,  in  that  axial  expansion  is  accommodated  by 
allowing  one  duplex  pair  to  float  in  the  housing.. 

Bearing  Loads 
Yaw  Axis 

Initial  Platform  Weight 


Camera 

13.0 

Gyros 

2.7 

Support  Structure 

0.3 

Miscellaneous 

0.98 

Total  16.98  lb  +  10  percent 


r  18.68 

Jb 

Pitch  Axis 

Initial  Platform  Weight 

=  18.68 

lb 

Gimbal  Ring  +  Miscellaneous  =  2.  3  lb  +  10  percent 

=  2.53 

_lb 

Roll  Axis 

21.21 

bl 

Platform  +  Gimbal  Ring,  etc. 

=  21.21 

lb 

Yoke  Fitting  +  Miscellaneous  +  lOpercent 

=  3.79 

Jb 

o 

o 

'hj 

lb 

Forward  Bearing  takes  20.7  lb  radially 
Rear  Bearing  takes  4.  3  lb  radially 


The  design  ultimate  accelerations  are: 

Boost  Phase  .20  g's  axial 

(Bearings  static) 

1-1/4  g's  lateral 

Homing  Phase  7-1/2  g's  axial 

(Bearings  Operative) 


Table  11-15.  Bearing  Design  Loads  Summary 


Bearing 

■^Static  Lbs 

^‘Running  Lbs 

Axial 

Radial 

IIQQIIIIH 

Radial 

Yaw 

374 

12 

140 

10(70)** 

Pitch 

27 

212 

22(160)** 

80 

Roll 

Fwd 

32 

414 

26 

155 

Aft 

0 

96 

0 

33 

. ' 

Loads  are  per  duplex  pair 

Loads  in  parenthesis  occur  when  gimbal  is  rolled  90  degrees, 
i.e.,  when  pitch  axis  parallels  vehicle  thrust  axis. 


11.3.5.2  Bearing  Preload 

The  preload  designed  into  the  duplex  pairs  must  be  optimized  to  give 
lowest  starting  torque  in  combination  with  the  unbalance  torques  due  to 
center  of  gravity  shift  resulting  from  axial  or  radial  compliance  in  the 
bearings.  The  compliance  (yield)  rate  of  the  bearings  is  decreased  by 
increased  preload  which  in  turn  increases  the  initial  starting  torque; 
hence,  an  optimum  preload  can  be  obtained  which  yield  a  minimum  total 
torque  as  shown  graphically  in  Figure  11-45. 

The  increment  torques  AT  varies  linearly  with  the  bearing  yield 
r.ate  (N),  i.e.,  AT  =  CN  where  C  =  17  x  10^  in  oz  for  yaw  and  C  =  118  x 
10^  in  oz  for  pitch. 

One  restriction  to  the  above  is  that  the  bearing  yield  rate  (inches/lb) 
be  kept  below  a  certain  level  to  avoid  jeopardizing  the  platform  natural 
frequency.  The  bearings  are  of  isoelastic  design  in  that  the  yield  rate  (N) 
is  the  same  for  both  radial  and  axial  loads. 
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YIELD 
RATE,  N 
(IN/LB) 


STARTING 
TORQUE,  Tj 

(IN-03) 


PRELOAD  (LB) 


Figure  11-46.  Starting  Torque  Vereue  Bearing  Preload 


For  the  design  study  the  bearing  preloads  were  arbitrarily  set  at 
50  pounds  which  resulted  in  the  following  starting  torques: 


Yaw  and  Pitch  axis  bearings 
Roll  axis  bearings 


6.6  in  os  per  pair 
8. 0  in  oz  per  pair 


These  torques  were  supplied  upon  request  from  bearing  manufacturers 
and  assumed  oil  lubrication. 

IT .  3.5.3  Lubrication 

Due  to  the  short  platform  life  requirements  in  the  spare  environment, 
the  bearings  can  use  conventional  oil  or  grease  lubricants  in  conjunction 
with  a  labyrinth  seal.  Justification  for  this  approach  is  as  follows: 

e  Outgassing  of  the  lubricant  would  represent  a  problem 
only  if  particles  deposited  on  sensitive  elements  such 
as  on  the  camera  lens.  This  is  improbable  due  to  the 
difficult  geometric  path  between  lubricant  molecules 
and  the  lens.  The  molecules  would  have  to  bounce  to 
attach  themselves  to  the  lens  face.  Even  if  some 
molecules  were  to  take  such  a  path,  it  is  improbable 
that  there  would  be  critical  deposition  in  the  30  minutes 
maximum  operating  period. 

•  Plated  races  and  balls,  which  might  offer  an  alternate 
approach,  tend  to  give  increased  ball  race  diameters 
and  increased  breakout  torques. 

•  The  oiled  bearings  is  much  smoother  in  operation  than 
plated  races  and  balls.  Burnished  M0S2  coatings  and  gold 
plated  balls,  another  alternate,  tend  to  have  peaked  torque 
levels. 
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11.3.5.4  Platform  Natural  Frequency 


Of  major  concern  in  the  design  of  a  gimbaled  platform,  is  the 
inherent  structural  resonant  frequency.  It  is  desirable  to  maintain  a 
minimum  resonant  frequency  from  five  to  ten  times  greater  than  the 
maximum  platform  limit  cycle  frequency  which,  in  this  case,  is  estinnated 
to  be  approximately  20  cps  (Reference  Chapter  5),  An  approximate 
natural  frequency  for  the  platform  is  given  by: 


Where  ^  i  is  the  summation  of  static  deflections  under  a  one  g  acceleration 
field. 

Consider  bending  stiffness  in  the  plane  of  the  gimbal  ring  (Normal  to 
the  camera  roll  axis).  The  major  deflections  (6)  under  one  g  are: 


Axial  deflection  of  yaw  axis  bearings 

Deflection  of  gimbal  ring 

Radial  deflection  of  pitch  axis  bearings 

Deflection  of  roll  axis  fitting 

Radial  deflection  of  roll  axis  bearings 


Inche  s 

0,000140 

0.000020* 

0.000070 

0.000035 

0.000131 

0.000396 


Based  on  an  'T'  section  one  inch  high  x  1.5  inches  wide  x  0.06  inch 
thickness. 


_  1  3Bb~‘ 


’  1 57  cps 

Thu  above  deflection  estimates  are  based  on  the  following  ground  rules: 

s  Yield  rate  in  all  bearings  is  assumed  to  be  7  micro  inches 
per  pound  both  axially  and  radially. 

s  Structural  material  is  beryllium 

s  The  deflection  of  the  inner  platform  (camera  barrel  and 
yoke)  is  negligible. 
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Because  of  high  torttonal  delleAions,  the  above  "I"  section  does  not 
provide  sufficient  gimbal  ring  stiffness  normal  to  the  plane  of  the  ring; 
hence,  a  box  section  (1.5  x  1.0  x  0.06)  was  selec^d.  As  noted  in 
Table  11-16.  an  equivalent  stiffness  could  be  obtained  with  an  increased 
*'1*  section  at  the  cost  of.about  0.5  lb  as  compared  to  the  above  box  section. 

Though  structurally  inefficient  as  a  torsional  member,  the  heavy  "I"  section 
can  be  readily  obtained  by  conventional  machining  from  a  solid  block.  The 
box  section,  however,  requires  the  use  of  a  bolted,  brazed,  welded  or 
bonded  joint  to  close  out  the  cross  section. 

Table  11-16.  Gimbal  Ring  Resonant  Frequency  Summary 

Natural  Frequency 
Fj^  in  cps 

In  the  plane  Normal  to  the 

of  the  ring  plane  of  the  ring  I 


"I"  Section 

( 1 . 5  X  1  X  0 . 06) 

157 

Unacceptable 

} 

’'I”  Section  (Beefed-up) 

(1.5  X  1  X  0.25) 

^  157 

156 

i 

i 

\ 

Box  Section 

(1.5  X  1  X  0.08} 

-157 

163 

1 

1 

5 

Box  Section 

(1,5x1x0.08) 

*•157 

175 

i 

Infinility  Stiff  Gimbal  Ring 

165 

183 

• 

A  bonded  joint  was  selected  since  berylium  bonding  techniques  arc 
well  established  with  joint  strengths  of  10,000  psi  readily  obtainable. 

Since  stiffness  is  the  design  criteria  for  this  part,  actual  stresses  in  the 
part  arc  probably  an  order  of  magnitude  below  this  level;  therefore,  con¬ 
fidence  in  the  design  is  not  degraded  by  the  use  of  a  bonded  structure. 
Conventional  quality  control  techniques  can  insure  a  highly  reliable  structural 
clement. 

The  major  portion  of  the  spring  rate  of  the  platform  in  any  direction 
is  contributed  by  the  bearings.  If  increased  stiffness  is  required,  improve¬ 
ment  can  be  obtained  through  a  bearing  redesign. 
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11.3.5.5  Electrical  Flex  L«ad« 

The  anticipated  wiring  budget  for  the  platform  iaaa  follows: 


Number  of  wires 

Gage, 

Camera 

18 

24* 

Gyros 

27 

24 

2 

22 

DC  Servos 

'  4 

24 

Resolvers 

10 

Total  61 

30 

Two  of  these  wires  must  be  shielded. 

For  the  pitch  and  yaw  axis  the  flex  leads  rotate  through  ±6  degrees. 
This  simplifies  the  flex  lead  design  since  a  straight  torsional  cable  can  be 
used  as  shown  on  Figure  11>44.  To  balance  the  cable  weights  on  the  plat¬ 
form,  the  cable  is  split  intwo  branches  and  wired  symmetrically  as  shown. 

Approximate  torque  figures  have  been  obtained  for  this  configuration 
by  the  use  of  a  simple  model  made  of  28  •  No.  24  gage  wire  with  1-1/2  Inches 
free  length.  The  result  obtained  was  1-1/4  in  os  torque  for  6  degrees  of 
movement.  This  gives  a  total  of  2.5  in  oz  torque  around  the  pitch  or  the 
yaw  axis. 

The  flex  lead  configuration  for  the  roll  axis  is  in  the  form  of  opposed 
spiral  springs.  This  type  of  flex  lead  is  proposed  due  to  its  compactness 
and  small  variations  in  torque  over  the  extreme  roll  movement  of 
1360  degrees.  The  concept  is  shown  on  Figure  11-43  and  diagrammatically 
in  Figure  1 1 -46. 
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The  electricAl  cable  la  trantformsd  into  tMvo  flexible  bande,  one  wire 
Ihlckneea  and  approximately  one  inch  wide.  This  can  be  achieved  by  either 
bonding  together  standard  insulated  wiiea  or  by  etched  circuits  on  mylar 
film.  Theoretically,  as  the  spring  force  of  the  wire  wraps  are  opposing 
each  other,  the  torque  required  for  movement  is  zero,  providing  that  the 
spring  rate  remains  constant  as  in  Figure  11-47,  a.id  that  the  springs  are 
preloaded. 


PRELOAD 


Figure  11-47.  Lead  Wrap-up  Versus  Torque 

However,  as  the  spring  rate  will  change  and  since  hysteresis  effects 
arc  unknown,  it  is  proposed  to  use  SO  percent  of  the  torque  required  to 
rotate  one  ul  the  bands  through  720  degrees.  This  was  found  to  be  2.80  in  oz 
by  a  simple  test  using  conventional  insulated  24  gage  wires.  It  should  be 
noted  that  these  figures  arc  preliminary  and  that  further  substantiation 
would  be  required  for  any  hardware  application. 

ll.l.S.b  Platform  Inertia  Orientation  Torques 

Platform  incrti.as  have  been  calculated  and  are  as  follows; 

Yaw  25.  1  oz  in  sec^ 

Pitch  26.5  oz  in  sec^  ' 

Roll  5.4  oz  in  sec^ 


The  platform  inertia  torques  are  as  follows: 


11.3.5.6.1  Yfcw  Axit.  The  platform  it  to  be  reorientated  about  the  yaw 
axil  a  maximum  of  6  degrees  in  1.2  tec  with  constant  angular  acceleration. 


Figure  11-48.  Platform  Orientation  nate  ana  Acceieratiuu 

For  the  velocity  diagram  at  shown  in  Figure  11-48.  angular 
acceleration  a  c  0.29  radt/tec^. 

Platform  yaw  torque  »  la  s  25. 1  x  0.29  *  7.  29  oa  In. 

11.  3. 5. 6. 2  Pitch  Axis.  Angular  acceleration  about  the  pitch  axis  it 
identical  to  that  for  yaw,  i.e.,  as  0.29  radt/tec^. 

Platform  pitch  torque,  I  o  s  26.  5  x  0.  29  s  7,  7  oa  in. 

11.3.5.6.3  Roll  Axle.  Angular  acceleration  about  the  roll  axil  during 
the  target  acquisition  mode  it  assumed  to  be  identical  to  that  of  the  above 
yaw  and  pitch  axis'tracking  mode  acceleration!,  i.e.,  o  =  0.29  rads/sec. 

Platform  roll  torque  =  1  a  =  5. 4  x  0.  29  *•  1.57  oa  in. 

11.3.5.6.4  Thermal  Center  of  Gravity  Shift.  The  center  of  gravity  of 
the  camera  moves  along  the  yaw  axis  0.00211  inches  with  respect  to  the 
platform  when  the  camrra,  initially  at  room  temperature,  reaches  its 
maximum  operating  temperature  of  55®C.  Assuming  that  the  structure 
rcmiins  at  room  temperature,  the  incremental  torque  due  to  this  center 
of  gravity  niovement  is  approximately  0.7  oz  in  about  the  pitch  and  roll 
axis  only.  With  the  platform  rolled  90  degrees,  i.e.,  platform  pitch  axis 
parallel  to  the  vehicle's  thrust  axis,  a  roll  torque  of  approximately  3.0oain 
results  from  this  offset. 


11.3.S.6.5  Ma>*  Unbalance.  The  platform  wOl  be  dynamically  balanced 
using  trim  weight*  a*  shown  in  Figure  11-44.  i.e.,  threaded  collar*  locked 
in  poaition.  More  trim  weight*  will  be  required  than  those  shown,  these 
being  omitted  from  the  drawing  for  clarity.  The  camera  will  be  in  the 
tracking  mode  during  dynamic  balancing  of  the  platform  to  account  for  the 
center  of  gravity  shift  that  occurs  due  to  a  camera  lens  shift  from  acquisition 
to  the  tracking  mode.  There  will  be  other  mass  unbalance  which  cannot  be 
trimmed  out  and  are  at  present  incalculable  such  as: 

o  Variation  of  camera  longitudinal  center  of  gravity 
with  temperature 

o  Thermal  warpage  of  gimbal  rings  due  to  unsymmetrical 
heating 

o  Misalignments  due  to  material  creep,  etc. 

However,  it  is  to  be  expected  that  the  snm  of  these  and  other  unknown 
effects  will  be  small  and  by  the  use  of  a  conservative  factor  applied  to  the 
values  in  Table  11*17  in  siaing  the  torque  motors  these  side  effects  can 
be  ignored.  It  is  felt  that  ihis  reserve  factor  should  be  at  least  l.S  or 
preferably  2  times  the  calculable  torque  requirements,  which  for  a  small 
weight  penalty  considerably  increases  the  platform  confidence  level.  In¬ 
creased  electric  power  requirements  for  the  larger  torquers  are  negligible 
because  of  the  short  operating  time. 

Table  II*  17.  Platform  Torque  Requirements  Summary 


Yaw  Axis 


Bearing  friction 

13. 2  ox  in 

Reorientation  torque 

7. 3  ox  in 

Flex  leads 

2.S  ox  in 

Servo  friction 

1 . S  ox  in 

Totsl 

24.3  ox  in 

Pitch  Axis 

Bearing  Friction 

13.2  ox  in 

Reorientation  torque 

7.7  ox  in 

Flex  leads 

2.S  ox  in 

Thermal  center  of  gravity  shift 

0.7  ox  in 

Servo  friction 

1 .  S  ox  in 

Totsl 

23.6  ox  in 

Roll  Axis 

Bearing  Friction 

13.0  ox  in 

Reorientation  torque 

1.6  ox  in 

Flex  leads 

2.8  ox  in 

Thermal  center  of  gravity  shift 

3.0  ox  in 

Total 

Id. 4  ox  in 
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11.3.5.7  Platform  A«>»mbly  Procedur* 

Aa  an  additional  platform  deacriptivc  aid,  th«  following  aatembly 
aaquenc*  ia  praaonkotL 

a  Aaaembla  camara  aupporting  yaka  to  gimbal  ring 

a  Inatall  yaw  axia  bearinga,  torque  motor,  raaolvar, 
attach  nuta  and  electric  cabling. 

a  Aaaembla  above  aubaaaembly  to  roll  yoke  fitting 

a  Inatall  pitch  axia  ahafta,  bearinga.  torque  motor, 
reaolver.  nuta  and  cabling 

a  Aaaembla  gyroa  to  their  aupport  atructura  and  checkout 
their  mutual  alignment  then  inatall  on  camera 

a  Aaaembla  camera  aubaaaembly  to  aupporting  yoke; 
make  electrical  connection. 

a  Inatall  forward  and  aft  aupport  aeaembllea  complete 
with  torque  motora,  bearinga,  reeolvera,  'locking 
mechaniam  and  cabling. 

a  Aaaembla  flex  lead  aaaembly 

a  Proceed  with  dynamic  balancing,  proof  teat,  etc. 
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11.  4  HOMING  STAGE  WITH  RADAR  TRACKER 
11.4.x  Vehicle  D€«criptlon 

The  reder  equiped  homing  stage  which  appeers  in  Figures  11-2 
and  11-38  is  similar  tnthe  electro- optical  homing  stage  in  many  respects 
and*  in  fact*  shares  many  common  subsystems  such  as  the  main  engine* 
attitude  control  electronics*  computer*  etc.  The  vehicle*  also  interfaces 
with  the  booster  in  a  similar  fashion  and  uses  the  same  fairing  and  a 
similar  adapter.  The  use  of  a  different  tracking  subsystem  and  trarhead  . 
prompted  the  need  for  several  subsystem  changes  and  resulted  In  a  vehicle 
weighing  about  950  pounds  which  is  about  350  pounds  heavier  than  the 
electro-optical  vehicle.  Other  differences  appear  in  the  vehicles  .upp«f 
structure  where  major  modifications  were  necessary  to  accommodate  the 
radar  components.  Also*  all  attitude  coittrol  engines  are  body  mounted 
which  was  not  possible  on  the  other  vehicle  due  to  interaction  with  the 
unfurlable  kill  mechanism. 

The  acquisition  and  tracking  subsystems  differ  completely  from  the 
electro-optical  vehicle.  A  large  (4  x  6  ft)  planer  array  which  is  wrapped 
around  the  vehicle's  outer  shell  in  the  stowed  position  and  deployed  after 
booster  separation  provides  target  illumination  during  the  acquisition  and 
subsequent  tracking  mode.  A  16  inch  diameter  dish  on  a  stable  platform 
provides  angle  tracking  data  during  the  homing  phase.  A  brief  descrip¬ 
tion  of  the  antenna  and  glmbaled  platform  appears  in  Section  11.4.4. 

To  avoid  duplication,  only  the  subsystems  and  features  peculiar  to 
the  radar  vehicle  will  be  discussed  in  this  section  with  all  other  vehicle 
subsystems  defined  in  Section  11.3.  Comparison  of  vehicle  outboard 
drawings.  Figures  11-2  and  11-3  and  the  general  arrangement  drawings* 
Figures  11-37  and  11-38*  are  a  further  aid  in  establishing  vehicle 
differences. 

11.4.2  Vehicle  Physical  Properties 

The  ground  rules  for  the  detailed  weight  and  mass  properties  analysis 
for  this  vehicle  are  Identical  to  those  stated  in  Section  11. 3. 2.  The  radsjr 
subsyctem  replaces  the  electro-optical  subsystem  used  on  the  ether  vehicle 
and  the  unfurlable  warhead  is  replaced  by  an  Internally  mounted  explosive 
warhead.  A  detailed  weight  summary  appears  in  Table  11-18.  Ignition 


m 
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and  burnout  mats  properties  are  summarized  in  Table  11-19.  The  indicated 
center  of  gravity  offset  along  the  x  and  y  axes  could  be  eliminated  by  com¬ 
ponent  rearrangement  during  a  next  design  iteration. 


Table  11-18.  Summary  Weight  Statement  Homing  Stage  W/Radar  Tracker 


Psvlosd 


Wsrhasd  66.0 

Futa  4. 0 

Rsdiir  (Body  Mountod) 


Trenimitter  Aetembly 

65.0 

Power  Supply 

65.0 

Receiver  Assembly 

48.0 

Duplexes 

5.0 

Acquisition  Antenna  (4  x  6  ft  Planer) 

36.  0 

Clmbalcd  Tracking  Antenna 

26.4 

Receiving  Electronics 

3.5 

Wave  Guide  Tubing 

1.8 

Gyros  (3) 

3.0 

Torqusrs  (3) 

3.0 

Bearings  (3) 

1.3 

Resolvers  (3) 

3.0 

Yoke 

8.4 

Structure 

2.3 

Glmbal  Ring 

1.9 

Flex  Leads 

2.0 

Antenna  (16  Ineh.dlameter) 

2.2 

Platform  Control  Electronics 

* 

6.0 

ACS  Electronics 

3.7 

Digital  Guidance  Computer 

27.0 

Power  Supply 

21.0 

Batteries  - 

15.0 

Electronics 

6.0 

Wiring  and  Boxes 

19.0 

Supports  and  Hardware 

8.2 

Hominc  Staae 

Propellant  Tank  Assembly 

31.8 

Propell.tnt  PUunbing  System 

11.0 

Propellant — Impulse 

262.6 

Propellant — Residual 

8. 1 

Engine 

38.0 

PresBUrisation  Tank  Ni 

20.3 

Press urizatlon  Gas  Nr 

Pressurization  Pluming 

17.1 

5.0 

Attitude  Control  Engines  w/valves. 
Lines  and  Brackets 

16.0 

.Sinittiirs 

Stsge  Structure 

109.0 

Total 

Rccommandcd  Contingency  5  percent 


V 


IQ?? 


109.0 

915.2 
45. 1 


Vehicle  Croti  Weight 


961.0 


Properties  of  Vehicle  at  Burnout 


Center  of  Cravl 


Inertia  About  Center 
of  Gravity  (Slue  ft 


11,  4.  3  Attitude  Control  Subsystem 


The  attitude  control  subsystem  fox  the  radar  vehicle  utilizes  the 
same  basic  type  of  control  engines  as  the  electro-optical  homing  stage. 

All  engines  are  body  mounted  as  shown  on  Figures  11-Z  and  11-38  since 
the  use  of  the  internally  mounted  warhead  in  place  of  the  unfurlable 
device  negates  the  need  for  deployed  roll  engines.  The  design  criteria 
for'this  subsystem  is  summarized  in  Table  11-20  which  show  torques 
and  total  energy  requirements  somewhat  reduced  from  the  electro -optical 
vehicle  again,  due  to  the  elimination  of  the  unfurled  kill  mechanism. 
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Table  11-20.  Attitude  Control  Subsystem  Design  Criteria 
Homing  Stage  W/Radar  Tracker 


Roll 

Pitch 

Yaw 

Required  Torque  (est)  (ft-lb)^ 

204 

36 

4 

Thruster  Lever  Arm  (it) 

3.25 

3.25 

2. 1<2) 

Engine  Thrust  (lb) 

63 

11 

2(3) 

Homing  Phase  (seconds) 

96 

90 

90 

Total  Energy  (Est)  (ft-lb-sec) 

8000 

1700 

200 

Total  Impulse  (Est)  (lb  sec) 

2460 

520 

95 

(1)  Established  in  Chapter  6 

(2)  Couple  lever  arm  (two  thrusters) 

(3)  Each  Thruster 

A  more  detailed  definition  of  this  subsystem  appears  in  the  pro>. 
pulsion  Section  11.2.4  and  in  Section  11.3.3. 

11.4.2  Gimbaled  Radar  Tracker 

The  radar  tracking  subsystem  consists  of  a  slotted  wave  guide  radar 
antenna  mounted  on  a  gimbaled  platform.  Associated  electronics,  gyros, 
etc.  are  either  body  moimted  on  the  vehicle  or  mounted  on  the  platform. 

A  platform  with  three  degrees  of  freedom  is  required  to  satisfy  the  selected 
vehicle  guidance  technique  which  depends  on  angle  tracking  data  to  estab¬ 
lish  the  direction  and  magnitude  of  commanded  thrust.  The  platform 
mechanical  design  requirements  .ire  governed  by  this  t.irget  tracking' 
technique  and  the  vehicle  attitude  control  requirements  as  established 
in  Chapter  8  as  well  as  the  vehicle  configuration  and  anticipated  loads. 
These  criteria  are  summarized  below; 

•  Roll  freedom  (around  the  tracker  LOS)  of  ±360®  minimum. 

•  Pitch  and  yaw  freedom  of  ±4®  minimum 

•  Vehicle  acceleration  (maximum  design  limit  load)  along  the 
yaw  axis  during  tracker  operation  of  4  g's 

•  Angular  acceleration  of  the  vehicle  around  the  LOS  '2  rad/sec^ 
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•  A  mechanical  gimbal  lui.k  during  the  boost  phase'(15.  4  g's 
maximum  limit  load) 

•  Resonant  frequencies  of  the  gimbal  structure  of  about  200  cps 

•  Life  of  30  mintites  maximum  is  a  space  environment 

•  Gimbal  order  from  the  inside  out  is  yaw;  pitch  and  roll  to 
avoid  trigometric  transformation  during  the  roll  maneuvers 

•  Design  ultimate  accelerations  are: 

Boost  Phase  (bearings  static)  20  g's  axial 

1-1/4  g's  lateral 

Homing  Phase  (bearings  operative)  5  g's  axial 

1  g  lateral 

The  selected  design  takes  advantage  of  a  conventional  gimbaled 
platform  approach  using  a  three-axis,  bearing-mounted  gimbal  system 
as  shown  in  Figures  11-49  and  11-50.  The  gimbal  order  from  inside-out 
is  yaw,  pitch  and  roll.  The  inner  platform  is  a  slotted  wave  guide  pl^er 
array  anteima  with  associated  electronic  wave  guide  components  arranged 
to  provide  dynamic  balance  around  gimbal  centerline.  (See  Figure  11-51.) 

The  MIG  gyros  are  mounted  on  a  three  axis  support  bracket  attached 
to  the  base  of  the  antenna.  The  inner  gimbal  ring  contains  the  yaw  axis 
bearings,  torquer  and  resolver  and  the  fore  and  aft  supports  contain  the 
roll  axis  bearings,  torquer  and  resolver.  All  structural  elements,  such 
as  the  gimbal  ring  and  yoke,  are  made  of  beryllium  for  maximum  stifhiess 
to  weight  ratio  and  maximum  thermal  stability. 

The  electrical  connection  between  the  stabilized  platform  and  the 
vehicle  is  thru  flex  leads.  The  platform  is  securely  locked  to  the  craft 
during  boost  when  high  acceleration  loads  are  encountered. 

11.4.2.1  Bearings 

The  selected  bearings  arc  large  bore,  extra  thin,  deep  groove 
roller  bearings  which  are  designed  for  duplex  mounting  in  preloaded,  pairs 
to  provide  high  rigidity  and  low  friction  torque.  The  bearing  arrangement 
is  identical  for  all  three  axes  in  that  axial  expansion  is  accommodated  by 
allowing  one  duplex  pair  to  float  in  the  housing.  The  bearing  preloads 
were  arbitrarily  set  at  50 pounds  which  results. .  in  the  following  estimated 
starting  torques  supplied  by  the  bearing  manufacturer. 
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Figure  U-49.'  Gimbal  Plalforni  PcrBpective  —  Radar  Tracker 


Yaw  and  Pitch  axis  bearings  6.  6  In  ox  p*r  pair 
Roll  axis  bearings  8.  0  in  ox  per  pair 

Due  to  the  short  platform  life  in  the  space  environment*  it  is  pro*  . 
posed  that  the  bearings  use  conventional  oil  or  grease  lubricants  in  con¬ 
junction  with  a  labyrinth  seal.  Justification  for  this  approach  was  outlined 
in  Section  11. 3. 4.  3  of  this  chapter. 

11.4.4.2  Platform  Natural  Frequency 

Of  major  concern  in  the  design  of  a  gimbaled  platform,  is  the 
inherent  structural  reasonant  frequency.  It  is  considered  desirable  to 
maintain  a  minimum  reasonant  frequency  from  five  to  ten  times  greater 
than  the  maximum  platform  limit  cycle  frequency  which  in  this  case  is 
estimated  to  be  approximately  20  cps  (see  Chapter  •).  Although  a  detailed 
loads  and  deflection  analysis  of  this  design  was  not  undertaken  at  this  time* 
the  analysis. assoieated  with  the  electro-optical  gimbaled  platform  (Section 
U.  3. 4. 4),  which  is  similar  in  many  respects,  indfeated  that  the  required 
natural  frequencies  were  indeed  attainable  provided  beryllium  is  used  as 
the  structural  material  and  reasonable  bearing  yield  rates  are  maintained. . 

11.4.4.3  Electrical  Flex  Leads 

w 

For  the  pitch  and  yaw  axis*  the  flex  leads  rotate  through  at**.  This 
simplifies  the  flex  lead  design  since  a  straight  torsional  cable  can  be  used. 
To  balance  the  cable  weights  on  the  platform*  the  cable  is  split  in  two 
branches  and  wired  symmetrically. 

The  flex  lead  configuration  for  the  roll  axis  is  in  the  form  of  opposed 
sprial  springs.  This  type  of  flex  lead  Is  proposed  due  to  its  compactness 
and  small  variations  in  torque  over  the  extreme  roll  movement  of  ±360**. 
The  concept  is  shown  diagrammatically  in  Figure  ll>46*  Section  11.3.4.4. 

The  electrical  cable  is  transformed  into  2  flexible  bands,  one  wire 
thickness  and  approximate  1  inch  wide.  This  can  be  achieved  by  either 
bonding  together  standard  insulated  wires  or  by  etched  circuits  on  Mylar 
film.  Theoretically,  as  the  spring  force  of  the  wire  wraps  are  opposing 
each  other,  the  torque  required  for  movement  is  zero  providing  that  the 
spring  rate  remains  constant  as  in  Figure  11-47,  Section  11.3.4.  4  and 
that  the  springs  are  preloaded. 
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11.4.4.4  Platform  Orientation  Torou*! 

Orientation  torque  requirexnente  qre  eetabliehed  b/  platform  angular 
acceleration,  beating  friction,  electrical  lead  wrap  up.  aervo  friction, 
and  unaccountable  platform  center  of  gravity  ahifte.  These  effects  are 
minimized  by  careful  design  and  by  dynamically  balancing  the  platform 
with  trim  weights  on  all  axes.  Torque  estimates  appearing  in  Section 
11.  3.4.  6  are  considered  applicable  here  and  were  used  as  a  basis  for 
selecting  the  following  platform  torque  levels. 

Roll  Torque  70  in  oz 

Pitch  and  Yaw  Torque  35  in  os 

As  was  the  case  with  the  electro- optical  platform,  it  is  felt  that 
a  reserve  factor  of  at  least  1.  5  or  preferably  2  times  the  calculable 
torque  requirements  is  a  small  weight  penalty  for  a  considerably  increased 
platform  confidence  level.  Increased  electric  power  requirement  for  the 
larger  torquers  is  negligible  because  of  the  short  operating  time. 

As  an  additional  descriptive  aid.  the  platform  assembly  sequence  is 
outlined  belowt  (see  Figure  11-45) 

e  Install  bearings  in  front  and  rear  supports 

e  Assemble  both  supports  to  roll  axis  yoke 

e  Install  roll  torque  motor  in  front  support  and  resolver  in 
rear  support 

e  Install  bearings  on  both  pitch  axis  shafts 

e  Install  shafts  with  bearings  in  pitch  axis  supports  in  yoke 
and  secure  to  gimbal  ring  with  retainers 

•  Install  bearings  on  both  yaw  axis  shafts 

.  #  Slip  forward  portion  of  wave  guide  with  antenna  attached 

through  hole  in  forward  end  of  roll  axis  yoke.  Install  shafts 
with  bearings  in  yaw  axis  supports  in  gimbal  ring  and  secure 
to  bosses  on  wave  guide  with  retainers 

e  Install  pitch  and  yaw  torque  motors  and  resolvers 

e  Assemble  aft  section  of  wave  guide,  gyros  and  electronics  to 
forward  section  of  wave  guide. 
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11.4.5  Alternate  Antenna  Ccniideratloim 

A  tingle  transmitting  and  receiving  parabolic  radar  antenna  wat 
suggested  for  use  as  a  target  acquisition  and  tracking  device.  Such  aa 
antenna  would  replace  the  proposed  dual  hybrid  antenna  system  for  the 
radar  equipped  homing  stage  which  utilises  a  body  fixed  array  trans¬ 
mitting  antenna  for  target  acquisition  and  a  small  gimbaled  antenna  for 
target  angle  tracking.  The  design  criteria  for  the  suggested  system  is 
as  follows: 

o  To  satisfy  the  angle  tracking  requirements,  the  antenna 
must  be  fully  gimbaled  with  *360  degree  roll  freedom  and 
approximately  *4  degree  pitch  and  yaw  freedom. 


o  Rotary  wave  guide  Joints  are  required  to  provide 
r-f  connections  between  the  body  mounted  trans¬ 
mitter  and  the  antenna  feed. 


o  High  dish  stiffness  is  required  to  minimise  deflections 
under  load  (approximately  5  g's  limit  load)  which 
would  degrade  the  antenna's  performance. 


o  A  5  foot  diameter  parabolic  dish  with  multiple 
horn  feeds  is  required. 


o  The  dish  must  be  collapsable  to  accommodate  stowage 
in  the  payload  clearance  envelope  for  Minuteman. 

A  cursory  look  at  the  stowage  problems  revealed  Utal  the  collapsed 
dish  must  be  stowed  with  its  axis  coincident  with  or  parallel  to  the  fairing 
centerline.  A  90  degree  hinge  action  is  therefore  required  to  place  the 
antenna  in  operating  position.  Without  further  study, it  is  not  clear  whether 
it  would  be  best  to  hinge  outboard  (between  the  dish  and  gimbals),  or  in¬ 
board  (between  gimbal  and  vehicle)  of  the  gimbal  system.  In  either  case, 
wave  guide  hinge  or  rotary  Joints  are  required  as  well  as  a  positive  lock¬ 
ing  system.  An  inboard  hinge  would  seem  preferred  to  avoid  degrading 


11-97 


the  platform  atiffneas  by  uae  of  an  outboard  hinge.  Furthermore  there 
would  be  Inherent  c.g.  platform  ahift  aaaociated  with  the  Inboard  hinge. 

Preliminary  deaign  atudiea  ahow  that  a  fairing  length  increaae  of 
about  2  feet  would  be  required  to  accommodate  the  collapsed  antenna 
regardleaa  of  the  collapaing  technique. 

Two  unfurlable  concepts  were  considered.  One  utilizes  hinged 
pedals  on  the  largest  possible  rigid  center  on  which  the  four  feed  horns 
and  Cassegrain  secondary  are  mounted.  Because  of  close  tolerance 
requirements  between  the  secondary  and  horns,  it  is  not  considered 
practical  to  collapse  and  unfurl  these  elements.  It  appears  that  the  un* 
furled  pedals  must  be  mutually  supported  or  structurally  Joined  at  the 
periphery  to  maintain  the  required  antenna  surface  accuracy  under  load. 

A  satisfactory  means  of  accomplishing  this  with  a  simple  and  reliable 
system  is  not  evident. 

An  alternate  concept  utilizes  a  light  weight  inflatable  structure  to 
deploy  and  support  the  par«bciic  reflector.  A  concept  that  appears 
feasible  is  an  inflatable  torus  which  is  used  to  stretch  the  two  parabolic 
diaphragms;  one  is  a  metalized  reflective  surface  which  serves  as  the 
active  parabolic  reflector  and  the  other  serves  passively.  The  parabolic 
shape  is  obtained  by  the  use  of  drop  cords  which  maintain  the  parabolic 
diaphragm  shape.  Again,  a  rigid  center  for  cassegrain  secondary 
reflector  and  feed  horn  mounting  would  be  used.  Torus  pressure  would 
be  established  to  maintain  tension  in  the  membranes  under  the  anticipated 
load  conditions. 

Many  unfurlable  anteiuias  have  been  designed  and  fabricated  but 
primarily  for  use  on  nonmaneuve rable  spacecraft.  Stabilized  dish 
antenna  designs  also  exist  as  well  as  refined  gimbal  systems  with  sufficient 
structural  stiffness  to  meet  this  system’s  angle  tracking  limit  cycle 
frequency  requirements.  Antenna  or  platform  deployment  through  90 degree 
is  not  considered  a  problem. 


11.  S  FAIRING  AND  ADAPTER  DESIGNS 

A  preliminary  defign  study  oi  the  fairing  and  adapter  section  was 
conducted  to  provide  ahaais  £os  a  rough  weight  estimate  and  to  detesndae 
the  loads  induced  on  the  Minuteman  structure  fay  the  fairing  aerodynamic 
loads.  The  fairing  configuration  was  tailored  to  house  the  subject  homing 
stages  and  designed  to  satisfy  the  envelope  constraints  delineated  in  the 
Boeing  Booster  Symposium  Document  (Reference  1). 

The  adapter  section  was  designed  to  mate  with  the  Minuteman  G 
and  C  section  cr  with  the  range  safety  equipment  section:  assumed  to 
be  required  for  flights  from  the  continexit.  The  adapter  is  essentially  an 
extension  of  the  homing  stage  structure  which  is  fabricated  of  magnesium. 

A  peripheral  shaped  charge  separation  system  is  employed  for  disengaging 
the  homing  stage  from  the  adapter  section. 

A  shaped  charge  fairing  separation  system  is  utilixed.  in  lieu  of  a 
presplit  fairing  with  e:q>losive  actuators,  to  maintain  maximum  fairing 
structural  iixtegrity  during  the  boost  phase.  Lateral  AV  to  the  separated 
shells  is  provided  by  a  proloaded  spring  plunger  system.  The  fairing 
structural  design  shown  in  Figure  ll-.SZ  was  based  on  the  esthnsded 
loads  appearing  in  Figures  ll-Sl.  11-54  and  11-55.  These  loads  are 
based  on  maximum  qa  conditions  for  the  most  depressed  mission  trajectory 
under  consideration.  The  basic  fiberglass  structure  consists  of  ring 
stiffened  half- shells  tied  together  by  a  doubler  frame.  The  fairing  le 
made  in  two  halves  to  facilitate  assembly,  and  installation  of  tbs  separa¬ 
tion  system  in  the  otherwise  inaccessible  forward  portion  of  the  fairing. 

The  estimated  weight  of  the  fairing  including  structure,  insulatlm , 
separation  systems,  etc.  is  217  pounds  and  21  poundb  for  the  adapter 
section. 

A  prellminai*y  structural  analysis  was  conducted  of  the  extert.al 
fairing  provided  to  aerodynamically  shield  the  homing  stage  during  the 
Minuteman  booster  flight  through  the  atmosphere.  The  external  fairing 
is  designed  to  be  structurally  independent  of  the  homing  stage.  Critical 
loading  on  the  fairing  occurs  during  the  maximum  qa  flight  environment. 

At  this  time  the  cylindrical  portion  of  the  fairing  is  subjected  to  an  ulti¬ 
mate  maximum  axial  load  of  8, 940  pounds  combined  with  an  ultimate 
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bending  moment  of  444, 000  inch  pouadt  with  negligible  aerodynamic  pret> 
Bures.  The  conical  portion  of  the  fairing  is  subjected  to  a  corresponding 
ultimate  axialload  of  8»620  pounds,  an  ultimate  bending  moment  of  56,  200 
inch  pounds  and  an  ultimate  external  crushing  pressure  of  12.  5  pounds 
per  square  inch.  The  design  selected  for  these  loading  environments  is 
a  ring  stiffened  monocoque  structure  of  epoxy  glass  construction  whose 
structural  thickness,  independent  of  insulation  thickness  requirements, 
range  from  0. 12  inch  in  the  cylindrical  portion  to  0. 15  inch  in  the  conical 
portion.  The  allowable  axial  compressive  working  stresses  are  6,000 
pounds  per  square  inch  in  the  cylindrical  section  and  8,250  pounds  per 
square  inch  in  the  conical  section.  Corresponding  allowable  axial  load 
equivalents  are  72,4000  potmds  and  124,300  pounds  respectively.  The 
allowable  hoop  compressive  working  stress  for  the  given  ring  spacing 
in  the  conical  section  is  2,260  pouMs  per  square  inch  equaling  an  external 
crushing  pressure  of  22.7  pounds  per  square  inch.  All  fairing  structural 
allowables  are  based  on  a  conservative  maximum  operating  structural 
thickness  temperature  of  400^  F  during  the  maximum  qa  condition.  The 
resulting  ultimate  ma^’gins  of  safety  arc'  12  percent  for  the  cylindrical 
portion  and  47  percent  for  the  conical  portion.  Straight  line  type  inter- 
actions  between  axial,  bending  and  crushing  external  pressure  loads  were 
assumed  for  the  fairing  structure  in  arriving  at  the  margins  of  safety. 
Ring  stiffened  monocoque  type  construction  was  selected  because  of  its 
simplicity,  consistent  with  good  axial  and  external  pressure  load  carrying 
capabilities.  Epoxy  glass  material  was  select<‘d  because  of  its  favorable 
strength  at  moderate  temperatures  consistent  with  good  insulative  charac¬ 
teristics.  Margins  of  safety  for  the  fairing  structure  was  purposely  kept 
high  due  to  the  preliminary  nature  of  the  structural  analysis  which  did 
not  include  the  influences  of  thermal  differential  stresses.  However,  at 
this  time  it  is  felt  that  this  design  approach  is  conservative  and  therefore 
satisfactory  for  initial  weight  estimation  purposes. 

For  thermal  protection  of  the  payload  during  the  ascent  through  the 
atmosphere,  an  insxdatcd  fairing  capable  of  resisting  the  aerodynamic 
loads  is  required.  The  insulation  must  be  of  a  thickness  great  enough 
to  prevent  the  structure  from  exceeding  temperatures  which  would  exces¬ 
sively  degrade  the  strength  of  the  fairing.  An  additional  requirement  is 
the  thermal  protection  of  payload  components  prior  to  lairing  jettison. 
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The  nose  fairing  differs  somewhat  from  conventional  fairing  design 
because  of  the  use  of  a  Minuteman  booster.  The  higher  acceleration  of 
MiniTteman  creates  considerably  greater  ascent  heating  than  that  from 
liquid  propellant  boosters.  In  this  environment  of  high  heating,  a  satis¬ 
factory  design  is  obtained  by  utilizing  materials  which  ablate  at  com¬ 
paratively  low  temperature.  The  thermal  energy  stored  in  the  fairing 
wall  and  the  associated  temperatures  are  reduced  in  this  way  as  compared 
to  a  solid  nonablating  wall  made  of  fiberglas,  for  example. 

The  materials  selected  for  the  c^’lindrical  portion  of  the  fairing 

are  fiberglas  (0. 120  inches)  with  an  outer  cork  insulation  (0. 180  inches). 

A  similar  construction  utilizing  a  magnesium  substructure  is  in  use  on 

the  Minuteman  missile  and  has  been  demonstrated  to  be  adequate  in  flight 

tests.  Because  of  the  questionable  performance  of  cork  in  environments 

of  high  aerodynamic  shear  stress,  the  nose  and  forecone  material  are 

assumed  to  be  made  of  fiberglas  (—0.  6  inches).  This  design  will  maintain 

the  load  bearing  portion  of  the  fairing  at  a  temperature  of  400‘’r  or  less 

0 

during  the  design  heating  and  load  trajectory  for  the  Minuteman  booster. 

11.  6  RADAR  EQUIPPED  HOMING  STAGE  WITH  A  LARGE  WARHEAD 

Consideration  of  attacks  against  "hardened"  targets  implies  the 
need  for  large  (approximately  1,  SOO  grain)  fragments  for  effective  kill 
(sue  Chapter  10).  To  obtain  a  reasonable  pattern  density  (approximately 
0,2  to  0.  5  pellets/ ft^)  in  conjunction  with  an  estimated  pattern  diameter 
of  60  ft,  the  warhead  weight  increases  to  approximately  250  pounds  as 
compared  to  66  pounds  for  a  "soft"  target  warhead.  A-  preliminary  vehicle 
configuration  (Figure  11-56  and  weight  estimate  (Table  11-21)  were 
gciu-iated  based  on  the  radar  equipped  vehicle  design  parameters.  Although 
it  appears  that  such  a  vehicle  could  be  physically  adapted  to  the  Minuteman, 
fairing  length  increase  of  about  14  Inches  is  necessary.  Analysis  shows 
that  this  increase  in  fairing  length  gives  use  to  a  severe  structural  prob¬ 
lem  due  to  aerodynamic  loads,  induced  by  side  winds  at  maximum  qa. 
Solution  of  this  structural  problem  requires  strengthening  of  the  GC 
component  (a  simple  modification)  and  strengthening  of  the  top  of  the 
third  stage,  a  possible  extensive  modification. 


Table  11-21.  Radar  Equipped  Homing  Stage  with 
250  lb  E3q>lo8ive  Warhead 


Vehicle  Gross  Weight 

1290 

Propellant  Weight 

ilb 

Tankage*  Pressurization. 

Residual  Weight 

50 

Attitude  Control  System  Weight 
(less  electronics# 

58 

Engine  Weight 

52 

Structure  and  Temperature 

Control  Weight 

140 

.Payload  Weight 

579 
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CHAPTER,  12 


BOOSTER  SELECTION  AND  RANGE- PAYLOAD  CAPABILITY 

12.1  SELECTION  OF  PREFERRED  BOOSTER  WSTEMS 

The  lelection  of  a  hooat  vehicle  for  the  eatellite  intercept  mission 
is  not  a  simple  task;  all  of  the  candidate  vehicles  examined  originally 
were  developed  as  ballistic  missile  weapon  systems  and  as  such  are  not 
directly  applicable  without  minor  or  major  modifications.  The  problem, 
therefore,  becomes  one  of  determining  the  criteria  by  which  to  measure 
the  capability  of  the  candidate  vehicles  for  the  mission,  evaluating  each  . 
of  the  vehicles  against  these  criteria,  determining  the  extent  of  the  modi¬ 
fications  required  for  the  mission,  and  estimating  the  cost  and  development 
time  required  to  effect  the  modifications  and  implement  the  boost  vehicle 
subsystem  portion  of  an  antisatellite  interceptor. 

The  various  boost  vehicles  studied  for  the  satellite  intercept  mission 
have  been  generally  evaluated  in  order  to  select  from  among  them  a 
promising,  but  lesser  number  for  detailed  study.  The  original  vehicles 
included  the  Atlas  D.  £.  and  F;  the  Titan  1  and  II,  the  Minuteman,  Wings 
U  and  VI;  the  Polaris  A2  and  A3;  the  Thor  with  BTL  and  ACSP  guidance 
systems:  and  the  thrust-augmented  Thor  (with  BTL  guidance)  by  itself, 
with  the  Agena  as  a  second  stage,  and  with  the  Delt^  upper  stages.  From 
this  group  five  boost  vehicles  were  selected  for  further  study  although  all 
are  more  or  less  appropriate  for  the  mission.  The  five  selected  were  the 
Titan  II,  the  Minuteman  (Wings  II  ajid  VI),  and  the  Polaris  (A2  and  A3). 

The  reasons  for  selecting  these  in  preference  to  the  other  vehicles  are 
discussed  below. 

12.1.1  Boost  Vehicle  Criteria 

The  characteristics  of  boost  vehicles  which  are  of  prime  concern 
to  this  mission  are  the  performance  capability,  guidance  system  adapta¬ 
bility.  cost,  reliability,  availability,  launch  site  requirements,  and  pay- 
load  size  and  weight  constraints. 

12.1.1.1  Performance  Capability 

The  boost  vehicle  performance  capabilities  are  measured  most 
readily  in  terms  of  range -altitude  coverage  volumes  for  given  payload 
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weight!.  The  payload  weight  range  initially  being  considered  is  500  to 
2500  pounds;  however,  higher  payload  weights  are  not  eliminated  from 
consideration  (especially  for  the  Titan  11).  Altitudes  of  interest  extend 
from  7S  to  2500  n  mi. 

12. 1.  1.  2  Guidance  System  Adaptability 

The  guidance  systems  for  all  of  the  boost  vehicle  systems  under 
present  consideration  were  developed  for  ballistic  missile  weapon  system 
application.  The  requirements  for  these  systems  included  rapid  reaction 
time  (with  a  preselected  target)  and  highly  accurate  impact  point  predic¬ 
tion  and  control.  Later  requirements  also  included  a  multiple  (preselected) 
target  capability  and  a  prescribed. time  of  flight  or  time -on-target- control 
(TOTC)  capability  for  possible  salvo  operations. 

The  booster  guidance  system  to  be  used  for  the  satellite  interception 
mission  must  be  capable  of  reaction  against  a  target  satellite  whose  posi¬ 
tion  is  not  known  until  shortly  before  the  Interceptor  is  to  be  launched. 

This  requirement  can  be  met  with  existing  guidance  systems  by  providing; 
a)  a  ;rapid  retargeting  capability  which  allows  a  sufficient  azimuthal  coverage 
and  which  can  be  operated  so  that  the  total  retargeting  plus  countdown  time 
satisfies  the  reaction  time  requirements,  and  b)  a  guidance  program  and 
equation  set  which  allows  an  accurate  intercept  with  the  moving  satellite 
target. 

12. 1. 1.  2. 1  Retargeting  Time.  The  allowable  retargeting  time  is  a  func¬ 
tion  of  the  required  system  reaction  time,  the  countdown  time,  the  tracking 
station  coverage,  the  command  and  control  response  .time,  the  speed  of 
determination  and  transmission  of  target  satellite  ephemerls  data,  the 
exact  nature  of  the  threat,  and  the  number  and  locations  of  interceptor 
launch  sites.  The  most  relaxed  level  of  system  reaction  time  is  repre¬ 
sented  by  the  requirement  for  interception  within  24  hours  of  launch. 

The  most  stringent  level  of  system  reaction  time  is  the  requirement  for 
interception  within  one  orbital  period  after  a  satellite  is  designated  as  a 
hostile  target. 

12. 1. 1.  2.  2  Azimuthal  Coverage.  The  azimuthal  coverage  necessary  to 
allow  a  favorable  downrange  Intercept  of  any  target  satellite  from  a  single 
launch  site  is  360  degrees.  This  coverage  can  be  provided  by  a  boost 
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vehicle  with  a  360  degree  azimuthal  capability,  two  boost  vehicle*  with 
180  degree  azimuthal  capability,  or  generally  n  boost  vehicles  with  360 
deg/n  azimuthal  capability.  I^ange  safety  limitations  on  the  permissible 
attack  sector  will  obviate  the  requirement  for  a  360  degree  coverage  in 
some  cases,  but  in  general,  broad  azimuth  coverage  by  a  single  vehicle 
is  desirable. 

12.1.1.2.3  Guidance  Program  and  Evaluation.  The  guidance  program 
and  equation  set  must  be  designed  to  allow  intercept  of  the  target  satel¬ 
lite  at  a  prescribed  time  and  point  in  space.  This  means  that  the  guidance 
input  must  include  an  intercept  time  (in  terms  of  GMT),  as  well  as  a 
latitude,  longitude,  and  altitude  of  intercept. 

12.1.1.3  Other  Considerations 

In  addition  to  the  criteria  discussed  above,  major  items  to  be  con¬ 
sidered  are  cost,  reliability,  availability,  launch  site  requirement*,  and 
the  payload  size  and  weight  constraints.  For  purposes  of  boost  vehicle 
selections,  some  approximate  costs  for  the  Atlas,  Titan  and  Mlnuteman 
weapon  systems  were  obtained. 

The  mission  reliability  of  a  boost  vehicle  is  strongly  dependent  on 
the  maintenance  policy  which  is  employed.  The  boost  vehicle  reliability 
for  the  satellite  interception  mission  will  be  the  product  of  the  readiness, 
retargeting,  countdown  and  flight  reliabilities.  A  cursory  examination 
of  the  quoted  reliability  figures  for  the  boost  vehicles  considered  shows 
that  if  the  retargeting  operation  can  be  successfully  modified,  no  signi¬ 
ficant  reliability  differences  may  exist  between  boost  vehicles. 

The  special  launch  site  requirements  of  the  various  boost  vehicles 
include  radio  baselines,  freedom  from  radio  interference  in  certain 
frequency  regions,  and  storage  facilities  for  the  propellants.  The  solid- 
fueled  vehicles  require  a  fairly  rigidly  controlled  temperature-humidity 
environment;  the  cryogenics  require  special  storage  facilities  for  LOX; 
and  the  storable  liquids  are  toxic  and  require  special  handling. 

The  payload  size  and  weight  constraints  for  each  boost  vehicle  will 
be  treated  as  payload  design  constraints,  since  the  payload  design  is  not 
fixed. 
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12.1,2  Evaluation  ol  Candidate  Vehicle! 

12.1.2.1  Porforntunca 

The  vertical  flight  capmbilitiee  of  the  aelected  vehiclee,  assuming 
burning  to  pro^^llant  depletion  and  then  coasting  to  apogee,  are  presented 
in  Figure  12-1*  as  a  function  of  payload  weight.  These  curves  show  the 
maximum  altitude  capabilities  of  the  less  energetic  boosters  such  as 
Polaris,  Thor,  and  Minuteman  with  payload  weights  greater  than  500 
pounds:  however,  for  the  large  booster  vehicles  which  have  orbital  capa¬ 
bilities,  higher  apogee  altitudes  can  be  achieved  by  flying  a  more  optimum 
ascent  trajectory  profile.  The  utility  of  these  curves  is  further  limited 
because  they  do  not  reflect  certain  system  constraints  nor  do  they  indicate 
the  range  capability  associated  with  a  given  altitude.  These  shortcomings 
notwithstanding,  the  c  trves  a^'t  useful  for  an  initial  performance  ranking 
of  the  selected  vehicles  as  an  indication  of  their  maximum  altitude  capa- 
capabilities. 

The  curvet  show  that  on  a  payload  performance  basis  all  of  the 
selected  vehicles  have  some  capability  for  the  SIS  mission,  but  as  would 
be  expected,  a  large  differential  exists  between  the  capabilities  of  a 
Polaris  or  Thor  and  an  Atlas  or  Titan.  For  example,  for  a  payload  weight 
between  500  to  1000  pounds  and  a  maximum  altitude  capability  requirement 
of  approximately  1500  n  mi,  one  might  choose  between  a  Polaris  or  Thor 
although  any  of  the  more  energetic  boosters  could  operate  at  this  altitude. 
For  the  same  payload  weigld  and  a  maximum  altitude  capability  require- . 
ment  between  2000  and  3000  n.  mi,  one  could  select  from  either  a  Minute- 
man,  Atlas,  Titan  1  or  TAT  plus  second  stage.  Clearly  for  this  case  the 
selection  of  the  booster  vehicle  would  have  to  be  based  on  operational 
considerations  rather  than  payload  performance.  For  maximum  altitudes 
much  above  3000  n  mi  the  Titan  11  is  the  only  possible  choice. 

However,  if  one  were  selecting  a  booster  for  a  much  heavier  payload, 
a  different  booster  choice  would  probably  be  made  for  the  lower  altitude 
threats  because  of  the  differences  in  payload  sensitivity  of  the  various 

*For  convenience  all  Illustrations  in  Chapter  12  are  placed  at  the  end 
of  the  chapter. 


vehicles.  The  performancecapebllities  of  the  second  generation  multistage 
vehicles  are  degraded  more  rapidly  by  an  increase  in  payload  weight  than 
that  of  a  single  stage  Thor  or  one  and  or.e>half  stage  TAT  or  Atlas. 

12.1.2.2  Guidance  System  Considerations  , 

12. 1. 2.  2. 1  Retargeting.  The  present  retargeting  operation  for  the  Atlas. 
Titan  and  Minuteman  weapon  systems  begins  at  SAC  headquarters  with  the 
assignment  of  a  specific  target.  Input  cards  are  prepared  for  the  opera* 
tional  targeting  program  and  the  target  data  required  by  the  missile  guid¬ 
ance  computer  are  computed  on  an  IBM  7090.  A  punched  tape  is  then 
manufactured  and  transported  from  SAC  headqxiaretes  to  the  missile  launch 
site,  where  it  is  read-in  to  the  guidance  computer.  (In  the  case  of  the 
Atlas  E  and  F.  transfluxor  and  ground  operating  equipment  (COE)  diode 
boards  must  be  prepared,  transported  and  installed. )  If  repositioning  of 
the  missile  and/or  inertial  platform  is  not  required,  comtdown  may  then 
be  initiated. 

• 

For  the  satellite  interception  application,  the  desired  reaction  time 
may  necessitate  a  major  departure  from  the  targeting  procedure  described 
above.  It  is  assumed  that  the  target  data  required  by  the  guidance  com¬ 
puter  can  be  calculated  from  the  satellite  ephemeris  data  ajvd  from  infor¬ 
mation  regarding  the  Interceptor  launch  site  locations,  reaction  time  and 
trajectory  characteristics.  Assuming  a  7090  or  similar  computer  to  be 
available  to  the  system  for  these  calculations,  the  remaining  time  to 
retarget  will  be  used  to  transmit  the  calculated  inputs  to  the  missile 
guidance  computer.  Since  the  present  method  of  preparing,  transporting, 
and  reading-in  punched  tape  inputs  to  the  guidance  computer  requires 
excessive  time,  a  direct  electrical  input  from  the  7090  output  into  the 
boost  vehicle  guidance  computer  is  desirable.  It  is  estimated  that  the 
necessary  targeting  data  could  be  calculated  in  approximately  7  minutes, 
with  launch  aaimuth  available  after  approximately  2  minutes.  If  a  direct 
electrical  input  were  used,  the  time  required  to  transmit  these  data 
would  be  negligible. 

The  following  paragraphs  discuss  the  various  boost  vehicles  and 
their  individual  targeting  problems: 


'  1 
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Thor.  The  flight  control  system  on  the  Thor  versions,  which 
controls  the  roll  and  pitch  programs  for  the  first  90  seconds 
of  flight  (before  BTL  guidance  takes  over),  presently  requires 
24  hours  to  reprogram.  Douglas  is  conducting  a  design  study 
of  a  solid  state  first  stage  flight  controller  which  provides  the 
capability  of  changing  steering  commands  through  the  use  of 
plug-in  modules,  thereby  reducing  the  retargeting  time  to  1  : 
to  2  hours.  The  retargeting  time  for  the  BTL  system  itself 
could  be  reduced  from  the  present  1  to  2  hours  by -modifying 
the  BTL  ground  system  to  allow  steering  requirements  and 
target  tracking  data  to  be  stored  in  the  ground  computer. 

Atlas  E  and  F.  The  Atlas  E  and  F  Arma  guidance  system  re¬ 
targeting  operation  presently  requires  approximately  4  hours, 
not  including  the  time  required  to  transport  the  airborne 
transfluxor  board  and  GOE  diode  board  from  the  targeting 
center  to  the  launch  site.  Of  this  time,  approsdmately  1  hour 
is  required  for  computation  and  for  preparation  of  these  boards, 
and  approximately  three  hours  are  required  to  install  the 
boards  and  perform  an  alignment  and  calibration.  This  re¬ 
targeting  time  could  be  reduced  by  redesigning  the  airborne 
computer  and  targeting  insertion  methods. 

Titan  1  and  11.  The  Titan  I  and  11  guidance  systems  presently 
require  approximately  1  hour  for  targeting  calculations  and 
punched  tape  manufacture,  additional  time  for  transporting 
the  punched  tape  from  the  targeting  center  to  the  launch  site, 
and  approximately  20  minutes  for  the  punched  tape  readin  and 
subsequent  countdown.  The  radio- guided  Titan  1  requires 
5  minutes  for  tape  readin  to  the  ground  guidance  computer 
and  has  a  15-minute  countdown,  while  the  Titan  II  requires 
about  20  minutes  for  tape  readin  to  the  missile  guidance  com¬ 
puter  and  1  minute  for  countdown.  By  providing  a  direct 
electrical  interface  between  the  targeting  computer  and  the 
guidance  computer,  the  retargeting  time  could  conceivably 
be  reduced  to  about  7  minutes  as  discussed  above.  The 
Titan  I  is  limited  by  radar  look  angles  to  an  azimuthal  coverage 
of  about  ZOO  degrees,  while  the  Titan  II  has  an  all  azimuth 
capability. 

Minuteman  Wina  IL  The  Minuteman  Wing  II  retargeting  opera¬ 
tion  at  the  targeting  center  provides  a  Mylar  punched  tape 
which  requires  about  30  minvitcs  to  prepare.  This  tape  then 
must  be  transported  to  the  lavmch  site,  where  it  requires  about 
3  minutes  or  less  to  readin  the  new  tape.  This  retargeting 
operation  couid  be  reduced  to  about  7  minutes  for  the  satellite 
intercept  application.  The  subsequent  countdown  requires 
approximately  30  seconds. 

If  the  target  azimuth  is  changed  by  more  than  10  degrees  from 
the  previous  target  (existing)  azimuth,  seven  to  8  hours  are 
required  to  shut  the  computer  down,  reposition  the  missile, 
\imbilicals  and  auto-collimator,  restart  and  fill  the  computer. 
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and  perform  platform  erection,  alignment  and  calibration. 

About  Z-1/2  hours  could. be  saved  omitting  the  calibration 
cycle,  resulting  in  a  degradation  in  accuracy.  The  weapon 
system  is  limited  in  azimuth  to  a  120  degrees  sector.  The 
sector  could  be  increased  by  extending  the  auto-collimator 
bench  and  the  umbilicals. 

e  MimUeman  V/ing  VI.  The  Minuteman  Wing  VI  retargeting 
operation  is  similar  to  that  of  the  Minuteman  Wing  II,  except 
that  no  repositioning  of  the  missile  is  required  for  a  360 
degree  azimuthal  coverage.  If  the  new  target  azimuth  is  more 
than  10  degrees  from  the  previous  azimuth  setting,  15  minutes 
are  required  to  reposition  the  inertial  platform.  This  time 
could  be  reduced  to  about  1  minute  with  minor  modifications 
discussed  in  the  next  chapter.  The  Wing  VI  countdown  is  also 
about  30  seconds. 

Wing  VI  has  radio  and  cable  inputs  directly  to  the  airborne 
computer  from  a  remote  location  which  could  be  used  as  a 
direct  link  to  the  targeting  center  of  the  satellite  interception 
system.  The  data  rate  is  8  bits  per  second  for  radio  inputs 
■  and  64  bits  per  second  for  cable.  These  rates  could  be  increased 
to  16  and  256  bits  per  second,  respectively. 

e  Polaris.  The  Polaris  weapon  system  targeting  is  presently 
accomplished  using  a  firing  table  approach  discussed  in  the 
following  chapter.  The  countdown  requires  a  maximum  of 
13  minutes  and  includes  a  4  minute  allowance  for  realignment 
of  the  guidance  platform  to  a  new  azimuth.  The  airborne  com¬ 
puter  may  be  filled  during  the  countdown.  The  Fire  Control 
Computer  has  a  direct  electrical  interface  with  the  airborne 
guidance  computer. 

12.1.2.2.2  Guidance  Program  and  Egviations.  In  order  to  allow  intercept 
of  the  target  satellite  at  a  prescribed  time  and  point  in  space,  the  guidance 
program  and  equation  set  of  the  boost  vehicle  selected  will  require  certain 
modifications.  It  appears  that  guidance  equations  with  prescribed  time  of  . 
flight  would  allow  the  greatest  flexibility  of  operation  and  accuracy  of  inter¬ 
cept.  It  is  also  desirable  that  information  regarding  vehicle  attitude  be 
available  for  use  by  the  homing  stage,  which  will  require  this  information 
in  order  to  orient  itself  for  the  acquisition  mode. 


The  Titan  II,  Minuteman  (Wing  VI)  and  Polaris  A2  guidance  systems 
employ  prescribed  time  of  flight  guidance  techniques.  The  Titan  II, 
Minuteman  (Wings  II  and  VI)  and  Polaris  guidance  systems  also  provide 
the  capability  of  transmitting  attitude  information  to  the  payload,  although 
some  modifications  will  be  required. 


The  Atlas  E  and  F  guidance  system  has  the  capability  of  providing 
coarse  attitude  information  to  the  payload.  Special  procedures  would  be 
required  to  provide  accurate  attitude  information  to  the  payload. 

The  Atlas  D,  Titan  I  and  one  version  of  Thor  use  radio  guidance 
systems  and,  therefore,  information  not  directly  available  in  the  boost 
vehicle  conceivably  could  be  supplied  from  the  ground.  The  inertial  guid¬ 
ance  system  used  in  Thor  is  comparatively  outdated,  containing  a  large 
number  of  obsolete  components  of  low  accuracy.  It  is  doubted  that  this 
system  could  satisfy  the  requirements  of  the  SIS  mission  even  with  major 
hardware  modihcations. 

12.1.2.3  Cost 

Crude  cost  estimates  for  the  Atlas,  Titan,  and  Minuteman  weapon 
systems  are  presented  in  Table  12-1.  These  coarse  estimates  are  obtained 
by  amortizing  tctal  costs  (exclusive  of  R  and  D)  over  the  number  of  deployed 
missiles.  The  mi.sile  costs  shown  in  this  table  are  not  necessarily 
meaningful  if  eidsting  launch  facilities  could  be  used. 


Table  12-1.  Estimated  Weapon  System  Initial  Investment 
Costs  (Millions  Dollars) 


« 

Atlas 

Titan  I 

Titan  U 

Wing  II 
Minuteman 

Missile  plus  spares 

2.0 

2.  6 

2.8 

1.  8 

Support  equipment  plus  spares 

9.4 

24.7 

15.0 

1.  7 

Site  acquisition  and  base 
construction 

3.2 

4.0 

5.6 

0.  7 

Personnel  training 

0.  1 

0.  1 

0.1 

0.  1 

iiscellaneous 

0.  3 

0.  6 

0.5 

• 

Total 

15.  0 

32.0 

24.0 

4.  3 

12.1.2.4  Summary 

It  is  believed  that  none  of  the  studied  boost  vehicles  can  be  rejected 
on  the  grounds  of  inability  to  perform  the  satellite  interception  mission  if 
certaj  modifications  are  allowed.  It  is  also  believed  that  none  of  the 
boost  vehicles  can  perform  the  mission  without  some  modification. 


12-8 


Inasmuch  as  STL  desired  to  avoid  a  dilution  of  effort  resulting  from  studying 
all  of  the  boost  vehicles^  five  were  selected  for  further  stuty.  These  five 
are  the  Titan  11;  the  hfinuteman,  tilings  H  and  VI;  and  the  Polaris  A2  and 
A3.  The  choice  was  based  upon  two  factors;  a)  those  booster  systems 
which  appear  to  be  the  most  promising  ones  for  the  satellite  interception 
system  application,  and  b)  vertical  flight  performance.  The  vehicles 
chosen  cover  the  complete  spectrum  rather  well.  If  very  high  altitudes 
and/pr  heavy  payloads  are  considered,  the  Titan  II  is  clearly  superior 
from  the  performance  point  of  view.  If  lower  altitudes  and  lighter  pay- 
.'oads  are  considered,  Polaris  appears  to  have  an  adequate  performance 
capability.  For  the  middle  altitude  ranges,  the  choice  of  Minuteman  was 
made  over  the  Thor  and  its  offspring.  Atlas  and  Titan  I;  primarily  on  the 
basis  of  apparently  simpler  operation  or  lesser  guidance  modifications 
and  a  possible  cost  savings. 

12.2  EVALUATION  OF  BOOSTER  PERFORMANCE 

Detailed  studies  have  been  conducted  in  order  to  evaluate  the  per¬ 
formance  capabilities  of  the  five  boost  vehicles  which  were  selected  as 
most  promising  for  the  SIS  mission.  Initial  studies  were  conducted  to 
determine  the  maximum  range*altitude  capability  envelopes  for  these 
vdiicles  as  a  function  of  payload  weight  without  regard  to  the  resultant 
interceptor 'target  trajectory  geometry  at  intercept.  Later  studies  were 
concerned  with  evaluating  vehicle  intercept  capabilities  when  intercept 
geometry  constraints  are  considered.  The  effects  of  aerodynamic  heating, 
loads,  and  guidance  constraints  on  interceptor  ascent  trajectories  were 
considered  in  all  studies.  In  some  cases  these  constraints  were  not  well 
defined  so  that  their  effect  could  only  be  estimated. 

12.2.1  Ranue -Altitude  Capability  Envelopes 

Presented  in  this  section  are  the  altitude  versus  surface  range 
capabilities  of  the  five  boost  vehicles  selected  for  detailed  study;  namely, 
Polaris  .M  and  A3,  Minuteman  Wings  11  and  VI,  and  Titan  IL  Where  avail¬ 
able,  the  performance  data  presented  by  the  respective  booster  vehicle 
contractors  have  been  utilized;  however,  for  the  most  part  the  results  are 
boi-  u  on  STL  trajectory  simulations  because  of  the  incompleteness  of  the 
data  presented  by  the  contractors.  In  the  case  of  Polaris,  lack  of  definitive 
configuration  data  and  information  pertaining  to  trajectory  constraints  made 


it  impossible  to  simulate  exactly  the  performance  capabilities  of  the 
missile.  However,  it  is  believed  that  any  discrepancies  between  con¬ 
tractor  missile  performance  estimates  and  the  estimates  presented  in 
this  report  will  be  relatively  small.  A  final  definition  of  booster  per¬ 
formance  is  also  dependent  on  the  payload  design  since  it  will  affect 
booster  weights,  aerodynamic  characteristics,  and  may  impose  additional 
constraints  on  the  ascent  trajectory. 

Range-altitude  capabilities  are  presented  for  Polaris  and  Minuteman 
for  payloads  of  500,  1000,  and  1500  pounds.  Because  of  the  greater  capa¬ 
bility  of  Titan  Q,  data  are  presented  corresponding  to  payload  weights  of 
622,  3000,  5000,  and  6000  pounds.  Payload  weight  for  all  vehicles  is 
defined  as  the  weight  above  an  adapter  and  therefore  includes  the  payload 
weight  plus  shroud  if  required.  All  booster  ascent  trajectories  are  based 
on  an  estimated  3ff  propellant  reserve  to  insure  that  the  capabilities  pre- 
sented  can  be  achieved  by  a  booster  with  non-nominal  performance 
characteristics. 

A  detailed  description  of  the  trajectory  simulation  and  constraints 
considered  in  computing  vehicle  performance  is  presented  in  Appendix  A 
of  Reference  12-1.  Also  presented  there  is  a  summary  of  configuration 
data  for  all  five  boosters. 

12.2.1.1  Polaris  A2  and  A3 

Polaris  A2  and  A3  maximum  range-altitude  capability  envelopes  are 
presented  in  Figure  12-2  for  payloads  of  500,  1000  and  1500  pounds.  Each 
curve  in  the  figure  was  generated  by  simulating  several  trajectories 
ranging  from  vertical  flight  to  maximum  range  capability,  plotting  the 
resultant  range-altitude  loci,  and  then  drawing  an  envelope  tangent  to 
these  curves.  A  comparison  of  these  trajectories  with  Polaris  weapon 
system  trajectories  indicated  that  aerodynamic  heating  and  loads  con¬ 
straints  were  not  exceeded;  however,  the  near. vertical  trajectories  do 
violate  a  guidance  constraint  which  restricts  the  vehicle  attitude  at  burnout. 

12.2.1.2  Minuteman  Wings  II  and  VI 

Presented  in  Figure  12-3  are  Minuteman  maximum  capability 
envelopes  for  500,  1000,  and  1500  pound  payloads.  STL  and  Boeing  per¬ 
formance  estimates  for  Wing  VI  were  in  close  agreement,  hence  Boeing 
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12.2.2  Interceptor -Target  Trajectory  Geometry.  Considerations 

Of  critical  importance  to  the  homing  stage  designer  is  the  relative 
interceptor-target  geometry  at  the  initiation  of  the  acquisition  phaae.  1£ 
the  homing  stage  design  limits  the  satellite  intercept  to  apogee  or  near 
apogee  attacks  which  permit  favorable  homing  geometry,  then  the  inter¬ 
ception  of  targets  in  low  altitude  orbits  at  maximum  range  may  present 
some  special  problems  for  a  boost  vehicle  designed  for  an  IRBM  or  ICBM 
mission.  This  point  is  illustrated  in  Figure  12-6  in  which  range -altitude 
envelopes  for  a  Minuteman  are  presented.  Curve  A  in  the  figure  shows 
the  range  versus  altitude  attained  using  typical  ICBM  trajectory  shaping. 
This  shaping  is  characterized  by  a  three  second  vertical  rise  followed 
'  by  a  simulated  "kick"  gravity  turn  until  approximately  90  seconds,  after 
which  a  constant  inertial  attitude  is  maintained  until  Stage  3  burnout. 

Note  that  at  Stage  III  burnout  the  missile  is  at  an  altitude  of  1 12  n  mi  and 
that  the  resultant  apogee  altitude  is  approximately  660  n  mi.  At  a 
re-entry  altitude  of  100  to  200  n  mi  the  interceptor  is  descending  very 
steeply  so  that  if  intercept  was  to  occur  at  this  point  of  the  trajectory 
the  interceptor-target  relative  velocity  would  be  very  hi^  even  for  an 
in-plane  intercept.  Furthermore,  the  tracker  field-of-view  would  include 
the  earth  since  the  target  would  be  below  the  interceptor  at  initial 
acquisition. 

It  is  apparent  therefore,  that  the  ICBM  trajectory  shaping  is  not 
suitable  lor  intercepting  low  altitude  targets  unless  one  is  content  with 
kills  at  short  range  from  the  launch  site.  A  simple  method  of  attaining 
a  low  altitude  apogee  would  be  to  cut  off  the  Stage  3  motor  early,  there¬ 
by  severely  limiting  the  range  capability.  It  appears  that  the  best  tra¬ 
jectory  shaping  for  intercepting  low  altitude  targets  at  maximum  range 
is  to  depress  the  trajectory  by  pitching  the  interceptor  nose  down  during 
Stage  II  burning  rather  than  holding  a  constant  attitude.  The  effect  of 
this  pitch  maneuver  on  the  range-altitude  envelope  is  illustrated  by  curves 
B,  C,  and  D  in  Figure  12-6.  Using  the  ICBM  trajectory  shaping  (curve 
A),  at  90  seconds  the  vehicle  has  pitched  to  an  attitude  of  67  degrees 
relative  to  the  launch  vertical  which  was  maintained  until  Stage  3  burn¬ 
out.  The  trajectories  for  curves  B,  C,  and  D  were  identical  to  the  tra- 
jec.ory  for  curve  A  up  until  90  scemnds  of  flight,  at  which  time  a  pitch 
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rate  of  10  deg/sec  was  siinulated  until  the  indicated  attitudes  were  attained. 
All  trajectories  are  based  on  full  Stage  III  burn.  The  effect  of  the  pitch 
maneuver  is  seen  to  be  a  reduction  o£  the  burnout  and  apogee  altitude* 
and  the  surface  range  attained.  However,  the  re-entry  angle  is  not  nearly 
as  steep  and  because  of  this,  postapogee  attacks  will  be  possible  over  a 
considerable  range  with  tolerable  interceptor-target  relative  velocities 
and  without  the  tracker's  field-of-view  intersecting  the  earth. 

Based  on  the  above  method  of  trajectory  shaping  and  other  systems 
considerations,  a  plan  has  been  devised  for  intercepting  low  altitude  tar¬ 
gets.  This  plan  is  illustrated  schematically  in  Figure  12-7.  For  targets 
which  pass  close  to  the  launch  site  in  Region  1,  short  range  apogee  attacks 
will  be  used,  resulting  in  the  most  favorable  interceptor-target  closing 
geometry.  The  desired  apogee  altitude  will  be  achieved  by  using  early 
upper  stage  cutoff  or,  for  Polaris  A3,  homing  stage  separation  prior  to 
Stage  II  burnout.  The  desired  lateral  reach,  d,  will  be  achieved  by  varying 
the  launch  azimuth.  h\  Regions  2,  3,  and  4  postapogee  Intercepts  will  be 
utilized.  Intercepts  in  Region  2  will  utilize  a  fixed  launch  azimuth  and  a 
variable  upper  stage  cutoff  time  to  achieve  greater  ranges.  Intercepts 
in  Region  3  will  utilize  the  maximum  range  capability  of  the  booster  for  a 
specified  trajectory  shaping  and  a  variable  launch  azimuth  to  achieve 
greater  lateral  reaches.  Thus  the  same  trajectory  shaping  is  used  for 
intercepting  targets  in  Regions  1,  2,  or  3  with  the  cutoff  time  and  launch 
azimuth  being  varied  to  achieve  greater  lateral  reaches.  However,  to 
achieve  the  maximum  possible  lateral  reaches  it  may  be  necessary  to 
change  the  shaping,  since  a  highly  depressed  trajectory  does  not  result 
in  maximum  range  capability  (see  Figure  12-6).  This  would  correspond 
to  intercepts  occurring  in  Region  4. 

The  same  general  launch  scheme  can  be  used  to  intercept  targets  in 
high  altitude  orbits.  The  only  difference  is  that  as  the  target  altitude 
increases,  more  of  the  intercepts  will  occur  at  or  near  apogee. 

This  proposed  launch  scheme  is  not  intended  to  preclude  preapogee 
intercepts.  Additional  analysis  is  required  to  determine  if  preapogee 
intercept  is  more  optimal  than  an  apogee  intercept  for  targets  passing 
close  to  the  launch  site.  Launch  azimuth  and  range  restrictions  for  speci¬ 
fic  launch  sites  would  also  influence  the  choice  of  launch  geometry. 
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12.2.3  Boost  Vehicle  Lateral  Reach  Capabilities 


At  can  be  teen  £rom  Figure  12* 7«  the  e££ectivenett  of  a  tingle 
unrestricted  launch  site  depends  largely  upon  the  width  of  the  defended 
corridor.  This  corridor  width  is  twice  the  interceptor  lateral  reach* 
where  lateral  reach  is  defined  as  the  distance  of  closest  approach  between 
the  ground  trace  of  a  target  orbit  and  the  launch  site  of  an  interceptor 
which  can  kill  that  target.  In  this  section  the  lateral  reach  capabilities 
that  can  be  achieved  by  Minuteman  Wing  II,  Titan  U,  and  Polaris  A3, 
are  presented  at  a  function  of  some  pertinent  interceptor  target  geometry 
parameters.  In  the  deployment  analysis  presented  in  Chapter  14,  inter¬ 
ceptor  lateral  reach  will  be  related  to  system  reaction  time. 

The  following  parameters  are  evaluated  at  a  function  of  lateral 
reach: 

Vb  *  Magnitude  of  relative  velocity  vector 
it  • 

a  s  Angle  between  target  and  interceptor  velocity  vectors 

i},  s  Angle  between  target  velocity  vector  and  relative 
velocity  vector 

TCA  s  Track  crossing  angle,  angle  between  target  and  interceptor 
ground  traces 

ELA  e  Earth  look  angle,  angle  between  line-of-sight  from 
interceptor  to  target  and  local  horizon 

These  parameters  are  related  to  lateral  reach  (d),  target  velocity 
{V.J.),  interceptor  velocity  (Vj),  interceptor  surface  range  (Rj),  ard  inter¬ 
ceptor  flight  path  angle  (pj  =Pj  -90)  through  geometry  as  follows: 
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»;,  =•  sin  sin 

ELA  »  cos  ^  I^Vj  sin  "^P*  (target  altitude  »  100  n  mi) 

m 

12^2.3.1  Minuteman  Wing  11 

The  lateral  reach  capabilities  of  a  Minuteman  Wing  U  booster  with 
1000  and  1500  pound  pc.yloadB  were  evaluated  for  intercepting  targets  in 
100«  500.  and  1000  n  mi  circular  orbits.  The  resultant  capabilities  are 
presented  in  Figures  12*8  through  12-13  as  a  function  of  the  intercept' 
geometry.  The  principal  criteria  used  in  computing  these  data  was  to 
keep  the  relative  velocity  less  than  20,  000  feet  per  second  and  the  earth 
look  angle  greater  than  four  degrees  over  as  wide  a  range  of  lateral 
reaches  as  possible.  This  was  achieved  for  each  altitude  by  selecting 
different  Interceptor  ascent  trajectories  and  by  varying  the  interceptor 
launch  geometry  as  described  in  Section  12. 2.  2.  Noted  on  some  of  the 
Figures  are  the  regions  corresponding  to  the  launch  plan  used.  For  the 
1500  pound  payload,  only  one  set  of  initial  conditions  (V^,  ?|)  was 

used  to  evaluate  lateral  reach  capabilities  for  each  altitude.  In  each 
case,  conditions  were  selected  which  would  result  in  maximum  lateral 
reaches  for  the  specified  Vj^  and  ELA  criteria. 

Range -altitude  envelopes  for  the  ascent  trajectories  on  which  these 
capabilities  are  based  are  presented  in  Figxires  12-14  and  12-15.  All  tra¬ 
jectories  were  shaped  so  as  not  to  exceed  the  constraints  specified  for  the 
operational  Mi.nutcman.  However,  as  was  previously  mentioned  structural 
modifications  are  reqtured  in  the  Minuteman  third  stage  if  these  constraints 
arc  to  be  applicable  for  an  intercept  mission  with  large  homing  stages. 

The  weight  of  these  modifications  will  subtract  directly  from  the  payload 
weights  considered. 

From  Figures  12-8  through  12-13  it  is  seen  that  for  2.20, 000 
feet  per  second  and  ELA  2  4  degree,  a  Minuteman  Wing  11  booster  has  the 
following  lateral  reach  capabilities: 
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Taraet  Altitude,  n  mi  Lateral  Reach,  n  mi 

^PL  “  "^PL  “ 

100  2160  1720 

500  2640  2000 

1000  2300  1380 

For  a  target  altitude  of  100  n  ml.  Minuteman  lateral  reach  is  limited 
by  the  minimum  look  angle  constraint.  In  order  to  satisfy  this  constraint, 
a  depressed  trajectory  must  be  flowu  which  has  a  resultant  range  con* 
siderably  less  than  the  maximum  range  capability  of  the  booster.  If  the 
FLA  constraint  is  relaxed  so  that  the  tracker  11  eld -of -view  can  include  a  . 
portion  ol  the  earth,  the  maximum  lateral  reach  for  a  1000  pound  payload 
and  20.  000  ft/sec  would  be  increased  from  2160  to  2630  n  mL  For 
target  altitudes  of  500  n  mi  and  higher.  Minuteman  lateral  reach  is  limited 
by  the  relative  velocity  constraint.  At  these  altitudes,  the  ascent  trajec¬ 
tories.  which  result  in  maximum  lateral  reach,  generally  correspond  to 
maximtim  booster  range  capability. 

12.2.3.2  Titan  g 

The  lateral  reach  capabilities  of  a  Titan  II  booster  with  5000  pound 
payload  were  evaluated  for  target  altitudes  of  100,  500  and  1000  n  mi. 

These  capabilities  are  presented  in  Figures  12-16.  12-17.  and  12-18. 
and  range -altitude  envelopes  for  the  ascent  trajectories  on  which  they 
are  based  are  presented  in  Figure  12-19.  All  operational  Titan  II  tra¬ 
jectory  constraints  were  satisfied  in  generating  each  of  these  curves. 

The  geometry  presented  in  Figure  12-16  for  a  target  altitude  of 
100  n  mi  is  based  on  the  interceptor  being  injected  into  a  circular  orbit 
at  that  altitude.  In  this  case  the  earth  angle  is  a  function  only  of  the  alti¬ 
tude,  and  curves  of  intercept  range  versus  lateral  reach  can  be  drawn  for 
a  specified  relative  velocity  and  track  crossing  angle.  Curves  are  pre¬ 
sented  for  relative  velocities  of  20,  000.  30,000,  and  36,  190  ft/sec,  the 
latter  case  corresponding  to  a  cross  plane  intercept.  It  can  be  seen  that 
orbital  intercepts  alleviate  problems  associated  with  the  minimum  earth 
look  angle  constraint,  but  lead  to  higher  relative  velocities  at  intermediate 
lateral  reaches.  The  data  presented  for  target  altitudes  of  500  and  1000 
n  mi  are  based  on  ballistic  type  ascent  trajectories  and  are  similar  in  form 
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to  those  presented  for  Minuteman.  These  data  show  tliat  with  a  5000  pound 
payload  and  S  20.  000  ft/sec.  Titan  11  has  the  following  maximum  lateral 
reach  capabilitieai 

Target  Altitude,  n  mi  Lateral  Reach,  n  mi 

100  2750 

500  3000 

1000  3280 

The  intercept  geometry  presented  in  Figures  12-17  and  12-18  plus 
similar  data  based  on  other  ascent  trajectories  were  used  to  draw 
contours.  The  results  are  presented  in  Figures  12-20,  and  12-21  for  tar¬ 
get  altitudes  of  500  and  1000  n  mi  respectively.  In  these  figures,  target 
motion  is  assumed  to  be  in  a  downrange  direction,  thus  crossrange  dis¬ 
tance  corresponds  to  lateral  reach.  For  a  given  V^,  these  contours 
represent  the  intercept  footprint  that  can  bo  achieved  by  Titan  II  neglecting 
launch  aaimuth»  impact  range,  and  tracker  field-of-view  constraints. 

Shown  on  each  figure  is  a  constraint  line  corresponding  to  a  tracker  line- 
of- sight  tangent  to  an  altitude  of  400,000  feet.  For  a  specified  launch  site, 
launch  aaimuth  and  impact  range  constraint  lines  could  also  be  added; 
however,  the  reader  is  cautioned  that  angles  are  not  generally  preserved 
in  the  projection  shown. 

12.2.3.3  Polaris  A3 

A  preliminary  analysis  was  made  to  determine  the  Polaris  A3  lateral 
reach  capabilities  utilizing  the  launch  plan  previously  described.  Since 
sufficient  detailed  information  regarding  Polaris  configuration  data  and 
trajectory  constraints  was  not  available,  confidence  in  these  estimates  is 
not  as  great  as  that  for  the  Minuteman  estimates. 

Typical  range -altitude  envelopes  for  the  Polaris  A3  with  a  1000 
pound  payload  are  presented  in  Figure  12-22.  The  curve  labeled  "no 
pitch  maneuver"  is  roughly  representative  of  a  weapon  system  trajectory 
This  trajectory  was  shaped  by  simulating  a  short  vertical  rise  period 
♦■ollowed  by  a  gravity  turn  until  90  seconds,  after  which  a  constant  inertial 
attitude  was  'maintained.  The  atmospheric  portion  of  the  trajectory  was 
very  similar  to  that  described  by  Lockheed  in  Reference  12-3  as  being 
acceptable  lor  aerodynamic  heating  and  leads.  As  can  be  seen  from  the 


figure,  this  shaping  results  in  an  apogee  altitude  of  approximately  450 
n  mi  with  a  steep  re-entry  angle  in  the  altitude  range  from  100-150  n  mi. 

In  order  to  depress  the  trajectory,  .the  vehicle  was  pitched  at  84  seconds 
to  attitudes  of  67,  77,  and  87  degrees  as  noted  in  the  figure.  According 
to  a  statement  made  in  Reference  12-3,  a  pitch  maneuver  at  this  time 
is  per  mis  sable;  however,  the  angle  through  which  the  vehicle  can  be 
pitched  is  constrained  by  the  guidance  system.  If  the  vehicle  is  pitched 
past  an  attitude  of  approximately  78  degrees,  one  of  the  guidance  accel¬ 
erometers  will  saturate  and  the  guidance  accuracy  wUl  be  degraded 
accordingly  unless  suitable  guidance  system  modifications  are  made. 

Thus  the  trajectory  profiles  shown  rejpresent  varying  degrees  of  guidance 
degradation. 

Using  initial  conditions  for  apogee  and  postapogee  attacks  from  the 
depressed  trajectories,  intercept  geometry  was  computed  for  attacking  , 
targets  in  100  n  mi  circular  orbits.  F rom  this  it  was  determined  that  ^ 
only  the  ascent  trajectory  which  was  depressed  by  pitching  the  vehicle 
to  an  attitude  of  87  degrees  resulted  in  favorable  closing  velocities  and 
earth  look  angles  at  a  re-entry  altitude  of  100  n  ml  and  a  range  correspond 
ing  to  full  Stage  2  burn.  These  data  are  presented  in  Figure  12-23,  Using 
this  trajectory  shaping,  a  lateral  reach  capability  of  940  n  mi  was  attained 
for  20,000 ft/sec  and  ELA^  Sdegrees.  Froma.comparison  of  the  inter¬ 
cept  geometry  for  the  trajectories  which  were  not  as  severely  depressed, 
it  .Appeared  that  the  optimal  pitch  attitude  to  maximize  lateral  reach  was 
between  77  and  87  degrees,  so  that  the  Polaris  A3  lateral  reach  can  prob¬ 
ably  be  extended  to  1000  n  mi. 

12.2.4  Minuteman  Heating  and  Lo.ids  Trajectory  Analysis 

Since  the  trajectory  shaping  recommended  for  intercepting  targets 
in  low  altitude  orbits  differs  considerably  from  that  previously  analyzed 
for  weapon  system  application  a  study  of  the  sensitivity  of  these  trajec¬ 
tories  to non-nominal  missile  performance  was  performed  to  determine 
the  effect  on  aerodynamic  heating  and  loads.  Current  operational 
Minuteman  nominal  and  perturbed  trajectories  were  used  for  compara¬ 
tive  purposes  since  these  trajectories  had  already  been  generated  for 
another  purpose  {Reference  12-4).  Using  identical  configuration  data 
(corresponding  to  a  payload  weight  of  approximately  900  pounds)  and 


simulation  models,  nominal  and  perturbed  trajectories  were  computed  for 
a  satellite  intercept  mission.  The  powered  flight  trajectory  shape  was 
controlled  by  the  pitch  plane  velocity  steering  method  used  for  the  weapon 
system,  and  therefore  it  was  necessary  to  evaluate  coeffleients  for  the 
pitch  steering  polynominals  prior  to  making  simulations.  These  were 
evaluated  for  a  SIS  trajectory  which  was  depressed  to  an  apogee  altitude 
of  130  n  mi  with  full  Stage  3  burn. 

In  the  perturbed  trajectory  simulations  for  both  ICBM  and  satellite 
intercept  missions,  the  Stage  1  thrust  was  increased  5.  3  percent,  drag 
decreased  by  15  percent,  normal  force  increased  7  percent,  and  a 
Maritime  Tropical  atmosphere  used  throughout  flight  so  as  to  result  in 
the.  combination  of  non- nominal  performance  which  would  maximize  aero¬ 
dynamic  heating  and  loads.  These  trajectories  result  in  pseudo  So*  plus 
conditions  for  design  heating  and  loads. 

A  summary  of  pertinent  parameters  from  these  trajectories  is 
presented  in  Table  12-2.  Comparison  of  these  data  show  that  tire  nominal 
or  perturbed  trajectories  for  both  missions  are  essentially  identical  at 
the  times,  corresponding  to  maximum  dynamic  pressure  and  Stage  1  burn¬ 
out.  At  approximately  80  seconds  a  nose-down  pitch  maneuver  was  simu¬ 
lated  in  the  trajectories  for  the  interceptor  so  that  by  the  end  of  Stage  2 
the  intercept  trajectories  are  more  depressed.  However,  at  this  time 
the  vehicles  are  at  a  sufficiently  high  altitude  so  that  the  magnitude  of  - 
the  aerodynamic  heating  indicator  is  essentially  the  same  for  bothmissions. 

The  results  of  the  study  did  show  that  the  Stage  2  interstage  must  be 
jettisoned  prior  to  performing  the  pitch  maneuver  or  the  interstage  jetti¬ 
son  time  delayed  approximately  15  seconds  to  avoid  excessive  aerodynamic 
loading  at  separation.  The  interstage  jettison  time  was  80.4  and  77.4 
seconds  respectively  for  the  nominal  and  perturbed  trajectories  so  tj»at 
the  pitch  maneuver  can  be  performed  after  interstage  separation  and  still 
achieve  a  low  altitude  apogee.  If  this  shaping  technique  is  used  for  an  inter¬ 
cept-mission,  ascent  trajectories  based  on  non-nominal  booster  performance 
wi’l  be  no  more  sensitive  to  aerodynamic  heating  and  loads  than  those  for 
the  current  operational  Minuteman. 


Table  12-2.  CotnparUon  of  Minuteman  Wing  .II  Nominal  and  Perturbed 
Trajectories  for  Satellite  Intercept  and  ICBM 


Satellite  intercest 

ICBM 

Nominal  Perturbed 

Nominal  Pe 

rturbed 

At  Maximum  Dynamic  Preaaur* 

Time,  t  (aec) 

36.90 

38.46 

36.  51 

38.46 

Dynamic  Preaaure.  q  (Ib/ft^) 

4, 160 

4,806 

4.  163 

4,881 

Angle*  of-  Att  ick.  a  (deg)  . 

0.  04 

0.12 

0.04 

0.13 

Heating  Parameter,  j  qV^  dt  x  10  * 

1.54 

2.23 

1.48 

2.23 

Velocity,  V  (ft/eec)- 

3,740 

4,373 

3, 678 

4.375 

Altitude,  h  (ft) 

37,275 

43,729 

36,  424 

43.783 

Flight  Path  Angle,  p  (deg) 

56.80 

57.70 

56.80 

57. 78 

At  Staee  I  Burnout 

t 

60.36 

57. 36 

60.  36 

57.36 

q 

622 

749 

623 

750 

a 

0. 19 

0.29 

0.  15 

0.25 

J  qV^  dt  X  lO'* 

4.65 

5.28 

4.65 

5.28 

V 

7,443 

7,553 

7,446 

7.556 

h 

106, 938 

103,548 

106,  925 

103.532 

61.40 

61.40 

61.40 

61.40 

At  Stase  2  Burnout 

t 

121.53 

118.53 

121.53 

118.53 

q 

0.70 

1.20 

0 

0 

e 

8.00 

8.00 

J  qV^  dt  y.  lO'* 

5.03 

5.73 

5.00 

5.70 

V 

i4,  309 

14,418 

14.  394 

14,506 

b 

291,861 

287,395 

363,  153 

361,363 

P 

-  80.80 

80.90 

69.50 

69.60 

At  Stnae  3  Burnout 

t 

176.55 

173.55 

176.55 

173.55 

q 

0 

0 

0 

0 

e 

2.90 

2.90 

J  qV^  dt  X  lO'* 

5.03 

5:73 

5.00 

5.70 

V 

23,  549 

23,663 

23,  272 

23  ,  385 

b 

404,  022 

399.044 

694.210 

693. 866 

P 

85.20 

85.20 

71.30 

71.30 

At  Anosee 

Altitude,  b(nmi) 

129.50 

132.40 

696 

714 

Range.  R  (a  mi) 

1,519 

1,647 

2.949 

3.  039 

SMUCI  HANOI  (N  HI) 


Figure  12-3.  Minuteman  Maximum  Capability 
Envelopes  (North  Launch, 

2.5  Percent  Propellant  Residual) 
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Figure  1Z*5«  Titan  11  Maximum  Capability  Envelope 
(North  Launch,  3-Sigma  Capabilities) 
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Figure  12-6.  Minuteman  Wing  11  Altitude  Versus 
Surface  Range  Envelopes  (1000* 
Pound  Payload,  North  Launch) 
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Figure  12-7.  PUn  View  of  Launch  Geometry  Against  Low 
Altitude  Target* 
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Figure  12-9.  Minuteman  Intercept  Ceometry  for  100  n  mi  Altitude 
Target#  <Non rotating  Earth,  1500-Pound  Payload) 
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Figure  12-10.  Minuteman  Intercept  Ceometry  for  500  n  mi  Altitude 
Target#  (N'onrotating  Earth,  1000-Pound  Payload) 
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Figure  12*  18.  Titas  II Intercept  Ceoimtry  for  1000  n  mi  Altitude 
Targets  (Nonrotatiag  Knrlk,  5000-Pound  Peyload) 
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Figure  12-19.  Titan  n  Altitude  Versus  Surface  Range 
(North  Launch,  5000-Pound  Payload) 
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Figure  Titan  II  Relative  Velocity  Contours  for  500  n  nni  Altitude 

Target  (Nonrotating  Earth,  5000-Pound  Payload) 
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Figure  lZ-21.  Titan  II  Relative  Velocity  Contour*  for  1000  n  mi  Altitude 
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CHAPTER  13 


BOOST  VEHICLE  GUIDANCE  ACCURACY  AND 
REQUIRED  SYSTEM  MODIFICATIONS 

This  chapter  presents  the  results  of  boost  vehicle  studies  in  the 
areas  of  guidance  accuracy  and  required  system  modifications.  As  ex¬ 
plained  in  Chapter  12,  these  studies  have  concentrated  on  Minuteman 
Wings  11  and  VI,  Polaris  A2  and  A3,  and  the  Titan  II  boost  vehicle  systems 

Boost  vehicle  system  modifications  required  for  the  satellite  inter¬ 
ception  mission  generally  fall  into  two  categories: 

e  Those  modifications  which  are  necessary  to  accommodate 
the  mission,  independent  of  the  reaction  time  requirement 
imposed  on  the  system. 

e  Those  modifications  required  to  achieve  a  fast  reaction  timet 

In  summary,  only  two  of  the  required  modifications  appear  to  be 
major.  These  have  to  do  with  the  Polaris  guidance  system  and  the  use 
of  large,  heavy  homing  stages  on  the  Minuteman  boost  vehicle. 

The  Polaris  guidance  system  suitability  is  dependent  upon  the  use 
of  a  modified  accelerometer  which  has  not  been  adequately  evaluated  for 
this  mission. 

In  the  event  that  large,  heavy  homing  stage  designs  (ISOO  pounds 
or  more)  are  required,  Minuteman  (both  wings)  would  require  major 
structural  modifications.  The  elongated  payload  fairing  required  for 
such  designs  creates  excessive  aerodynamic  loads  in  the  third  stage 
motor  casing,  requiring  structural  beef-up  of  the  third  stage.  The 
smaller  homing  stage  designs,  with  their  corresponding  smaller  payload 
fairings,  do  not  give  rise  to  structural  problems. 

The  majority  of  the  required  modifications  are  relatively  minor. 
Guidance  and  control  modifications  include  airborne  computer  program 
changes  for  all  of  the  boost  vehicle's  considered,  and  a  minor  hardware 
change  to  the  Titan  II  potted  autopilot  module  to  accommodate  lighter 
payloads.  The  provision  of  means  to  transfer  data  frorn  the  booster  guid¬ 
ance  system  to  the  homing  stage  is  required  for  all  vehicles  studied. 
Additions  to  the  ground  support  equipment  include  a  data  receiver,  a  punch 


unit  or  direct  input  to  the  eirborne  computer,  and  a  precise  GMT  clock 
linked  to  the  launch  control  equipment  (except  for  Minuteman  Wing  VI, 
which  already  has  one).  The  Polaris  A3  payload  separation  mechanism 
must  be  modified  to  allow  (he  homing  stage  to  be  accelerated  away  from 
the  still-burning  second  stage. 

The  guidance  accuracies  of  the  modified  Minuteman  and  Titan  II 
boost  vehicles  are  presented  in  Table  13-1,  along  with  the  current  weapon 
system  accuracy  figures.  The  guidance  accuracies  in  this  table  are  ex¬ 
pressed  in  terms  of  time-of-arrival  uncertainties  at  the  intercept  point 
on  a  typical  intercept  trajectory.  These  results  will  vary  with  range, 
launch  azimuth  and  trajectory  shape,  but  generally  will  not  exceed 
0.4  second.  These  figures  are  comparable  to  Set  1  ephemeris  errors, 
which  were  0.  3  second  error  in  track  and  0.  3  n  mi  radially.  Polaris 
accuracy  figures  are  expected  to  be  similar  for  typical  intercept  trajec¬ 
tories  if  the  potential  accelerometer  problems  do  not  arise. 

Table  13-1.  Time-of-Arrival  Uncertainties  at  Intercept  (le) 
for  a  Nonmaneuvering  Payload 


Source  of 
Uncertainty 


Command 

Generation 

Command 

Transmission 

Command 

Interpretation 

Countdown 

Liftoff 

Guidance 

Control 

RSS  Subtotal 

Guidance 

Measurement 


Minuteman- 
Wing  II 


Minuteman* 
Wing  VI 


Titan  II 


Current  I  Modified  I  Current  I  Current  I  Modified 


RSS  Total 


0.  20 


0.  16 


3.04 


0.  20 


The  minimum  reaction  time  that  can  be  achieved  for  the  Minuteman 
or  Titan  11  it  approximately  8  minutes,  assuming  a  maximum  azimuth 
change  it  required.  The  corresponding  minimum  reaction  time  for  Polaris 
is  14  minutes.  These  reaction  times  are  measured  from  target  ephemeris 
availability  to  launch. 

13.  1  MISSION -DEPENDENT  MODIFICATIONS 

Mission-dependent  boost  vehicle  niodifications  are  required  primarily 
for  the  following  purposes: 

•  Providing  the  homing  stage  with  information  necessary  to 
perform  intercept.  At  the  very  least,  attitude  information 
and  a  time  reference  must  be  transferred  in-flight  from 
the  booster  guidance  system  to  the  homing  stage. 

•  Providing  the  boost  vehicle  guidance  necessary  to  insure 
that  the  homing  stage  will  be  placed  on  a  trajectory  which 
w’ill  cause  it  to  achieve  desired  acquisition  conditions. 

,  Other  modifications  in  this  category  include  possible 

changes  to  flight  control  systems  and  payload  separation 
techniques,  as  required  by  the  payload  characteristics 
and  the  booster  vehicle. 

Mission  dependent  booster  and  booster  guidance  modifications  are, 
of  course,  a  reflection  of  the  detailed  choices  made  in  implementing  an 
antisatellite  capability.  The  following  discussion  presents  one  possible 
set  of  choices,  but  many  variations  could  be  considered.  ' 

Assume  that  a  target  satellite  has  been  detected  and  declared  hostile. 
Assume  furthermore  that  a  precise  determination  of  threat  orbital  elements 
has  been  carried  out  by  a  U.  S.  facility,  i.  e. ,  SPADATS.  This  computation 
must  be  based  upon  data  inputs  from  a  suitable  SPACE  TRACK  network. 

The  resulting  ephemeris  data  permits  one  to  forecast  future  positions  of 
the  target,  but  it  is  clear  that  the  error  in  the  forecast  will  always  increase 
as  the  target  position  is  forecast  further  into  the  future.  For  this  very 
reason  the  forecast  time  should  be  minimized  and  this  is  true  independ¬ 
ently  of  the  desired  reaction  time. 

Put  into  other  words,  the  antisatellite  interceptor  should  have  the 
benefit  of  as  up-to-date  target  data  as  possible.  The  implications  of  this 
f.ictor  can  be  demonstrated  as  follows.  Imagine  that,  for  one  reason  or 
another,  one  were  content  with  24  hour  reaction  capability.  Suppose  that 


at  the  time  origin  from  which  reaction  time  i>  meaeured,  ephemerie  data 
were  available.  Now  one  possibility  would  consist  of  forecasting  the 
position  of  the  satellite  at  some  suitable  time  in  the  prospective  24  hour 
period,  when  the  target  is  within  reach  of  a  launch  site.  Targeting  pro¬ 
gram  constants  can  now  be  generated  and  inserted  into  the  interceptor 
guidance  system.  Since  many  hours  are  available,  this  entire  exercise 
could  take  place  leisurely,-  but  this  leisure  extracts  a  stiff  price.  That 
homing  stage  must  be  sized  to  cope  with  ephemeris  uncertainties  which 
result  from  a  long  forecast  time. 

A  much  more  preferable  mode  of  operation  would  be  to  take  advantage 
of  allowable  reaction  time  to  absorb  more  tracking  data  to  establish  orbital 
elements.  More  important,  the  forecast  time  would  be  cut  and  thus,  the 
expected  uncertainty  of  target  position  at  the  time  of  homing  stage  acquisi¬ 
tion  would  be  much  smaller,  permitting  operation  with  smaller,  simpler 
homing  stages.  This  feature  requires,  however,  a  capability  for  rapid 
targeting.  This  capability  appears  highly  desirable  independently  of 
whether  the  overall  system  must  react  rapidly  or  not. 

.  Returning  to  a  possible  operational  sequence,  ephemeris  data  were 
generated  by  SPAOATS  and  from  these  data  a  suitable  kill  point  and  kill 
time  were  selected.  At  this  point  two  possibiUties  need  investigation. 

First,  SPADATS  could  generate  the  booster  guidance  program  constants 
and  relay  them  to  the  launch  site.  This  approach  requires  much  data 
transfer  between  SPAOATS  and  the  site,  but  obviates  the  need  for  on* site 
targeting  computations.  Alternatively,  SPADATS  could  relay  only  the 
position  and  time  of  kill  to  a  launch  site  with  the  targeting  computations 
being  performed  at  the  site.  In  this  case,  the  communication  traffic  Is 
of  low  volume,  but  on-site  computation  is  required. 

The  choice  between  the  foregoing  alternatives  seems  to  depend  on 
l.iunch  site  location,  the  principal  question  being  whether  the  site  is  con¬ 
nected  to  SPADATS  by  wire  lines.  In  this  case,  central  SPADATS  target¬ 
ing  appears  reasonable.  If,  however,  the  site  is  remote  (in  a  communication 
sense),  on-site  targeting  may  be  the  preferable  alternative. 

The  targeting  program  for  the  boost  vehicle  must  be  based  on  a 
constant  time  of  flight  guidance  scheme,  in  order  for  the  homing  stage 
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to  arrive  at  the  nominal  point  of  kill  at  a  choien  Greenwich  Mean  Time 
(CMTi.  This  requirement  impliee  two  things.  First,  the  guidance  equa¬ 
tions  must  be  constant  time  oi  flight.  Second,  a  precise  clock  must  be 
Btartable  on  the  pad  at  a  chosen  time.  Only  Wing  VI  Minuteman  provides 
these  features  in  its  weapon  system  configuration.  All  other  boost  vehicle 
guidance  systems  must  undergo  some  degree  of  modification  to  achieve 
these  features. 

The  targeting  program  must  also  calculate  a  number  of  parameters 
to  be  inserted  into  the  homing  stage  computer.  These  parameters  include 
the  inertial  orientation  of  the  nontinal  LOS  at  acquisition,  the  time  of 
acquisition,  a  forecast  of  relative  velocity,  and  possibly  some  fuzing 
parameters.  Shortly  before  booster  thrust  termination,  the  booster  guid¬ 
ance  system  must  provide  the  homing  stage  with  attitude  information  and 
a  time  reference,  in  order  to  enable  the  homing  stage  to  assume  attituoe 
memory  and  to  carry  out  its  operational  sequence  in  the  proper  time 
frame  of  reference. 

13.2  MODIFICATIONS  TO  REDUCE  REACTION  TIME 

The  second  category  of  modifications  is  required  to  assure  an 
acceptable  system  reaction  time.  This  includes  modifications  to  proce* 
dures  and  hardware  necessary  to  receive  the  targeting  constants  and 
information,  direct  the  targeting  constants  to  the  boost  vehicle  guidance 
computer,  direct  targeting  information  to  the  homing  stage,  realign  the 
boost  vehicle  or  its  platform  in  azimuth  (if  required),  conduct  the  neces¬ 
sary  launch  control  operations  to  specify  the  precise  GMT  for  guidance 
function  initiation,  and  conduct  the  terminal  countdown:  all  of  these  func¬ 
tions  must  be  performed  within  the  required  reaction  time.  It  has  been 
assumed  here  that  the  satellite  ephemeris  determination,  mission  analysis, 
and  targeting  calculations  are  all  being  performed  at  a  point  remote  from 
the  launch  site  and  that  the  required  targeting  constants  and  additional 
information  will  be  transmitted  in  the  proper  format  to  the  launch  site. 

13.2.1  Current  Targeting  Procedure 

The  current  procedure  used  by  SAC  to  target  the  Minuteman  and 
Titan  II  missiles  is  described  below.  The  SAC  Director  of  Intelligence 
is  responsible  for  the  production  and  distribution  of  all  target  trajectory 
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material*  requested  by  the  SAC  Missile  Force.  The  Targets.  Division  of 
the  SAC  Directorate  of  Intelligence  selects  the  target  and  assigns  the 
launch'target  combination.  The  Target  Materials  Division  obtains  the 
precise  geodetic  data  for  the  launch  site  and  target,  and  then  programs 
the  production  and  distribution  of  the  target  trajectory  kit,  which  consists 
of  several  sheets. of  information  and  a  Mylar  punched  launch-target  tape. 

The  SAC  Trajectory  Center  (TJC),  upon  receipt  of  the  proper  information 
forms,  produces  and  distributes  the  trajectory  materials^  The  TJC 
transcribes  the  information  onto  IBM  keypunch  forms  and  then  keypunches 
the  launch-target  data  into  IBM  cardsi  Normally  there  are  only  15  cards 
used.  These  cards  are  required  by  the  IBM  7090  missile  targeting  pro¬ 
gram  to  generate  the  launch-target  guidance  constants.  To  generate, 
verify,  and  assemble  the  guidance  constants,  the  program  requires  from 
3  to  5  minutes,  depending  slightly  on  the  target  range  and,  for  Titan, 
slightly  on  the  trajectory  shaping  requirements. 

The  output  of  the  targeting  program  is  two  magnetic  tapes  —  one  for 
printing  the  target  kit  instruction  and  information  sheets,  and  one  for 
punching  the  Mylar  target  tape.  The  target  kit  sheets  can  be  printed  . 
directly  by  the  7090  but  they  are  usually  printed  by  a  separate  equipment 
ite.n)  for  reasons  of  economy;  however,  the  7090  cannot  punch  the  Mylar 
tape.  This  is  performed  in  less  than  i  minutes  by  a  Digitronics  D-105, 
which  is  a  bi-directional  magnetic-to-punched  tape  converter.  The  target 
trajectory  kit  materials  are  assembled  and  transmitted  to  the  launch  site. 

13.2.2  Proposed  Targeting  Procedure 

For  the  satellite  interception  application,  the  desired  reaction  time 
necessitates  a  major  departure  from  the  weapon  system  targeting  procedure. 
The  basic  targeting  procedure  proposed  is  shown  in  Figure  13-1,  which 
also  includes  the  Command,  control,  and  task  descriptions,  lithe  mission 
analysis  and  targeting  calculations  were  performed  on  an  IBM  7090  linked 
directly  with  the  output  of  the  computer  which  determines  the  target  satel¬ 
lite  orbital  data,  the  combined  mission  analysis  and  targeting  calculations 
could  probably  be  completed  within  5  to  7  minutes,  with  launch  azimuth 
available  after  about  two  minutes.  The  targeting  constants  and  additional 
information  should  then  be  transmitted  to  the  launch  site  by  a  direct  secure 
data  link  in  order  to  avoid  the  delays  associated  with  transporting  the 
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Figure  13- i.  System  Informatioa  Flow  and  Task  Dei  cription 


target  kit  to  the  site.  The  targeting  constants  would  be  either  punched  oa 
Mylar  tape  at  the  launch  site  or  transmitted  directly  to  the  airborne  com¬ 
puter.  depending  on  reaction  time  requirements.  As  soon  as  the  guidance 
platform  is  properly  aligned  in  asimuth  and  the  targeting  constants  are 
entered  into  the  airborne  guidance  computer  and  appropriate  launch  con¬ 
trol  ground  equipment,  countdown  may  be  initiated. 

For  purposes  of  evaluating  reaction  times,  it  will  be  assumed  that: 

e  Reaction  time  is  measured  from  the  availability  of  target 
ephemeris  data  in  the  mission  analysis  and  targeting  com¬ 
puter  to  the  moment  of  liftoff 

e  Launch  asimuth  information  is  available  at  the  launch  site 
after  two  miizutes 

•  Targeting  constants  are  available  at  the  launch  site  after 
seven  minutes. 

13.2,3  Targeting  Program  Modifications 

To  illustrate  a  typical  targeting  program  and  its  required  modifica¬ 
tions,  the  Titan  Operational  Targeting  Program  (TOTP)  is  examined  in 
Appendix  H.  Similar  logic  and  modifications  would  be  required  for  the 
other  missile  system  targeting  programs. 
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j  13.3  MINUTEMAN.  WING  U 

13.3.1  Summary 

I  The  guidance  equation!  for  Wing  n  Minuteman  must  be  changed  to 

I  constant  time  of  flight  for  the  SIS  mission.  The  Wing  VI  equations  can 

be  used  for  this  purpose.  Other  changes  to  the  airborne  guidance  com¬ 
puter  program  will  also  be  necessary.  All  of  these  changes  involve  soft¬ 
ware  modifications  only  and  can  easily  be  incorporated  into  the  present 
Wing  II  1)17  airborne  digital  computer  (ADC)  memory. 

f  .  ,  ■ 

The  guidance  computer  must  be  started  at  the  appropriate  precise 
GMT.  requiring  the  addition  of  an  accurate  GMT  clock  at  the  launch  con¬ 
trol  facility.  This  clock  must  be  linked  to  the  CSE  in  order  to  initiate 
the  countdown  and  to  achieve  precise  timing  of  entry  into  the  ADC  flight 
.  mode. 

Analysis  of  the  Minuteman  Wing  11  arrival  time  (t^)  uncertainty  for 
satellite  interception  indicates  that,  with  the  indicated  ground  support 
equipment  (GSE)  and  airborne  digital  computer  program  modifications, 

*  the  t^  uncertainty  may  be  reduced  from  3.  1  seconds  to  0.20  second  (Isr) 

for  a  typical  intercept  trajectory.  Large  variations  in  the  above  results 
can  occur  because  of  guidance  measurement  errors  which  vary  with  range, 
azimuth,  and  trajectory  shape, 

A  major  structural  modification  may  be  required  for  the  bulkier 
homing  stage  designs  employing  radar  sensors  and  250  pound  exploSively- 
doploycd  pellet  warheads. 

When  the  launch  azimuth  is  more  than  10  degrees  away  from  the 
inertial  platform  azimuth  alignment,  the  Wing  II  Minuteman  must  be 
realigned.  The  current  realignment  procedure  requires  8  hours.  In 
order  to  provide  a  faster  reaction  capability,  special  procedures  must 
be  followed.  Using  these  procedures,  it  is  possible  to  perform  the  target¬ 
ing  operation,  realign,  and  complete  the  terminal  countdown  in  less  than 
8  minutes  after  the  target  ephemeris  data  are  available  in  the  targeting 
computer.  A  slight  loss  of  alignment  accuracy  would  result  but  this  loss 
would  be  partially  offset  by  the  probable  improvement  in  target  ephemeris 
data  as  a  result  of  using  later  tracking  data. 
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13.3.  i  Current  Guidance  Equation! 

The  Wing  11  guidance  equation*  are  delta  equation*  which  do  not 
control  the  time  of  flight.  The  powered  flight  trajectory  *hap«  i*  con¬ 
trolled  by  a  pitch  plane  velocity  steering  method  utilizing  polynomial* 
with  arbitrary  coefficient*.  Thu*,  the  reference  trajectory  may  b* 
reihaped  easily  by  changing  the  coefficient*.  The  flight  control  system 
is  a  ''digital*  control  system,  i.  e. ,  the  system  is  mechanized  by  equation* 
in  the  airborne  digital  computer.  This  enables  the  control  system  to  be 
modified  by  only  software  changes.  A  feature  of  the  Wing  11  guidance 
equations  is  that  of  being  able  to  choose  the  guidance  (target)  azimuth  as 
much  as  10  degrees  away  from  the  inertial  platform  azimuth  alignment. 
Although  the  yaw  gimbal  limit  is  ^18  degrees,  the  azimuth  offset  is  cur-- 
rently  limited  to  *10  degrees  to  enable  the  attitude  control  system  to 
correct  for  missile  performance  and  environmental  perturbations. 

^  ^  Guidance  Equation  Changes  .*  . 

The  satellite  intercept  mission  requires  constant  time  of  flight  (CTOF) 
guidance  equations,  which  will  always  affect  interception  at  a  time  and  posi¬ 
tion  predetermined  by  the  targeting  program.  The  CTOF  guidance  equations 
which  have  been  developed  for  Wing  VI  Minuteman  are  recommended  for 
incorporation  into  the  Wing  11  flight  program  for  the  antisatellite  mision. 

Fur  the  highly  lofted  trajectories  needed  to  intercept  high  altitude 
targets,  several  of  the  flight  program  equations  require  modification.  The 
control  system  gain  change  criteria  should  be  based  on  a  combination  of 
downrange  (x)  and  vertical  (z)  velocities  instead  of  just  x,  which  is  not 
precise  enough  for  nearly  ver  .ical  trajectories.  Another  change  required 
by  nearly  vertical  trajectories  is  a  rescaling  of  all  the  guidance  equations 
because  of  the  larger  variation  in  the  magnitudes  of  their  coefficients. 
Further  investigation  of  the  nearly  vertical  trajectories  revealed  a  need  . 
for  more  terms  in  the  equations  for  pitch  command  and  both  downrange 
and  time-of-flight  vclocity-to-be-gaincd  guidance  equations.  The  third 
stage  must  be  cut  off  by  a  combination  of  downrange  and  vertical  velocities 
since  the  present  method  of  cutting  off  on  only  downrange  velocity  loses  its 
effectiveness  for  nearly  vertical  trajectories. 


.  •'*  •"*  •**  s,  •' 


13-9 


For  extremely  depreeeed  (flattened)  trajectorieCt  the  current  guid**. 
ance  equatione  require  no  additional  modification.  The  reference  trajec¬ 
tory  may  be  obtained  limply  by  changing  the  arbitrary  coefficienta  of  the 
pilch  plane  velocity  iteering  polynomial.  ■  The  criteria  remain  unaltered 
for  changing  the  miiiile  attitude  control  ay  item  gains  and  for  staging  the 
missile.  The  proposed  Wing  VI  equations  for  pitch  command  and  CTOF 
guidance  are  also  acceptable  without  change. 

Once  the  guidance  system  is  aligned,  the  missile  may  fly  downrange 
or  backrange.  This  is  accomplished  by  using  positive  or  negative  pitch 
commands.  The  weapon  system  trajectory  is  designed  to  always  fly  down- 
range.  If  siting  considerations  require  a  missile  to  fly  backrange,  then 
some  alterations  in  the  flight  program  are  required-  The  flight  equaflons 
must  be  capable  of  accepting  negative  values  of  x  (downrange  velocity)  in 
the  control  system  gain  change  criteria.  The  flight  equations  must  also 
be  capable  of  accepting  a  negative  value  of  acceleration  experienced  by 
the  X  accelerometer,  x^,  which  is  used  in  the  mistile  staging  criteria. 

A  further  problem  in  the  missile  x^  staging  criteria  exists  for  some  of 
the  backrange  trajectories  because  the  missile  may  be  aero  or  very 
nearly  aero.  This  problem  may  be  solved  by  always  staging  on  a  com¬ 
bination  of  X  and  a  ,  The  downrange  guidance  equation  (V  )  must  be 
a  a  a* 

changed  to  include  an  arbitrary  coefficient  for  x. 

e  .... 

The  flight  program  will  require  a  routine  to  execute  the  initiation 
of  the  guidance  computations  prior  to  launch.  Further  additions  to  the 
flight  program  may  be  required  by  additional  flight  safety  checks  or  by 
a  need  for  a  routine  to  remotely  read  new  launch-target  guidance  constants 
into  the  computer. 

Preliminary  investigation  indicates  that  all  of  the  above  could  easily 
be  incorporated  into  the  Wing  U  airborne  digital  computer  (D17)  memory 
as  shwwn  in  Table  13-2.  The  post-attack  emergency  alert  mode  and  the 
two-target  capability  do  not  apply  to  the  satellite  intercept  mission;  the 
same  is  true  of  certain  monitor  checks  which  are  presently  performed. 


^This  routine  is  simply  a  repetitive  test  performed  in  the  airWrne 
computer  which  continues  to  look  for  the  signal  to  initiate  guidance 
computations  ("go  inertial”). 


Table  13-2.  Minuteman  Wing  U  D17  Computer  Memory  Budget 

Memory  Celle 


Wing  n  D17  ground  and  flight  program  utilization  2S60 

Unused  cells  in  B17  Wing  II  program  0 

Additional  cells  required  by  CTOF  guidance  50 

Required  for  near  vertical  trajectories  by 

control  system  and  guidance  equations  50 

"Initiate  guidance*  routine  15 

Additional  flight  safety  checks  25 

Routine  for  remotely  reading  launch-target 

guidance  constants  50 

Deletion  of  monitor  checks  which  are  unnecessary 

for  satellite  intercept  miss.ion  -50 

Deletion  of  emergency  alert  mode  -194 

Deletion  of  two -target  capability  -50 

Total  Budget  2456 

Unused  cells  in  D17  satellite  intercept  program  104 

Total  D17  Memory  Cells  2560 

13.3.4  Launch  Control  Timing  Accuracy  ’ 


The  major  contributors  to  time-of-arrival,  t^,  uncertainty  are; 

e  The  command  and  launch  control  timing  errors  prior  to 
entry  into  the  airborne  computer  flight  mode 

•  The  variations  in  the  time  of  flight,  tf,  from  entry  into 
the  flight  mode  to  the  desired  intercept  point. 

The  first  set  is  considered  in  this  subsection  and  the  second  set 
in  the  next.  Entry  into  the  flight  mode,  which  occurs  prior  to  liftoff, 
is  chosen  as  the  start  of  t^  since  the  ADC  commences  solution  of  the 
guidance  equations  at  this  time.  7he  missile  guidance  system  attempts 
to  control  the  t^  to  the  nominal  value  determined  by  the  targeting  program. 
Modifications  to  the  ground  support  equipment  (GSE)  and  the  airborne 
digital  computer  program  are  required  to  reduce  t^  uncertainties. 
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An  ferror  analysit  of  the  missile  guidance  must  consider  both  the 
position  and  time  errors.  However,  position  errors  can  be  converted  to 
timing  errors  by  dividing  m  by  the  velocity  of  the  homing  sUge.  Thus 
a  total  uncertainty  may  we  computed  as  the  root-sum-si^uare  (rss>  of 
the  timing  error  which  is  computed  from  the  position  miss  and  the  time 
measurement  errors.  Since  the  guidance  miss  is  required  to  size  the 
homing  stage  engine  and  the  satellite  homing  tracker,  the  miss  may  be 
determined  by  multiplying  the  total  t^  uncertainty  by  the  homing  stage 
velocity  at  intercept. 

The  launch  control  errors  which  affect  the  miss  are: 

e  Command  generation  to  initiate  the  launch  countdown 
«  Command  transmission 
•  Command  interpretation 
e  Countdown.  . 

13.3.4.1  Command  Generation 

The  current  Minuteman  Wing  11  command  generation  uncertainties 
in  Table  13-1  include  estimated  errors  from  visual  clock  reading  and 
manual  launch  key  actuation.  The  modified  uncertainties  occur  when  a 
command  generation  system  such  as  that  employed  by  Minuteman  Wing  VI 
is  incorporated.  This  may  be  -accomplished  by  replacing  the  clock  reading 
and  the  launch  key  by  an  electronic  device  to  initiate  the  launch  countdo>\-n 
at  a  prescribed  GMT,  quantized  to  0.  15  second  or  better. 

13.3.4.2  Command  Transmission 

The  transmission  system  docs  not  add  any  t^  uncertainty  for  a  single 
missile  launch. 

1  3.  3.  4,  3  Comniand  Reception  and  Interpretation 

The  Wing  II  Minuteman  command  is  received  by  a  mechanical  decoder 
which  then  transmits  the  signal  to  the  Autonetics  coupler,  C53,  with  a  time 
accuracy  oi  ±0.  1  second.  The  ADC  is  synchronized  with  the  C53  clock 

g 

which  has  an  accuracy  of  1  part  in  10  .  However,  the  clock  pulses  occur 
only  once  every  1.04  seconds  and  the  countdown  is  not  started  until  it 
senses  a  clock  pulse.  Thus  the  interpretation  of  the  command  signal  has 


a  Iff  uncertainty  of  0.  3  second.  At  a  prescribed  time  later,  the  "enter 

e 

flight  mode"  signal  is  sent  from  the  C53  with  an  accuracy  of  1  part  in  10 
Both  of  the  above  errors  may  be  eliminated  by  using  the  current  "enter 
flight  mode"  signal  from  the  C53  to  activate  the  ADG  to  look  for  a  new 
"enter  flight  mode"  signal,  which  will  be  generated  at  a  prescribed  time 
interval  after  the  nominal  initiation  of  the  launch  countdown.  The  pre¬ 
scribed  interval  must  allow  for  both  uncertainties  above,  but  it  must  not 
hold  the  missile  on  missile  battery  power  for  more  than  2  seconds 
longer  tlian  it  is  presently  held. 

13.3.4.4  Countdown 

The  Minuteman  Wing  11  countdown  is  controlled  with  an  accuracy  of 
8 

1  part  in  10  by  the  Autonetics  CSE.  However,  the  ADC  currently  deter¬ 
mines  the  end  of  the  countdown  with  a  time  quantization  of  0.45  second. 

The  modified  accuracy  in  Table  13-1  can  be  accomplished  by  changing  the 
quantization  in  the  ADC  to  0.03  second  by  software  reprogramming  of  the 
ADC. 

13.  3.  5  Booster  Guidance  Accuracy 

The  second  set  of  errors  which  result  in  time-of-arrival  uncertainty 
(or  tarjjet  miss)  are  those  errors  resulting  from: 

e  Liftoff 

e  Guidance  control 
e  Guidance  measurement.. 

Table  13-1  also  summarizes  the  t^  uncertainties  of  the  above  errors. 
13.  3.  5.  1  Liftoff 

Normal  liftoff  variations  contribute  insignificant  uncertainties  when 
CTO^  guidance  is  employed.  CTOF  guidance  is  used  in  Titan  11  and 
Minuteman  Wing  Vl  and  is  recommended  for  Minuteman  Wing  11,  primarily 
for  reduction  of  guidance  control  variations. 

13.3.5.2  Guidance  Control  Accuracy 

Propulsion  and  mass  uncertainties  contribute  the  most  to  the  inac¬ 
curacy  of  the  current  guidance  control.  With  CTOF  guidance  the  inaccura¬ 
cies  are  reduced  to  the  levels  indicated  in  Table  13-1,  or  about  0.  1  second. 
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.Use  of  CTOF  guidance  for  Minuteman  Wing  11  has  been  estimated  to  be 
about  as  accurate  at  the  Wing  VI  equations,  since  they  are  recommended 
for  incorporation  into  the  Wing  11  ADC,  The  t^  uncertainty  it  thereby 
reduced  from  3.0  to  0. 1  second.  It  has  been  assumed  that  environmental 
control  comparable  to  that  in  the  weapon  system  silos  is  thaintalned. 

13.3.5.3  Guidance  Measurement 

In  order  to  augment  the  Autonetics  SEP  data  presented  in  References, 
Spherical  Error  Probable  (SEP)  miss  distances  were  computed  and  pre> 
sented  in  Table  13-3  for  five  trajectories.  The  meaning  of  the  miss  dis> 
tance  associated  with  SEP  is  that  50  percent  of  the  missiles  will  be  closer 
to  the  desired  point  than  the  given  distance.  SEP's  were  derived  from  the 
combined  effects  of  the  following:  gyro  drift  and  compensation  errors; 
velocity  meter  bias,  scale  factor,  nonlinearity,  calibration,  and  miscel¬ 
laneous  errors;  platform  initial  alignment,  component  alignment,  and 
servo  errors;  approximations  for  the  airborne  computer  and  guidancp 
equations:  control  system  errors;  cutoff  impulse:  geodetic  and  geophysical 
uncertainties  (target  errors  not  included).  The  resultant  inertial  guidance 
system  error  volumes  were  computed. 

Guidance  measurement  uncertainties  propagate  into  position  miss  at 
the  prescribed  intercept  time.  However,  they  may  be  related  to  timing 
errors  by  dividing  them  by  the  homing  stage  velocity  at  the  intercept  time. 
The  guidance  measurement  uncertainty  included  in  Tabic  13-1  has  been 
estimated  from  a  guidance  SEP  for  Minuteman  Wing  II  of  0.  5  n  mi.  The 
actual  SEP  varies  from  0.  2  to  1.8  n  mi  depending  on  range,  asimuth,  and 
trajectory  shape,  as  can  be  seen  in  Table  13-3.  It  can  be  seen  that  the 
largest  guidance  errors  occur  for  highly  flattened  trajectories  used  to 
maximize  lateral  reach  against  low  altitude  targets;  and  even  these  errors 
are  not  significant  compared  to  Set  2  ephemeris  errors. 

The  accuracies  are  based  on  guidance  system  mechanizations  which 
compensate  for  both  liftoff  time  delays  and  booster  engine  burning  rate 
dispersions.  This  implies  that  the  guidance  equations  will  control  the 
nominal  time  to  satellite  intercept  as  recommended  in  Section  13,  3.  3. 
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13.3.6  Other  Required  Modificatiom 

At  discuetied  in  Section  13. 1,  an  electrical  cable  from  the  ADC 
output  to  the  homing  stage  computer  will  be  required  to  provide  an  attitude 
information  and  a  time  reference  to  the  homing  stage  just  prior  to  boost 
vehicle  thrust  termination. 

A  major  structural  modification  to  the  boost  vehicle  may  be  required 
for  the  bulkier  homing  sta'*  ,'signs  employing  radar  sensors  and  250  pound 
explosively-deployed  p'  varheads  with  ephemeris  errors  corresponding 
to  Set  2  or  larger.  A  pr.:iiminary  analysis  of  structural  loads  for  the 
largest  homing  stage  considered  for  Minuteman  indicates  that  the  allow¬ 
able  bending  momenta  in  the  guidance  and  control  section  and  in  the  third 
stage  are  exceeded  due  to  aerodynamic  wind  loading  on  the  payload  fairing. 
(See  Appendix  1. )  This  critical  aerodynamic  loading  occurs  due  to  a  maxi¬ 
mum  qa  condition,  baaed  on  the  1959  Sissenwine  wind  profile  criteria,  at 
a  point  in  the  trajectory  very  near  maximum  dynamic  pressure  (q).  This 
condition  is  less  severe  for  highly  lofted  trajectories  than  for  the  depressed 
trajectories  necessary  to  intercept  low  altitude  satellites  at  long  ranges. 
While  a  structural  modification  of  the  guidance  and  control  section  would 
not  be  a  major  modification,  modification  of  the  third  stage  structure  must 
be  considered  major. 

13.  3.  7  Reaction  Time 

Tlie  general  targeting  operation  outlined  in  Section  13.  2.  2  can  be 
used  for  the  Wing  II  Minuteman.  However,  Minuteman  can  be  brought  to 
launch  readiness  by  only  specifying  the  guidance  system  alignment  azimuth 
and  the  launch  site  dependent  constants.  Since  the  launch  site  dependent 
constants  are  fixed  and  can  be  stored  at  the  launch  site,  only  the  coarse 
alignment  azimuth  needs  to  be  transmitted  (by  voice  if  permitted)  for  early 
missile  guidance  system  alignment  and  calibration.  The  precise  target 
dependent  guidance  constants  can  be  transmitted  later,  after  more  precise 
ephemeris  data  is  obtained.  The  difference  between  the  coarse  alignment 
azimuth  and  the  precise  target  azimuth,  which  may  be  as  large  as  10  degrees, 
can  be  handled  by  an  azimuth  offset  matrix  in  the  ADC. 

When  the  launch  azimuth  is  more  than  10  degrees  away  from  the 
inertial  platform  azimuth  alignment,  the  Wing  II  Minuteman  must  be 


realigned.  The  current  realignment  procedure  requires  S.bours.  In  order 
to  provide  a  faster  reaction  capability,  special  procedures  nnGst  be  fol> 
lowed.  Using  these  proceduxcs.  it  ia  possible  to  perform  the  targeting 
operation,  realign,  and  complete  the  terminal  countdown  in  less  than 
6  minutes  after  the  target  ephemeria  data  are  available  in  the  targeting 
computer.  A  alight  loss  of  alignment  accuracy  would  result  but  this  loss 
would  be  partially  offset  by  the  probable  improvement  in  target  ephemeris 
data  at  a  result  of  using  later  tracking  data. 

When  the  missile  was  placed  on  the  launch  pad,  its  pitch  plane  would 
be  aligned  to  within  0.5  degree  of  a  fixed  azimuth,  A^,  determined  by  the 
anticipated  launch  azimuth  probabiiity  density  function.  The  precise  align* 
ment  in  azimuth  would  be  conducted  with  an  accurate  gyrocompass  and  a 
"twist  autocollimator. "  Calibration  of  the  inertial  measurement  unit  (IMU) 
would  follow.  When  the  coarse  launch  azimuth  became  available,  the  fol¬ 
lowing  procedure  would  be  followed: 

e  .The  platform  would  be  torqued  in  azimuth  at  a  known  rate 

to  determine  the  relationship  of  the  current  alignment  azimuth, 
A|,  with  respect  to  a,n  adjacent  roll  gimbal  pickoff.  These 
pickoffs  are  located  72  arc  seconds  apart,  and  at  earth  rate 
this  would  require  5  seconds. 

e  The  platform  would  be  then  slewed  at  2  deg/ sec  to  the  roll 
gimbal  pickoff  nearest  to  the  coarse  launch  azimuth.  The 
maximum  slew  would  be  60  degrees'  and  would  require 
30  seconds  for  slewing. 

•  The  airborne  digital  computer  (ADC)  would  next  compute  the 
difference  between  the  gimbal  pickoff  azimuth  and  the  coarse 
launch  azimuth  and  store  this  difference  in  the  current  target 
azimuth  offset  matrix.  The  ADC  would  then  transform  the 
platform  torquing  rates  and  the  IMU  calibration  biases  into 
the  new  azimuth  alignment  plane. 

•  Four  minutes  would  then  be  allowed  for  settling  of  the  plat¬ 
form  leveling  loops  and  refinement  Of  the  gyro  biases. 

•  When  the  targeting  constants  are  received,  a  launch  azimuth 
offset  matrix  will  be  included  which  will  compensate  for  the 
difference  between  the  coarse  and  final  launch  azimuth.  This 
matrix  must  be  combined  by  the  ADC  with  the  offset  matrix 
computed  earlier. 

This  procedure  must  be  performed  within  a  few  minutes  of  launch,  because 
of  the  open  loop  platform  drift  incorporated  with  aligning  to  a  roll  gimbal 
pickoff.  This  drift  docs  not  exist  when  aligning  to  the  autocollimator. 
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Th«  accuracy  of  this  tchema  it  about  30  arc  aecot>da  (Icr).  Changet 
muat  be  made  in  the  booeter  guidance  ateering  equationa  to  allow  a  roll 
maneuver  of  ^bO  degreea  during  a  four  aecond  vertical  riae  after  liftoff. 
The  Wing  VI  Minutcmaa  ateering  aquatioiu  (for  Stage  11  could  be  uaed  for 
this  purpose.  The  additional  D17  ADC  memory  requirements  imposed  by 
the  above  procedures  could  be  accommodated  by  eliminating  the  present 
automatic  ground  calibration  program.  This  program  is  only  utilised 
when  the  missile  is  emplaced  and  every  3  months  thereafter. 

The  quick  reaction  azimuthal  coverage  for  the  Wing  11  Minuteman. 
using  the  above  procedure,  would  be  ^60  degrees.  By  reversing  pitch 
polarity,  the  sector  >180  degrees  ±b0  degreea  would  also  be  covered, 
for  a  total  coverage  of  240  degrees. 

The  minimum  system  reaction  time,  using  this  procedure  for  a 
maximum  azimuth  change,  is  presented  in  Figure  13*2,  The  reaction 
time  shown  assumes  a  direct  input  ^rom  the  targeting  data  receiver  to  the 
airborne  guidance  computer.  If  a  punched  tape  is  generated  and  read  in 
at  the  launch  site,  an  additional  7  minutes  would  be  required.  Further* 
mw7S.  targets  which  correspond  to  launch  azimuths  outside  of  the  two 
120-degree  sectors  could  not  be  attacked  without  an  8  hour  delay  for  the 
normal  Wing  II  realignment.  Range  safety  restrictions  on  launch  azimuth 
would  reduce  the  effect  of  this  limitation.  In  the  absence  of  range  safety 
restrictions,  a  second  interceptor  could  be  used  to  cover  the  remaining 
two  60*degree  sectors. 
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Figure  13-2.  Minimum  System  Reaction  Time  With  Wing  II  Minuteman 


13.4  MINUTEMAN.  WING  VI 

13.4.1  Summary 

The  guidance  equations  lor  Wing  V!  Minuteman  are  constant  time 
of  flight  equations,  as  required  by  the  SIS  mission.  For  highly  lofted 
trajectories,  minor  software  changes  would  be  required  in  the  airborne 
computer  program.  These  changes  can  easily  be  incorporated  into  the 
Wing  VI  D37  airborne  digital  computer  memory. 

The  Wing  VI  launch  control. timing  accuracy  is  adequate  for  the  SIS 
mission,  as  shown  in  Table  13-1.  Without  any  changes  to  the  weapon 
system.  Wing  VI  Minuteman  can  achieve  a  time-of-arrival  uncertainty 
of  0.  16  second  (le)  for  a  typical  intercept  trajectory. 

A  major  structural  modification  may  be  required  for  the  bulkier 
homing  stage  designs  employing  radar  sensors  and  250  pound  explosively* 
deployed  pellet  warheads. 

Aximuth  realignment  presently  requires  15  minutes  when  the  required 
azimuth  is  more  than  10  degrees  from  the  existing  alignment,  but  14  min* 
utes  of  this  time  are  required  for  the  airborne  computer  to  compute  the 
biases  for  the  earth  rate  components  associated  with  the  realigned  platform 
axes.  These  biases  can  be  computed  in  the  targeting  computer  in  a  few 
seconds,  and  slight  changes  to  the  airborne  computer  program  can  then 
reduce  the  realignment  time  to  one  minute. 

The  minimum  system  reaction  time,  assuming  a  direct  input  to  the 
airborne  guidance  computer,  would  be  less  than  8  minutes. 

13.4.2  Current  Guidance  Equations 

The  Wing  VI  guidance  system  will  have  all  of  the  features  mentioned 
in  Suction  13.  3.2  except  that  the  guidance  equations  are  to  be  CTOF  equa¬ 
tions  and  the  computer  memory  is  to  be  greater.  Realignment  of  the  plat¬ 
form  will  require  only  15  minutes,  and  a  360-dcgree  azimuth  coverage  is 
provided. 

13.4.3  Guidance  Equations  Changes 

The  changes  recommended  for  Wing  11  in  Section  13.  3.  3  for  nearly 
vertical  trajectories,  depressed  trajectories,  flight  safety  checks,  and 


remote  read-in  are  also  applicable  to  Wing  VI.  The  Wing  VI  D37  ADC 
can  easily  handle  the  required  SIS  changea. 

Wing  VI  trajectories  will  not  require  the  missile  to  fly  backrange. 
since  the  guidance  system  can  be  realigned  quickly  to  any  azimuth. 

13.4.4  Launch  Control  Timing  Accuracy 

The  Wing  VI  launch  control  errors  which  affect  miss  are: 

e  Command  generation  to  initiate  the  launch  countdown 
#  The  countdown. 

Table  13-1  summarizes  the  current  Wing  VI  time-of-arrival 
uncertainties. 

13.4.4.1  Command  Generation 

Minuteman  Wing  VI  command  generation  contributes  0. 1  second 
to  t^  uncertainty  because  GMT  launch  prescription  is  obtained  from  two 
numbers,  each  quantized  to  0.  25  second. 

13.4.4.2  Command  Transmission  and  Interpretation 

Command  transmission  and  interpretation  do. not  add  any  t^  uncer¬ 
tainty  for  a  single  missile  launch.  « 

13.4.4.3  Countdown 

The  Minuteman  Wing  VI  countdown  is  synchronized  by  the  ADC  with 
a  time  quantization  of  0.  03  second. 

13.4.5  Booster  Guidance  Accuracy 

Table  13-1  also  summarizes  the  t^  uncertainties  resulting  from: 
e  Liftoff 

e  Guidance  control 
e  Guidance  measurement. 

13.4.5.1  Liftoff 

Nor.mal  liftoff  variations  cause  insignificant  t^  uncertainties  with  the 
use  of  the  Wing  VI  CTOF  guidance  equations. 
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13.4.5.2  Guidance  Control  Accuracy 

For  a  5500  n  mi  trajectory,  the  Wing  VI  guidance  control  contribution 
to  t^  ia  about  0. 1  second. 

13.4.5.3  Guidance  Measurement 

According  to  Autonetice  information  in  Reference  1,  the  SEP' a  for 
Wing  VI  were  about  one-half  to  one-fourth  as  large  as  Wing  II  SEP's  for 
the  same  intercept  trajectory.  Thus,  in  light  of  the  Wing  II  SEP  presenta¬ 
tion  in  Table  13-3,  the  Wing  VI  one  sigma  uncertainties  in  position  at 
intercept  will  always  be  less  chan  Set  1  satellite  cphcmeris  errors. 

The  accuracies  are  based  on  guidance  system  mechanizations  which 
compensate  lor  both  liftoff  time. delays  and  booster  engine  burning  rate 
dispersions.  The  current  proposed  Wing  VI  (WS-133B)  guidance  equations 
perform  these  tasks. 

An  SEP  of  0.  25  n  mi  was  assumed  for  use  in  Table  13-1.  However, 
the  actual  SEP  will  probably  vary  from  0.  1  to  0.5  n  mi  depending  on  range, 
azimuth,  and  trajectory  shape.  The  Wing  11  variations  are  shown  in 
Table  13-5. 

13.4.6  Other  Required  Modifications 

Other  required  modifications  for  Wing  VI  are  similar  to  those  dis¬ 
cussed  in  Section  13.  3.  6  and  Appendix  I. 

13.4.7  Reaction  Time 

The  general  targeting  operation  outlined  in  Section  13.  2.  2  can  also 
be  used  by  the  Wing  VI  Minuteman. 

Thu  Wing  VI  Minuteman  is  capable  of  360  degrees  of  azimuth  cover- 
.ige  without  repositioning  the  missile.  This  is  accomplished  by  rolling  the 
missile  after  liftoff  through  an  angle  of  il80  degrees. 

Presently,  if  the  new  target  azimuth  is  more  than  lO  degrees  from 
the  guidance  system  alignment  azimuth  setting,  15  minutes  are  to  be 
required  to  realign  the  inertial  platform.  The  realignment  time  could  be 
reduced  to  1  minute  with  little  loss  in  accuracy,  especially  if  the  targeting 
program  were  implemented  to  compensate  for  the  errors  associated  with 
the  1  minute  realignment.  The  platform  is  actually  realigned  in  about 
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1  minute  but  it  takes  14  minutes  for  the  airborne  computer  to  compute  the 
biasee  for  the  earth  rate  components  associated  with  the  realigned  plat* 
form  axes.  Computing  these  biases  in  the  targeting  computer  would  probe* 
bly  add  (at  most)  a  few  seconds  to  the  time  required  for  the  targeting 
calculations.  It  is  also  possible  to  perform  a  simple  matrix  transforma*  . 
tion  in  the  airborne  computer  in  a  few  seconds.  This  modification  would 
require  additional  changes  to  the  airborne  computer  program  involving 
software  changes  only.  The  D37  computer  memory  is  sufficient  to  allow 
all  of  the  modifications  considered,  since  it  is  twice  that  of  the  Wing  II  D17 
computer  memory. 

W’ing  VI  has  radio  and  cable  inputs  directly  to  the  airborne  computer 
from  a  remote  location  which  could  be  used  as  a  direct  link  to  the  targeting 
center  of  the  satellite  interception  system.  The  data  rates  arc  8  bits  per 
second  for  radio  inputs  and  64  bits  per  second  for  cable.  These  rates  can 
be  increased  to  16  and  256  bits  per  second,  respectively,'  with  minor 
modifications.  Thus,  a  message  consisting  of  40  constants  can  be  trans* 
mitted  in  less  than  4  seconds  by  cable. 

The  minimum  system  reaction  time  for  Wing  VI  Minuteman,  assum* 
ing  a  maximum  azimuth  change,  is  presented  in  Figure  13*3,  The  reaction 
time  shown  also  assumes  a  direct  input  from  the  targeting  data  receiver 
to  the  airborne  guidance  computer.  If  a  punched  tape  is  generated  and 
read  in  at  the  launch  site,  an  additional  7  minutes  would  be  required. 
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Figure  13-3.  Minimum  System  Reaction  Time  with  Wing  VI  Minuteman 


13,5  TITAN  11 


13.5.1 


Th«  Titan  n  guidance  equations  are  constant  time  of  flight  equations, 
as  required  by  the  SIS  mission.  Minor  airborne  computer  changes  will  be 
required,  as  described  below.  The  potted  autopilot  module  will  also  re¬ 
quire  slight  modification  for  payload  weights  of  less  than  about  4000  pounds. 


An  accurate  GMT  clock  is  needed  for  precise  timing  of  the  initiation 
of  countdown  and  entry  into  the  AO'C  flight  mode.  This  clock  must  be 
linked  to  the  GSE. 


Arrival  time  uncertainty  for  a  typical  intercept  trajectory  would  be 
about  0.  2  second  (l<r)  after  the  indicated  modifications  were  made.  Large 
variations  could  occur  because  of  guidance  measurement  error  variations. 


The  Titan  11  does  not  require  realignment  in  azimuth  and  has  a 
1-minute  terminal  countdown.  The  minimum  system  reaction  time, 
assuming  a  direct  input  to  the  airborne  guidance  computer,  would  be 
S  minutes. 


13.  5.  2  Current  Guidance  Equations 


The  Titan  II  guidance  equations  are  delta  equations  which  control  the 
time  of  flight  (CTOF).  The  powered  flight  trajectory  shape  is  controlled 
by  a  pitch  plane  velocity  steering  method  utilizing  polynomials  with  arbi¬ 
trary  coefficients.  Thus,  the  reference  trajectory  may  be  reshaped  easily 
by  changing  the  coefficients.  The  guidance  platform  does  not  require 
realignment  when  the  launch  azimuth  is  changed. 


1  3.  5.  3  Guidance  Equation  Chang 


The  Titan  II  steering  equations  require  almost  no  change  for  the  SIS 
mission,  primarily  for  two  reasons:  first,  they  are  already  constant- 
time-of-flight;  and,  second,  the  definition  of  the  guidance  coordinate  sys¬ 
tem  will  keep  the  form  of  the  steering  equations  invariant  for  almost  any 
SIS  mission.  As  a  result,  the  only  change  anticipated  is  the  possible 
addition  of  a  (z)^  term  to  the  booster  steei'ing  pitch  command  equation 
for  extremely  depressed  trajectories.  If  this  addition  is  necessary,  its 
inclusion  into  both  the  targeting  and  flight  programs  can  be  easily 
accomplished. 


The  flight  program  will  require  additional  feature*  in  the  form  of 
a  rovttine  to  teat  for  the  precise  time  to  initiate  guidance  computations 
prior  to  launch,  additional  flight  safety  checks,  and  a  routine  to  remotely 
enter  targeting  constants  into  the  airborne  computer.  All  of  these  changes 
can  be  accommodated  within  the  present  flight  computer  by  deleting  the 
three-target  capability  or  parts  of  the  ground  program  which  are  needed 
only  for  the  operational  weapon  system. 

A  homing  stage  weight  of  less  than  4000  pounds  would  also  require 
modifications  to  the  potted  autopilot  module  in  order  to  change  the  control 
system  gains  to  assure  dynamic  flight  stability. 

13.5.4  Launch  Control  Timing  Accuracy 

The  Titan  II  launch  control  errors  which  affect  miss  are: 

•  Command  generation  to  initiate  both  the  launch  countdown 
and  the  entry  into  the  flight  mode 

«  The  countdown. 

Table  13-1  summarizes  the  Titan  11  current  and  modified  time  of 
arrival  uncertainties. 

13.5.4.1  Command  Cj'.neration,  Transmission  and  Interpretation 

The  current  Titan  II  command  generation  errors  are  similar  to  the 
current  Wing  11  Minuteman  errors  (see  Section  13.  3.  4. 1).  These  can  also 
be  reduced  by  an  electronic  device  which  initiates  both  the  launch  count¬ 
down  and  the  entry  into  the  flight  mode  with  only  0.  25  second  quantizations. 

Transmission  and  interpretation  do  not  add  to  t^  uncertainty. 

13.5.4.2  Countdown 

The  Titan  II  one  minute  terminal  countdown  is  "event  sequenced* 
and  controlled  by  the  Martin  C5E.  Timing  variations  occur  for  many  of 
the  events  in  the  countdown.  Since  each  event  must  be  completed  before 
sequencing  to  the  next  event,  the  entry  into  the  flight  mode  (the  last  event) 
has  almost  a  3  second  one  sigma  variation  (see  Table  13-1).  This  error 
can  be  reduced  by  placing  an  electronic  switch  in  series  with  the  "enter 
flight  mode"  ugnal  in  the  A-C  Spark  Plug  GSE.  The  signal  can  then  be 
transmitted  to  the  ADC  electronically  at  a  prescribed  GMT.  The  countdown 
initiation  must  allow  for  37  variations  in  the  countdown  duration, 
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The  ADC  only  looks  for  the  flight  mode  entry  signal  once  every 
0.  5  second.  However,  the  quantization  error  in  the  ADC  can  be  reduced 
to  0. 05  second  by  software  reprogramming  of  the  ADC. 

13.5.5  Booster  Guidance  Accuracy 

Table  13-1  also  summarizes  the  t^  uncertainties  resulting  from: 

•  Liftoff 

e  Guidance  control 

•  Guidance  measurement. 

13.5.5.1  Liftoff 

The  use  of  CTOF  guidance  equations  causes  insignificant  uncer¬ 
tainty  for  normal  liftoff  variations. 

13.5.5.2  Guidance  Control  Accuracy 

For  a  5500  n  mi  trajectory,  the  guidance  control  contribution  to 
uncertainty  is  about  0.  06  second. 

13,  5.  5.  3  Guidance  Measurement 

Spherical  Error  Probable  (SEP)  miss  distances  were  computed  and 
are  presented  in  Table  13-4  for  typical  trajectories.  SEP's  were  derived 
from  the  combined  effects  of  the  following;  gyro  drift  and  compensation 
errors;  accelerometer  zero  set,  scale  factor,  nonlinearity,  and  other 
sources;  platform  initial  alignment  with  a  1-hour  hold,  cwmponenf  align¬ 
ment,  and  servo  errors;  computer  approximations;  control  system  errors; 
cutoff  impulse;  geodetic  and  geophysical  uncertainties  (target  errors  not 
included). 

Guidance  measurement  uncertainties  propagate  into  position  miss 
at  the  prescribed  intercept  time.  However,  they  may  be  related  to  timing 
errors  by  dividing  them  by  the  homing  stage  velocity  at  the  intercept  time. 
The  guidance  measurement  uncertainty  included  in  Table  13-1  has  been 
based  on  a  guidance  SEP  fur  Titan  II  of  0.  5  n  mi.  The  actual  SEP  varies 
from  0.2  to  1.  7  n  mi  depending  on  range,  azimuth,  and  trajectory  shape  as 
can  be  seen  in  Table  13-4. 


The  accuracies  are  based  on  guidance  system  mechanizations  which 
compensate  for  both  liftoff  time  delay  s  and  booster  engine  burning  rate  dis¬ 
persions.  The  current  Titan  11  guidance  equations  perform  these  tasks. 
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13.5.6  Other  Required  Modification! 


The  only  other  required  modification  for  Titan  II  will  be  the  addition 
of  an  electrical  cable  from  the  ADC  output  to  the  homing  stage  computer, 
as  previously  discussed  in  Section  13.  1. 

13.5.7  Reaction  Time 

The  general  targeting  operation  outlined  in  Section  13.  2.  2  can  be 
used  by  Titan  11. 

The  Titan  11  is  capable  of  360  degrees  of  azimbth  coverage  without 
repositioning  the  missile.  This  is  accomplished  by  rolling  the  missile  - 
after  liftoff  through  an  angle  of  ±90  degrees  and  then  by  flying  downrange 
or  backrange  according  to  the  pitch  attitude  polarity. 

The  minimum  system  reaction  time  for  the  Titan  II  is  presented  in 
Figure  13-4.  The  reaction  time  shown  assumes  a  direct  input  from  the 
targeting  data  receiver  to  the  airborne  guidance  computer.  If  a.  punched 
tape  is  generated  and  read  in  at  the  launch  site,  an  additional  7  minutes 
would  be  required. 
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Figure  13-4.  Minimum  System  Reaction  Time  with  Titan  II 


13.6  POLARIS 


13.6.1  Summary 

The  guidance  equations  proposed  by  General  Electric  should  accom¬ 
plish  the  SIS  mission,  although  some  improvement  in  accuracy  may  be 
desirable  and  easily  obtainable.  The  hardware  changes  to  the  guidance 
computer  will  use  the  same  basic  circuit  design,  packaging,  and  production 
procedures  as  presently  used.  The  additions  to  the  computer  should  not 
seriously  affect  its  electrical,  mechanical,  or  thermal  environment. 

An  accurate,  absolute  time  of  entry  into  the  computer  flight  mode 
can  be  achieved  using  the  Ship's  Inertial  Navigation  System  (SINS)  time 
reference. 

The  inertial  measurement  unit  (IMU)  is'  a  potential  source  of  prob¬ 
lems  for  Polaris  in  the  SIS  mission.  To  make  efficient  use  of  the  booster's 
capability  by  flying  lofted  or  very  depressed  trajectories,  the  Z-axis 
accelerometer  must  have  its  saturation  level  increased.  This  may  be 
done  with  relatively  little  trouble..  However,  the  characteristics  of  this 
accelerometer  at  high  accelerations  (5  g's)  are  virtually  unknown.  Fur¬ 
thermore,  the  stability  of  the  known  characteristics  between  calibration 
periods  is  questionable  in  light  of  the  limited  experimental  test  data  avail¬ 
able  to  STL  on  the  type  of  accelerometer  used.  More  frequent  calibration 
might  reduce  this  latter  problem. 

With  the  modifications  indicated,  the  Polaris  should  be  capable  of 
reaction  times  only  slightly  longer  than  the  minimum  reaction  times  for 
the  Titan  11  or  Minuteman. 

13.6.2  Current  Guidance  Equations 

The  Polaris  guidance  equations  are  based  upon  the  Q  concept.  This 
means  that  steering  and  prediction  are  based  upon  the  solution  of  the  vector 
equation 


where  is  the  velocity-to-be-gained,  Q  is  a  time-varying  matrix,  and 
a.^.  is  the  acceleration  vector.  The  steering  equation  controls  the  direction 
of  "aj  so  that^=  0  is  attained.  For  Polaris  A-3,  the  pitch  steering 


f 


equation  followa  a  gravity  turn  during  the  atmosphere,  and  terminal  steer* 
ing  causes  the  missile  to  fly  perpendicular  to  an  axis  in  the' pitch  plane 
defined  by  a  scalar  quantity  called  skew.  This  is  the  means  by  which  the 
pitch  profile  is  varied,  and  corresponds  roughly  to  kick  angle  in  other 
missile  systems. 

13.6.3  Proposed  Guidance  Equations 

The  proposed  formulation  for  Polaris  for  this  mission  is 


sy 


'g,  ■-[*.- A*.  -  V,.] 


The  yaw  channel  becomes  a  nulling  loop.  In  the  pitch  plane  equations, 

the  term  -Aa^  in  the  equation  for  V,..  is  unusual.  ThiS'  is  the  skew  term 

X  *  gx 

which  reflects  into  the  pitch  steering  equation 


0^  =  -KVr  V  +  V  1 
P  P  L  P  g»J 


Figure  13-5  defines  the  guidance  coordinate  system.  It  can  be  shown  that 


V  goes  to  zero  before  burnout  and  V  becomes  small  near  burnout, 
gz  "  gx 

Hence 


®c  = 


when 


a  =  Aa 
z  X 


Therefore,  skew  effects  the  burnout  attitude,  and  by  varying  A,  the  pitch 
profile  is  varied  (since  its  presence  is  felt  earlier  in  flight  as  well). 


The  proposed  mechanization  uses  a  time  varying  term  for  Q, 


namely 


XX 


Qxx  =  ^  +  Kj  t 


while  the  other  Q's  would  be  constants. 


1 


' 
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Figure  13-5.  Polaris  Guidance  Coordinate  System 

A  General  Electric  simulation  of  these  equations  resulted  in  a 

Spherical  Error  Probable  (SEP)  due  to  the  equations  alone  of  about 

2000  feet.  Burnout  attitude  was  15  degrees  above  the  x-axis  and  the 

target  was  about  900  n  mi  downrange  at  an  altitude  of  about  700  n  mi 

(slightly  past  apogee).  Improvement  could  be  made  using  "optimum" 

O's  and  a  linear  time  term  for  The  Q's  used  for  these  simulation 

zx 

results  were  not  optimized,  but  corresponded  to  "optimum"  Q's  for  a 
burnout  attitude  very  near  to  the  x-axis. 

13.6.4  Guidance  Computer  Changgg 

The  guidance  computer  hardware  changes  require  the  addition  of 
3  or  4  computer  sticks  to  the  present  13.  using  the  same  basic  circuit 
elements,  design  and  production  as  presently  used  in  the  Polaris  com¬ 
puter.  General  Electric  reports  that  there  is  sufficient  space  for  these 
additions,  and  they  would  not  upset  the  thermal,  mechanical,  and  electri¬ 
cal  systems  presently  in  the  Polaris  missile.  Hence,  there  is  little  reason 
to  believe  that  suitable  guidance  equations  could  not  be  mechanised  for  the 
SIS  mission. 
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13.6.5  Launch  Control  Timing  Accuracy 

The  gO'inertial  time  may  be  closely  controlled  (within  20  milliseconds) 
using  SINS  to  update  tha  Fixe  Control  Computer  (FCC)  clock.  SINS  is  very 
accurate  with  a  drift  rate  of  10'^  sec/ sec,  and  is  synchronised  with  GMT 
every  8  hours.  Some  minor  additions  to  FCC  hardware  arc  necessary  to 
allow  it  (rather  than  an  operator)  to  send  the  go-inertial  signal. 

13. 6. 6  Inertial  Measurement  Unit  Accuracy 

The  present  Polaris  missile  constrains  its  thrust  attitude  to  be  within 
about  *30  degrees  of  the  x-axis  at  burnout.  This  is  because  the  t-axis 
PIPA  saturates  at  about  4.  5  g's  and  the  total  acceleration  is  about  7  g's 
at  burnout.  This' precludes  very  lofted  trajectories  and,  more  important, 
very  depressed  trajectories,  which  would  give  about  5  g's  to  the  PIPA.' 

To  remove  this  limitation.  General  Electric  proposes  to  increase 
the  PIPA  range  by  a  factor  of  three  by  reducing  the  pendulosity  of  the 
sensor  float  by  the  same  factor.  This  technique  would  undoubtedly  be  the 
simplest  way  to  increase  the  range  of  this  PIPA.  It  would  require  a  rede¬ 
sign  of  the  float  (which  could  be  readily  accomplished)  and  a  rescaling  of 
the  computer  processing  of  ths  input  from  this  accelerometer  (also  a 
minor  change).  The  present  caging  electironics  for  the  accelerometer 
could  be  used  without  modification. 

The  accelerometer  scale  factor,  bias  and  quantization  level  will 
increase  three-fold  as  a  result  of  this  change.  The  bias  uncertainty  will 
also  increase  by  a  factor  of  three.  The  scale  factor  uncertainty,  when 
expressed  as  a  ratio  (i. e. ,  ppm,  etc.)  will  remain  the  same  except  that 
the  bias  uncertainty  will  decrease  the  measurement  repeatability  .asso¬ 
ciated  with  two  point  scale  factor  calibrations.  This  effect  is  probably 
negligible  when  compared  to  the  long  term  scale  factor  uncertainties. 

There  are,  however,  two  other  important  problems.  The  first  has 
to  do  with  the  rms  uncertainty  of  the  PIPA  scale  factor  from  its  initial 
calibration.  The  current  recalibration  period  is  one  year.  General 
Electric  asserts  that  this  value  is  150  ppm  and  that  the  bias  uncertainty 
is  0.  1  cm/sec^.  In  STL's  experience  with  the  testing  of  one  such  PIPA, 
and  based  on  comments  of  various  manufacturers  of  these  instruments, 

STL  feels  that  these  numbers  are  grossly  optimistic.  This  instrument 
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suffers  from  a  torquer  ferrite  rotor  magnetization  problem  whereby 
shutdown,  cooldown,  and  certain  types  of  open  loop  operation  result  lA 
changes  in  both  bias  and  scale  factor  which  considerably  exceed  the  above 
uncertainty  numbers*  Development  effort  is  being  expended  by  various 
organisations  in  an  effort  to  improve  or  correct  this  defect,  and  it  is 
reasonable  to  assume  that  at  least  a  partial  improvement  will  eventually 
be  accomplished. 

The  second  problem  is  with  the  PIPA  characteristics  above  1  g. 

The  scale  factor  is  quoted  up  to  1  g,  but  at  higher  accelerations  no  accu« 
rate  and  extensive  measurement  of  the  PIPA  linearity  has  been  made. 

An  absolute  specification  is  *1000  ppm  for  scale  factor  at  *3.5  g's. 

A  limited  number  of  these  instruments  have  been  tested  at  this  point 
and  have  been  found  to  be  satisfactory.  However,  the  limits  at  5  g's 
(for  the  modified  PIPA)  is  not  known.  If  nonlinearities  exist,  it  would 
be  important  to  test  an  appropriate  sample  in  order  to  determine  whether 
the  values  are  essentially  the  same  throughout  the  accelerometer  popula* 
tion  or  vary  from  unit  to  unit.  If  the  latter  situation  arose,  expensive* 
calibration  on  a  precision  centrifuge  would  be  necessary. 

In  summary,  the  performance  of  the  modified  PIPA  at  high  accelera- 
tions  is  not  known,  and  its  stability  between  calibrations  is  rather  uncer-. 
tain.  An  error  analysis  w'as  performed  by  General  Electric  using  the 
trajectory  mentioned  in  Section  13.6,  3,  and  a  SEP  of  about  3800  feet 
resulted.  This  analysis  used  their  estimates  of  the  stability  of  the  instru¬ 
ments  and  neglected  initial  position  errors.  The  SEP  would  be  about 
5800  feet  using  a  0.  5  n  mi  navigation  error  in  both  horizontal  directions. 

13.6,  7  Other  Required  Modifications 

Attitude  inforination  to  the  homing  stage  must  be  provided  through 
a  direct  link  from  the  IMU  to  the  homing  stage.  The  sines  and  cosines  of 
gimbal  angles  are  available,  and  they  may  be  transmitted  via  cable  pro¬ 
vided  the  impedance  is  high  so  that  negligible  loading  results. 

The  present  Polaris  A3  R/V  separation  is  accomplished  by  accelerat¬ 
ing  the  payload  away  from  the  still-burning  second  stage.  Some  modifica¬ 
tion  to  the  booster-payload  interface  will  therefore  be  necessary  to 


accommodate  the  homing  stage  and  a  small  rocket  motor  which  will  be 
necessary  to  provide  the  required  acceleration. 

13.6.8  Reaction  Time 

The  general  targeting  operation  outlined  in  Section  13.  2.2  can  be 
used  for  Polaris.  A  detailed  discussion  of  alternate  methods  of  calculat¬ 
ing  the  targeting  constants  is  presented  in  Appendix  J. 

The  Polaris  launch  site,  be  it  a  surface  ship,  submarine,  or  on  land, 
must  be  provided  with  a  data  receiver  capable  of  receiving  10  to  20  param¬ 
eters  (depending  on  the  targeting)  and  of  reading  this  directly  into  the  FCC. 
This  could  be  done  without  modifying  the  FCC  hardware  since  it  has  a  tape 
reader  now  and  only  the  program  need  be  made  receptive  to  the  particular 
format. 

The  Polaris  countdown  procedure  is  indicated  in  Figure  13-6.  The 
guidance  platform  may  be  realigned  in  aaimuth  at  a  rate  of  0.  7S  deg/ sec, 
for  a  maximum  required  realignment  time  of  4  minutes.  The  targeting 
constants  are  not  required  to  be  entered  into  the  airborne  guidance  com¬ 
puter  until  about  one  minute  before  launch,  t.aunch  aaiu.uth  corrections 
as  large  as  0.  5  degree  may  also  be  made  at  this  time.  The  resulting  sys¬ 
tem  reaction  time  would  be  as  shown  in  Figure  13-7. 
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CHAPTER  14 


DEPLOYMENT  ANALYSIS  AND  SYSTEM  PERFORMANCE 

14. 1  INTRODUCTION 

The  specific  reaction  time  requirements  considered  in  the  deployment 
analysis  were  those  provided  in  the  ARPA  Study  Guide.  For  orbit  altitudes 
ranging  from  75  to  2500  n  mi  and  for  all  orbital  inclinations,  those  require* 
ments  are: 

e  Interception  within  24  hours  of  launch 

s  Interception  during  first  orbit  (with  emphasis  on 
target  launches  from  present  Russian  launch 
sites) 

#  Interception  before  first  pass  over  the  continental 
United  States 

s  Interception  within  one  orbital  period  after  a  satel¬ 
lite  is  designated  as  a  hostile  target. 

Based  upon  the  foregoing  reaction  time  requirements,  a  deployment 
analysis  was  performed  and  this  chapter  presents  a  summary  of  the  results 
generated  by  this  effort.  The  deployment  analysis  was  c.trried  out  in  two 
steps.  First,  consideration  was  given  to  unrestricted  launch  sites.  i,e., 
sites  which  are  not  limited  by  any  range  safety  considerations.  Next, 
attention  was  shifted  to  system  performance  .levels  which  can  be  achieved 
by  the  use  of  specific  launch  sites  which  are  subject  to  range  safety  limi* 
tations.  Further  analysis  was  devoted  to  the  examination  of  the  Impact  of 
interceptor  constraints  upon  reaction  time.  Such  constraints  result  from 
limits  on  the  relative  velocity,  and  the  imposition  of  a  requirement 

that  the  homing  phase  tracking  sensor  cannot  "look"  at  the  earth  or  its 
sensible  atmosphere. 

14.2  INTERCEPTOR  REQUIREMENTS  WITHOUT  REGARD  TO 

CONSTRAINTS 

As  was  discussed  previously  in  Chapter  12,  the  effectiveness  of  a 
single  launch  site  depends  largely  upon  the  width  of  the  defended  corridor. 

If  ho  interceptor  launch  azimuth,  impact  range,  or  intercept  geometry 
constraints  are  imposed,  this  corridor  width  is  twice  the  interceptor 
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lateral  reach  where  lateral  reach  is  defined  as  the  distance  of  closest 
approach  between  the  ground  trace  of  a  target  orbit  and  the  launch  site  of 
an  Interceptor  which  can  kill  that  target.  Therefore*  the  lateral  reach 
required  from  a  specific  launch  site  to  counter  the  target  threats  posed  in 
the  ARPA  Study  Guide  is  a  good  measure  of  the  effectiveness  of  that  launch 
site.  In  later  sections  it  will  be  shown  how  these  requirements  are  affected 
by  system  constrainte. 

14.  2. 1  An  Approximate  Method  for  Obtaining  Required 
Number  of  Interceptor  Sites 

The  following  method  is  useful  for  determining  the  number  of  inter-  . 
ceptor  launch  sites  required  on  the  equator  (and  their  position)  for  a  given 
interceptor  lateral  reach  capability,  and  a  given  waiting  time  within  which 
interception  must  occur. 

Assume  that  all  interceptor  sites  are  on  the  equator*  that  there  is 
unrestricted  azimuth  coverage  from  each  site,  and  that  the  target  is  in  a 
polar  orbit  (an  example  of  a  geometrically  worst  case). 

Right  ascension  swathofascendingnodescoveredby  onelaunch  sits  Is 


whe  re 


d  s  Interceptor  lateral  reach  (n  mi) 

<*>  =  Rotation  rate  of  earth  (approximately 
*  equal  to  15  deg /hr) 

T  =  Waiting  time  (hr) 

A  total  of  180  degrees  must  be  covered  by  an  integral  number  of  sites, 
N,  so  that 


+  15T 


where  N  is  the  smallest  integer  larger  than  n. 

A  correction  to  the  above  formula  is  required  to  account  for  the 
phasing  of  satellite  position  relative  to  its  ascending  node.  Since  it  is 
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possible  that  almost  one  full  revolution  may  be  required  for  the  satellite 
to  enter  the  attack  zone  after  Its  node  has  entered  the  attack  zone,  the 
total  formula  is  now 

5400 

"  "  d  +  450(T  -  1.  5j 

using  1.  5  hours  as  an  appro$cimation  to  one  revolution  (for  a  100  n  mi  cir> 
cular  orbit  altitude). 

For  multiple  sites  (N  »  1)  the  location  for  the  case  in  question  must 
be  such  that  in  time  T  the  180  degrees  of  ascending  nodes  are  covered. 
Thus,  equal  longitudinal  spacing,  180  deg/N  apart,  is  required  such  that 
in  time  T,  the  right  ascension  of  the  eastern  most  edge  of  the  attack  zone 
of  one  site  just  reaches  the  right  ascension  of  the  western  most  boundary 
of  the  attack  zone  of  the  next  easterly  station,  as  it  was  at  the  beginning. 

Nothing  is  different  for  N  equal  1,  but  It  is  a  trivial  case. 

14.2.2  Interception  Within  24  Hours  of  Launch 

The  most  relaxed  reaction  time  requirement  is  the  one  requiring 
satellite  interception  within  24  hours.  Figures  14*1  through  14-4  present 
the  lateral  reach  requirement  for  one  interceptor  base  for  orbit  altitudes 
of  100,  500,  1000,  and  2500  as  a  function  of  interceptor  launch  site  latitude. 
Thus,  for  an  orbit  altitude  of  ICO  n  mi,  an  interceptor  base  at  latitude 
11  degrees  or  less  would  result  in  a  lateral  reach  requirement  of  approxi¬ 
mately  650  n  mi  for  all  orbit  inclinations.  Using  AMR  or  PMR  would  re¬ 
sult  in  reach  requirements  of  1700  and  2100  n.  mi,  respectively. 

For  a  2500  n  mi  orbit  altitude  the  ideal  latitude  for  an  interceptor 
base  would  be  at  latitude  23  degrees,  resulting  in  a  reach  requirements  of 
1320  n  mi.  Here  the  minimum  is  more  pronounced,  although  the  use  of 
lower  latitudes  still  costs,  at  most,  less  than  100  n  mi.  Thus  for  cover¬ 
age  of  all  orbit  inclinations  and  all  orbit  altitudes  through  2500  n  mi.  it 
can  be  seen  that  the  use  of  AMR  as  an  interceptor  base  results  in  a  reach 
requirements  of  approximately  400  n  mi  more  than  the  ideal  latitude  of 
23  degrees. 

For  convenience  all  tables  and  illustrations  in  Chapter  14  are  placed 
at  the  end  of  the  chapter. 
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14.2.3  Interception  During  First  Orbit  After  Launch 

Presently,  the  most  probable  locations  for  a  satellite  launch  site 
are  Kapustin  Yar  (sUghtly  east  of  the  northern  tip  of  the  Aral  Sea)  and 
Tyuratam  (slightly  northwest  of  the  northern  part  of  the  Caspian  Sea). 
Figure  14-5  shows  the  band  of  orbit  traces  for  orbitar inclination  between 
48  and  75  degrees  for  satellites  launches  from  the  launch  site  situated  at 
Tyuratam.  (All  past  Russian  satellite  launch  azimuths  were  less  than  or 
equal  to  90  degrees  with  inclination  of  either  65  degrees  or  49  degrees)^ 
Assuming  the  existence  of  an  interceptor  launch  site  within  this  band  of 
orbit  traces,  the  time  Interval  from  satellite  orbit  injection  to  intercept 
would  be  on  the  order  of  one-half  of  the  satellites  orbital  period.  For 
orbit  altitudes  ranging  from  100  to  2500  n  mi,  that  interval  ranges  from 
about  44  to  96  minutes.  This  statement  presumes  that  the  target  has  been 
detected,  declared  hostile,  adequate  ephemeris  has  been  computed,  the 
interceptor  was  targeted-— all  in  time  to  exploit  the  first  launch  opportunity. 

14.  2.4  Interception  Before  First  Passage  Over  the  Continental 
United  States 

Also  shown  in  Figure  14r5  is  the  band  of  orbit  traces  for  passage 
over  the  continental  United  States  during  the  first  revolution.  This  band 
has  been  drawn  by  assuming  that  the  enemy  uses  his  present  site  locations, 
but  launches  at  an  azimuth  which  minimizes  the  time  to  satellite  crossing 
over  the  United  States  (such  a  launch  probably  falls  outside  the  azimuth 
limits  of  enemy  launch  sites.)  In  case  of  interest,  it  may  be  noted  than  an 
unrestricted  antisatellite  launch  site  located  on  the  northeast  coast  of 
Greenland  and  operating  with  a  lateral  reach  of  about  1000  n  mi  could 
destroy  such  satellites. 

Such  statements,  however,  are  academic  answers  to  unrealistic 
questions.  First,  if  an  enemy  were  really  motivated  to  deliver  payloads 
over  the  United  States  in  minimum  time  from  launch,  he  wOuid  ucit. 
himself  to  known  space  launch  sites,  but  presumable  would  launch  from 
operational  ICBM  sites.  To  then  argue  that  some  antisatellite  interceptor 
deployment  can  destroy  these  satellites  before  first  passage  over  the 
United  States,  amounts  to  claiming  a  solution  to  the  midcourse  anti-ICBM 
problem,  and  such  a  claim  seems  absurd. 
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It  appears  much  more  reasonable  to  assiune  known  inclination  angles 
(49  and  65  degrees)  and  to  inquire  what  antisatellite  deployment  can  destroy 
satellites  launches  from  known  sites  along  known  inclinations  before  their 
first  passage  over  the  United  States.  This  amounts  to  kill  within  4  and  6 
revolutions  respectively,  and,  as  will  be  shown,  this  capability  can  be 
achieved  quite  easily  from  accessible  and  non-exotic  antisatellite  launch 
sites. 


14,2.5  Interception  Within  One  Orbital  Period  After  a 
Satellite  is  Designated  as  a  Hostile  Target 


14.2.5.1  Single  Interceptor  Launch  Site 


The  lateral  reach  requirement  for  a  single  interceptor  launch  site 
is  shown  in  Figure  14-6  for  target  orbit  altitudes  of  100,  1000,  and  2500 
n  mi.  The  maximum  required  lateral  reach  of  5400  n  mi  for  each  orbit 
combination  occurs  at  the  launch  latitude  which  is  complimentary  to  the 
inclination  angle.  The  effect  of  orbit  altitude  on  this  plot  is  illustrated 
by  the  dashed  lines  representing  1000  and  2500  n  mi  orbit  altitudes.  The 
largest  effect  of  increased  orbit  altitudes  on  lateral  reach  requirements 
occurs  for  low  orbit  inclinations  and  low  launch  site  latitudes. 


14.2.  5.2  Two  Interceptor  Launch  Site  Analyses 


An  analysis  was  conducted  to  determine  the  latitude  and  longitude  ct 
two  interceptor  bases  which  would  result  in  minimum  lateral  reach  require¬ 
ments  against  all  orbit  inclinations  (direct  orbits  only).  The  analysis  was 
carried  out  for  an  orbit  altitude  of  100  n  mi.  An  increase  in  orbit  altitude 


would  simply  result  in  slightly  longer  lateral  reach  capabilities,  but  would 
not  affect  launch  site  selection  significantly. 


The  analysis  was  performed  in  the  manner  stated  in  Chapter  4  of  the 
first  interim  progress  report.  It  was  determined  that  the  minimum  re¬ 
quired  lateral  reach  for  all  orbit  inclinations  was  achieved  when  the  inter¬ 
ceptor  bases  were  in  the  same  hemisphere  (northern  or  fouthern)  separated 
by  130  degrees  in  longitude,  and  when  the  latitudes  of  these  bases  were 
complements  of  one  another.  It  should  be  noted  that  the  same  optimum 
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can  be  achieved  by  placing  the  two  interceptor  sites  on  the  same  longitude, 
but  placing  one  base  in  the  northern  hemisphere  and  one  in  the  southern, 
with  the  latitudes  again  complements  of  one  another.  In  either  case,  the 
required  lateral  reach  is  2700  n  mi. 

14.2.5.3  Multiple  Launch  Sites 

For  a  nonrotating  earth,  if  all  launch  sites  were  placed  on  the  same 
longitude,  but  spaced  apart  equal  distances  in  latitude  (i.e.,  separated  by 
180  degrees/n,  where  n  equals  the  number  of  interceptor  launch  s*tes), 
this  would  represent  one  possible  combination  of  sites  with  minimum 
lateral  reach  requirements.  This  procedure  was  followed  to  find  the 
lateral  reach  requirements  for  multiple  sites  (n  >  2).  The  result  is  shown 
in  Figure  14>7.  The  solid  curve  represents  5400/n,  while  the  dashed 
curve  represents  the  actual  lateral  reach  requirement  when  the  earth's 
rotation  is  considered.  As  can  be  seen,  the  lateral  reach  requirement 
can  be  fairly  well  defined  by  .5400/n. 

It  should  also  be  pointed  out  that  a  similar  minimum  lateral  reach 
requirement  occurs  when  the  sites  are  on  the  equator  and  separated  by  . 
160  degrees/n. 

14.2.5.4  Specific  Interceptor  Launch  Site  Combinations 

Having  shown  that  the  maximum  lateral  reach  requirement  for  twv 
interceptor  sites  for  coverage  of  all  orbit  inclinations  is  2700  n  mi  for 
suitably  placed  sites,  combinations  of  AMR  and  a  second  interceptor  site, 
and  PMR  and  a  second  site,  have  been  analyzed  to  determine  the  reach 
requirements  of  several  such  combinations.  The  second  launch  site  was 
chosen  for  its  favorable  position  against  one  of  the  following  two  reaction 
time  requirements  for  satellites  launched  from  present  Russian  launch 
sites: 

o  Interception  during  first  orbit  after  launch 

o  Interception  before  the  first  pass  over  the 
continental  United  States. 

The  additional  intercep'or  launch  site  areas  considered  are  shown 
on  the  map  of  Figure  14-5.  Johnston  Island.  Tahiti.  Wake  Island,  and 
the  southern  tip  of  South  American  (point  A  on  the  map)  were  areas  con¬ 
sidered  mainly  in  connection  with  reaction  time  1)  above.  Point  Barrow, 


Alaska,  and  the  northeast  coast  of  Greenland  (point  B  on  the  map)  were 
considered  in  connection  with  reaction  time  requirement  2). 

Figure  14-8  shows  the  lateral  reach  requirement  as.  a  function  of 
orbit  inclination  for  combinations  of  AMU  and  the  above-mentioned  launch 
sites.  These  curves  are  based  upon  the  worst  possible  position  of  the 
longitude  of  the  ascending  node  and  the  satellite  at  the  time  of  defined 
hostility  (i.  e.,  that  combination  of  nodal  longitude  and  satellite  position 
which  results  in  the  largest  lateral  reach  requirement  within  one  revolu* 
tionJT  Note  that  PMR  is  of  little  help  when  considered  with  AMR. 

The  southern  tip  of  South  America  is  the  best  location  for  a  second 
interceptor  base,  when  considering  only  lateral  reach  requirements.  The 
lateral  reach  in  this  particular  case  is  2800  n  mi,  almost  the  minimum 
that  can  possible  be  obtained.  However,  this  latter  site  would  not  give 
good  protection  against  the  reaction  time  requirement  of  interception  before 
the  first  pass  over  the  continental  United  States.  Greenland  as  a  second 
interceptor  base  results  in  a  3600  n  mi  lateral  reach  capability.  Three 
interceptor  bases — AMR,  Greenland,  and  Wake  Island — would  require 
about  2900  n  mi  lateral  reach  capability  for  defense  against  all  orbit  in¬ 
clinations  and  reaction  time  requirements. 

Figure  14-9  is  a  similar  plot  for  PMR  and  a  second  base.  In  this 
case,  for  protection  against  all  reaction  time  requirements,  the  best  sites 
would  be  PMR,  Greenland,  and  the  vicinity  of  Tahiti.  A  lateriil  reach  of 
slightly  under  2900  n  mi  is  required  for  this  combination  of  launch  sites. 

The  lateral  reach  values  shown  in  Figures  14-8  and  14-9  are  worst 
cases  and  therefore  do  not  take  advantage  of  knowledge  pertaining  to  enemy 
launch  sites.  If  one  assumes  that  the  launch  site  location  is  known  (as 
shown  in  Figure  14-5),  reach  requirements  become  much  more  modest  if 
it  is  desired  to  intercept  within  one  revolution  of  satellite  launch.  This 
fact  is  made  evident  by  Figures  14-5,  and  indeed  this  consideration  in¬ 
fluenced  the  choice  of  launch  site  locations  analyzed.  Finally,  it  should 
be  stated  that  the  specific  locations  of  the  distant  launch  sites  studied  do 
not  necessarily  imply  terrestrial  bases,  but  are  merely  indicative  of 
geographic  locations. 


14.  3  EFFECTS  OF  SYSTEM  CONSTRAINTS 


The  deployment  analysis  up  to  this  point  has  been  concerned  with 
lateral  reach  requirements  for  various  launch  site  combinations  and  loca¬ 
tions  without  regard  for  such  system  constraints  as  range  safety  and 
interceptor-target  geometry  during  homing.  The  specific  constraints 
which  must  be  considered  depend  on  the  interceptor  design  and  specific 
launch  site  locations.  It  is  the  objective  of  this  section  to  examine  the 
effects  of  certain  constraints  on  the  launch  opportunities  .available  from 
AMR,  Johnston  Island,  Alaskan,  and  Puerto  Rican  launch  sites. 

The  following  constraints  will  be  considered. 

14.  3. 1  Constraints  Considered 

14.  3. 1. 1  Range  Safety 

There  are  several  range  safety  aspects  which  must  be  considered  in 
detail  for  each  vehicle  launch.  However,  for  the  purpose  of  this  analysis 
it  is  assumed  that  range  safety  constraints  can  be  specified  in  terms  of 
permissible  launch  aalmuths  and  maximum  ranges.  The  permissible 
launch  aaimuth  limits  used  in  the  analysis  are  listed  below: 

Launch  Azimuth  Limits 
Launch  Site  (degrees) 

AMR  44  to  no 

PMR  170  to  301 

Johnston  Island  0  to  60  and  81  to  360  (assumed  values) 

Kodiak,  Alaska  120  to  270  (assumed  values) 

Puerto  Rico  IS  to  132  (assumed  values) 

AMR  0  to  360  (assumed  values) 


14,  3.  1.2  Interceptor  Performance  Limitations 


The  maximum  altitude  -  range  capability  of  the  satellite  interceptor 
limits  the  permissible  intercept  area.  Since  the  capabilities  of  the  boost 
vehicles  being  considered  vary  over  a  wide  range,  the  maximum  altitude- 
range  capability  will  be  treated  parametrically.  A  minimum  range  con¬ 
straint  is  Imposed  by  range  safety  considerations,  engine  cutoff  require¬ 
ments  for  some  booster  vehicles,  and  because  (for  vehicles  incorporating 
a  homing  .‘<tage)  some  minimum  time  is  required  between  booster  cutoff 
and  target  interception  for  homing  stage  separation,  warhead  deployment. 


•  •  .  .  ....  *,  ^  .  •  V  .VI.-  .  O.  «-*  ft. -I  -  •  -,V  •**  .K  y  I  <  -  A  -‘U 

and  target  acquisition  and  homing.  A  minimum  constraint  of  500  n  mi 
was  assumed  for  intercepting  targets  in  100  n  mi  altitude  orbits. 

14.2.1.3  Intercept  Geometry 

There  exists  two  critical  parameters  pertaining  to  the  intercept  . 
.geometry: 

e  Relative  velocity,  V-,  between  the  interceptor  and 
target  ^ 

e  The  angle  between  the  target  velocity  vector  and  the 
relative  velocity  vector. 

For  a  given  target  orbit  and  launch  site,  both  parameters  are  de¬ 
pendent  on  interceptor  trajectory  shaping.  To  simplify  the  computations 
and  decouple  the  deployment  analysis  from  the  booster  performance  studies, 
the  intercept  geometry  constraints  are  approximated  by  specifying  a  maxi¬ 
mum  permissible  interceptor -target  track  crossing  angle  (TCA).  For  a 
100  n  mi  altitude  target,  a  maximum  angle  of  50  degrees  corresponds  to 
a  maximum  relative  velocity  of  20,  000  fps,  if  the  interceptor  flics  k  flat¬ 
tened  trajectory  as  discussed  in  Chapter  12,  As  the  target  orbit  altitude 
Increases,  both  interceptor  and  target  velocities  decrease  for  near -apogee 
attacks.  This  allows  for  larger  interceptor -target  track  crossing  angles 
while  still  maintaining  a  maximum  relative  velocity  of  approach  of  20,000 
fps.  For  orbit  altitudes  of  1000  and  2500  n  mi,  a  maximum  angle  of  ap¬ 
proximately  55  and  75  degrees,  respectively,  can  be  tolerated. 

The  sun  look  angle  (defined  as  the  angle  between  the  target -interceptor 
and  target-sun  vectors)  imposes  an  additional  important  constraint  on  those 
interceptors  incorporating  a  reflected  sunlight  tracker.  The  effects  of  this 
constraints  will  be  discussed  in  Paragraph  14.  3.  7. 

14.3.2  Intercept  Footprints 

If  no  TCA  constraint  existed,  the  "intercept  footprint"  would  consist 
of  the  entire  area  bounded  by  the  launch  azimuth  and  impact  range  con- 
fttraints,  However,  for  a  given  set  of  constraints,  a  restricted  intercept 
footprint  can  be  drawn.  The  footprint  defines  an  area,  and  each  passage 
of  the  target  over  any  portion  of  that  area  represents  one  launch  opportunity. 
Footprints  for  launches  from  AMR  are  presented  in  Figures  14.  10  through 
14.  22  for  target  orbit  altitudes  of  100,  1000,  and  2500  n  mi  and  various 
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target  orbit  inclinations.  It  is  significant  to  note  that  launches  from  AMR 
are  in  the  same  general  direction  as  the  target  motion  (for  direct  target 
orbits),  so  that  launch  opportunities  will  occur  for  targets  moving  both 
north  to  south  and  south  to  north  except  for  near  polar  orbitSi 


Footprints  for  PMR  are  shown  in  Figures  14-23  to  14'25.  The  foot¬ 
prints  for  each  target  orbit  inclination  is  the  area  bounded  by  the  contour 
line  representing  the  maximum  allowable  TCA  and  the  170  degree  inter¬ 
ceptor  launch  azimuth  line.  It  should  be  clear  that  with  constrained 
these  footprints  correspond  only  to  targets  nnoving  from  north  to  south. 

Figures  14-26  through  14-30  represent  similar  footprints  for  Johnston 
Island,  Kodiak,  Alaska,  and  Puerto  Rico.  Figures  14-31  and  14-32  are 
AMR  footprints  for  a  100  n  mi  target  orbit  altitude,  but  with  no  interceptor 
launch  azimuth  restrictions. 


If  it  is  assumed  that  a  launch  opportunity  will  occur  if  the  target  passes 
through  the  footprint  on  a  given  revolution,  the  probability  that  a  launch 
opportunity  will  occur  in  a  specified  time  interval  can  be  computed  if  the 
distribution  of  the  ascending  nodal  longitudes  is  known.  For  the  most 
general  case  it  is  reasonable  to  assume  a  uniform  distribution  of  nodes 
(for  specific  target  launch  sites  and  reaction  times  a  probable  distribution 
of  nodes  could  be  computed).  Then  the  probability,  P^,  that  at  least  one 
launch  opportunity  will  occur  in  a  specified  time  for  a  given  orbit  inclina¬ 
tion  is  Just  the  fraction  of  the  total  possible  orbits,  measured  in  terms  of 
their  ascending  nodes,  that  cross  an  intercept  footprint  in  one  revolution. 

P|  was  evaluated  as  a  function  of  waiting  time  for  the  various  as¬ 
sumed  lavuich  sites,  and  for  combinations  of  these  sites.  This  data  is 
presented  in  Figures  14-33  through  14-52.  The  change  in  slope  of  some 
curves  results  from  the  fact  that  for  some  constraints  a  target  can  be 
intercepted  only  when  traveling  in  one  general  direction  (e.g.,  north  to 
south),  whereas  in  other  cases  they  can  be  intercepted  when  traveling  in 
either  direction. 

The  maximum  waiting  times  required  for  at  least  one  launch  oppor¬ 
tunity  (P|  =  l.O)  were  tabulated  from  these  latter  figures  and  are  presented 
in  r.ibles  14-1  through  14-6.  . 
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14.  3.  3  Interception  Within  24  Hour» 

Table  14-7  liete  the  interceptor  launch  eites  considered  and  the  range 
of  target  orbit  inclinations  that  can  be  intercepted  from  each  site  (or  com¬ 
bination  of  sites)  for  target  orbit  altitudes  of  100  n  mi  and  a  TCA  of  50 
degrees.  This  is  done  for  interceptor  surface  range  capabilities  of  3000 
and  5500  n  ml.  The  maximum  required  waiting  times  for  an  interceptor 
launch  opportunity  for  those  sites  having  complete  coverage  of  all  target 
orbit  inclinations  are  listed.  The  surface  range  capabilities  of  various 
boost  vehicles  and  various  payload  weights  are  influenced  by  constraints 
(V^  for  example)  and  these  numbers  are  presented  in  Chapter  12. 

For  a  single  interceptor  launch  site,  only  Johnston  Island,  Puerto 
Rico,  and  AMR  (with  no  launch  azimuth  restrictions  on  AMR)  are  capalile 
of  protection  against  all  orbit  inclinations.  Thus,  for  the  requirement  of 
interceptions  within  24  hours,  either  Johnston  Island  or  AMR  (with  no 
launch  azimuth  restrictions)  would  be  best  since  these  sites  already  exist.  » 

Each  of  these  sites  (Johnston  Island  and  AMR)  require  a  maximum  waiting  ' 

time  of  about  11.  5  hours  for  an  Interceptor  with  a  3000  n  mi  total  range  t 

capability.  Assuming  an  interceptor  site  at  both  of  these  locations  (and  '  j 

again  no  launch  azimuth  restrictions  on  AMR)  reduces  the  maximum  wait-  ' 

ing  time  to  slightly  under  5  hours.  ( 

14.  3,4  Interception  During  First  Orbit  and  Before  First  Pass  j 

Over  the  Continental  United  States 

i 

This  analysis  was  performed  only  for  targets  launched  from  the  two 
present  Russian  launch  sites  and  was  composed  of  two  parts.  The  first  I 

part  assumed  targets  launched  from:  1)  a  site  situated  at  48°N  latitude 
and  46°E  longitude  (Kapustin  Yar)  and  49**  orbit  inclinations,  and  2)  a  site  ; 

at  48°N  latitude  and  66**E  longitude  (Tyuratam)  and  65  degrees  orbit  in¬ 
clinations.  The  second  part  assumed  polar  orbits  from  both  sites. 

Table  12-8  is  the  result  of  the  first  part  and  shows  the  range  of 
revolution  numbers  during  which  an  intercept  can  occur  for  a  target  alti- 

I 

tude  of  100  n  mi  and  a  maximum  of  20,000  fps.  No  one  interceptor 

base  allows  interception  of  targets  launched  from  both  Russian  sites  during  t 

the  first  revolution.  An  interceptor  base  at  Puerto  Rico  (and  3000  n  mi 
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surface  range  capability)  would  give  a  launch  opportunity  within  one  revo¬ 
lution  for  targets  with  orbit  inclinations  of  49  degrees.  A  site  at  Johnston 
Island  or  Kodiak,  Alaska  would  allow  for  an  interception  of  targets  in  e 
65  degree  inclined  orbit. 

Passage  over  the  continental  United  States  does  not  occur  until  the 
end  of  the  6th  and  4th  revolution  of  the  65  and  49  degree  inclined  orbits, 
respectively.  Thus,  an  interceptor  site  at  AMR,  Johnston  Island  or 
Puerto  Rico  would  give  interceptor  launch  opportunities  prior  to  a  target 
passing  over  the  United  States. 

The  results  of  the  second  part  are  shown  in  Table  12-9.  Only  an 
interccpto/  site  at  PMR  (and  3000  n  ml  surface  range  capability)  allows 
interception  of  targets  in  polar  orbits  launched  from  either  Russian  launch 
site  during  the  first  orbit  revolution.  Increasing  the  interceptors  surface 
range  capability  to  5500  n  mi  would  also  give  Johnston  Island  the  same 
capability. 

For  polar  orbits,  passage  over  the  continental  United  States  occurs, 
during  the  first  and  at  the  end  of  the  sixth  revolution  (or  targets  launched 
from  Tyuratam  and  Kapustin  Yar,  respectively.  Thus,  all  the  interceptor 
sites condise’‘rdhave  intercept  opportunities  for  targets  in  polar  orbits 
launched  from  Kapustin  Yar  prior  to  passage  over  the  United  States,  but 
no  site  offers  such  protection  for  targets  launched  from  Tyuratam.  It 
should  be  noted  that  if  no  intercept  is  allowed  over  a  land  mass,  and  keep¬ 
ing  the  less  than  20,000  fps,  there  seems  to  be  no  convenient  inter¬ 
ceptor  site  available  for  this  latter  case.. 

14.  3.5  Interception  Within  One  Orbital  Period  After  a  Satellite 
is  PesiKnated  as  a  Hostile  Target _ 

Figures  14-53  through  14-64  present  the  locus  of  satellite  orbits 
that  can  be  intercepted  within  one  orbital  revolution  from  each  respective 
interceptor  site.  The  figures  are  for  direct  motion  orbits  only,  at  an 
altitude  of  100  n  mi.  It  was  also  assuirted  that  the  target  was  at  the  ascend 
ing  node  at  the  instant  of  defined  hostility. 

The  area  of  the  locus  of  points  of  each  figure  represents  the  per¬ 
centage  of  coverage  against  all  possible  combinations  of  target  orbit 
inclinations  and  nodal  longitudes.  These  percentages  of  coverage  are 


lilted  in  Table  12*10  for  each  aiiumed  interceptor  eite.  Ae  can  be  seen. 
AMR  (with  no  launch  aximuth  reitrictioni)  and  Johnaton  Island  give  the 
best  coverages.  PMR  and  the  site  in  Alaska  offer  the  least  amount  of 
coverage. 

14.  3.  6  Summary  of  Conitraint  Analysis 

Table  12-11  is  a  summary  of  the  reaction  time  coverage  capability 
of  each  interceptor  base  considered.  For  each  interceptor. base  which 
provides  protection  against  a  specified  reaction  time  requirement  (based 
on  the  assumption  used  in  this  analysis)  there  is  a  mark  (X).  Thus,  of 
the  sites  considered,  none  offers  complete  protection.  However,  Johnston 
Island  with  interceptors  of  surface  range  of  5500  n  ml  can  protect  against 
all  reaction  time  requirements  except  for  the  unreasonable  "AICBM"  case. 
Each  of  the  other  sites  afford  defense  against  only  one  or  two  of  the  reac¬ 
tion  time  requirements.  It  needs  to  be  recognized  however,  that  no  inter¬ 
ceptor  studied  is  capable  of  5500  n  mi  range  performance  against  the 
complete  spectrum  of  threat  altitudes.  Thus,  one  should  not  be  ensnared 
by  the  delusion  that  a  single  site  on  Johnston  Island  meets  all  reaction  time 
requirements.  It  is  interesting,  however,  that  the  combination  of  Johnaton 
and,  say  AMR  .  can  achieve  significant  reaction  time  with  realistic  inter¬ 
ceptor  designs. 

14.3.7  Imposition  of  Sun-Loop  Angle  Constraint 

An  analysis  was  performed  to  determine  the  effects  of  the  sun-look 
angle  (defined  as  the  angle  between  the  target-interceptor  and  target-sun 
vectors)  on  launch  opportunities  for  those  interceptors  incorporating  a 
reflected  sunlight  tracker.  It  was  performed  only  for  a  target  orbit  alti¬ 
tude  of  100  n  mi.  The  following  axsumptions  were  made: 

•  At  the  time  of  target  acquisition,  the  target  and  Interceptor 
arc  separated  by  a  distance  of  approximately  125  n  mi 

e  From  the  time  of  target  acquisition  to  intercept  the  sun- 
look  angle  had  to  be  equal  to  or  less  than  140  degrees. 

e  Intercepts  with  an  interceptor  velocity  of  20,000  fps 
with  velocity  vector  near  local  horizontal. 

•  At  the  time  of  defined  hostility  the  target  was  at  an 
ascending  node  (this  assumption  has  little  affect  on 
the  analysis). 


The  anelyais  was  performed  only  for  a  target  satellite  being  defined 
as  hostile  on  June  21  and  December  21  for  the  hours  of  0000  hours  and 
1200  houca  <Gre«nwich  time).  Thia  was  done  for  an  interceptor  site  at 
AMR  and  one  at  Johnston  Island. 

Again  assuming  uniform  distribution  of  nodes.  Figures  lA-65  and 
14-66  show  the  probability  that  at  least  one  launch  opportunity  will  occur 
in  a  specified  time  for  a  given  target  orbit  inclination  for  an  interceptor 
base  at  AMR  and  Johnston  Island  respectively,  for  midnight  (Greenwich 
time)  of  December  20.  The  curves  are  quite  erratic  because  of  the  inter¬ 
play  of  all  the  constraints,  especially  the  sun-look  angle  limitation  and  the 
eclipsing  of  the  target  by  the  earth.  Figure  14-64  can  be  compared  with 
Figure  14-43  to  observe  the  diminishing  launch  opportunities  due  to  the 
added  sunlight  constraint.  This  comparison  reinforces  the  intensive  esti¬ 
mate  tliat  the  use  of  a  sunlight  tracker  doubles  the  average  required  re¬ 
action  time. 

From  Figure  14-65,  it  can  be  seen  that  the  second  day  of  waiting 
time  adds  little  (if  any)  increase  in  probability  of  intercept  opportunities. 
This  is  the  result  of  the  interceptor  site  being  able  to  intercept  only  those 
targets  whose  nodal  longitudes  were  covered  the  previous  day,  thus  adding 
nothing  to  the  probability. 

The  maximum  waiting  time  required  for  at  least  one  launch  oppor¬ 
tunity  for  the  dates  and  times  considered  are  tabulated  in  Tables  14-12 
and  14-13. 
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Tabl«  14-2.  Maximum  Waiting  Time  Required  for  at  Least 
One  Launch  Opportunity  from  AMR  and  PMR 
With  Maximum  =  20.000  fps 

(Interceptor  Maximum  Range  Capability  =  1000,  3000,  and  5000  n  mi) 


Orbit 

IneUnstlon 


A.  Target  In  100  n  ml  Circular  Orbit 


Waiting  Tima  (hr) 


PMR  Only 


AMR  Only 


(1000) 


AMR  and  PMR 


(1000)  (3000)  (3300)  (1000) 

•  *  *  « 


B.  Target  In  1000  n  mi  Circular  Orbit 


Orbit 

Inclination 


AMR  Only 


(1000) 


Waiting  Tim*  (hr) 


PMR  Only 


(3300)  1(1000) 


Target  in  2300  n  ml  Circular  Orbit 

I  Waiting  Tim*  (hr)” 


Orbit 

Inclination 


AMR  Only 


PMR  Only 


(3300) 

(1000) 

* 

* 

21.4 

4 

20.0 

20.4 

20.9 

19.7 

14.0 

Intercept  not  potalbl*. 

Sucreeeive  target  orbit  trace*  atraddl*  th*  Intercept  footprint,  waiting  time 
w24  hour*. 
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Table  14-3.  Maximum  Waiting  Time  Required  for  at  L«ast  One  Launch 
Opportunity  from  Johnston  Island  and  AMR  Against  Targets 
in  100  n  mi  Circular  Orbits 


A.  No  Restriction 


— 

Waiting  Time  (hr) 

Johnston  Island  Only 

Johnston  Island  and  AMR 

(5500) 

(1000) 

(3000) 

0 

-=1.5 

-1.5 

-=1.5 

=  1.5 

-1.5 

15 

12.2 

-1.1.  5 

-1.5 

-=i.5 

30 

11.8 

-1.5 

*>•5 

1.5 

-=1.5 

45 

12.7 

5.6 

1.5 

2.2 

-=1.5 

60 

12.4 

6.2 

2.3 

3.7 

11.9 

6.4 

3.1 

■SB 

11.7 

6.9 

5.8 

Boi 

B.  Maximum  =  20,000  fps 


Orbit 

Waiting  Time  (hr) 

Inclination 

J  ohnston  Island  Only 

Johnston  Island  and  AMR  j 

(1000) 

(3000) 

(5500) 

(1000) 

(3000) 

0 

♦ 

-1.5 

1.5 

* 

1.5 

-1.5 

15 

-1.5 

-1.5 

-1.5 

-1.5 

30 

7.9 

2.7 

3.3 

-1.5 

45 

9.9 

9.1 

4.  3 

3.4 

60 

11.4 

9.9 

4.9 

4.7 

75 

11.0 

9.3 

5.7 

5.7 

90 

10.3 

8.9 

10,  3 

8.9 

Intercept  not  possible 


n 

‘*1 


■.'i 

.1 


f-J 

9\ 

H 


J 

' .  ( 

I-  J 


•  i 

■  .1 
i 


V 
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Table  14-4.  Maximum  Waiting  Time  Required  £or  at  Leaat  One  Launch 
Opportunity  from  Kodiak  and  AMR  Against  Targets  in 
100  n  mi  Circular  Orbits 


A.  No  V_  Restriction 


Inclination 


Waiting  Time  (hr) 


(1000) 

0 

St  ■ 

15 

« 

30  1 

♦ 

45 

20.5 

60 

I 

16.0 

75  1 

13.0 

90 

10.6 

Kodiak  Only 


(3000) 


Kodiak  and  AMR 


(1000) 

(3000) 

* 

St 

* 

7.5 

5.6 

• 

4.4 

3.  3 

4.5 

4.3 

B.  Maximum  Vn  =  20.  000  fps 


Orbit 

Inclindation 


Waiting  Time  (hr) 


Kodiak  Only 


Kodiak  and  AMR 


(3000) 

(5500) 

(1000) 

(3000) 

0 

* 

« 

* 

* 

« 

15 

a 

s 

21.2 

« 

15.2 

30 

* 

20.  3 

17.8 

19.1 

9.1 

45 

23.5 

18.6 

16.  7 

7.6 

60 

23.3 

20.  3 

18.8 

9.  1 

75 

23.0 

19.3 

17.2 

9.0 

90 

22.7 

18.1 

15.9 

15.7 

Intercept  not  possible 


Table  14-7.  The  Range  of  Target  Orbit  Inclinatione  that  can  be  Intercepted 
from  Each  Assumed  Interceptor  Launch  Site  for  Targets  in 
100  n  mi  Circular  Orbits  With  Maximum  Vj^  =  20,  000  fps 

Maximum  Waiting 
Time  (hr)  for 

Interceptor  Target  Inclinations  Coverage  of  All  Orbit 

Site  Protected  Against  Inclinations  '  __ 


(3000) 

(5500) 

(3000) 

(5500) 

AMR 

15-75 

0-75 

... 

— 

PMR 

45-90 

45-90 

... 

— 

J  ohnston  Island 

0-90 

0-90 

11.4  . 

8.9 

* 

Kodiak  (Alaska) 

30-90 

15-90 

— 

... 

Puerto  Rico 

0-90 

0-90 

23.5 

23.5 

AMR  (no  launch  azi¬ 
muth  restrictions) 

0-90 

0-90 

11.6 

8.7 

AMR  -  PMR 

15-75 

0-90 

— 

19.2 

AMR  -  Johnston  Island 

0-90 

0-90 

10.3 

8.9 

AMR  -  Kodiak 

15-90 

0-90 

... 

14.2 

Johnston  Island  - 
Puerto  Rico 

0-90 

0-90 

8.6 

7.3 

Johnston  Island  -  AMR 
(no  launch  azimuth 
restrictions  on  AMR) 

0-90 

0-90 

4.9 

3.5 
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Table  14-8.  Revolution  Numbers  During  Which  an  Intercept  Opportunity 
Occurs  for  Targets  Launched  from  Present  Russian 
Launch  Site 


Interceptor 

Sites 

Target  Launch  Site  1 
Inclination  =  49® 

Target  Launch  Site  2 
Inclination  =  65® 

(3000) 

(5600) 

(3000) 

(5500) 

AMR 

?-9 

2-9 

5,  11-13 

5, 11-13 

PMR 

12-13 

12-14 

16-17 

1, 16-18 

Johnston  Island 

6-9, 13-17 

1,6-9 

12-17 

1-3,9-11, 
17-19.  , 

1-3.9-11, 

15-19 

Alaska 

11-14 

11-15 

1,16-18 

1-2,15-19 

Puerto  Rico 

1-4,8-12 

1-4,8-12 

4-6, 11-12 

4-6, 10-12 

AMR  (no  launch  azimuth 
restrictions) 

2-11 

2-11 

5-9 

4-5 

Target  launch  site  1  =  Kapustin  Yar 
as 

Target  launch  site  2  =  Tyuratam 
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Table  14-9.  Revolution  Numbers  During  Which  an  Intercept  Opportunity 
Occurs  for  Targets  Launched  from  Present  Russian 
Launch  Sites 


Interceptor 

Sites 


Target  Launch  Site  1  ‘Target  Launch  Site  2 
Inclination  =  90  deg  .  Inclination  »  90  deg 


<3000) 


(5500)  (3000) 


(5500) 


l-2,17rl8  1-3,16-19  1-3,17-19  1-4,17-20 


Johnston  Island 


1-3,9-11  1-3,9-11.  2-4,10-12  1-4,10-12 

17-19  17-19  18-20  18-20 


Kodiak  (Alaska) 


1-4,17-21  1-5,16-21  1-5,18-22  1-6,17-21 


Puerto  Rico 


4-5,20-21  4-5.20-21  5,20-21  5,20-21 


AMR  (no  launch  azimuth 
restrictions) 


5-8,13-16  1,5-8,  1,6-8,  1-2, 5-9, 

12-17  14-17  13-18 


Target  launch  site  1  =  Kapustin  Yar 
Target  launch  site  2  =  Tyuratam 


'.I 


I.-*. 
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Table  14*10.  Percentage  of  Satellite  Orbite  that  can  be  Inter¬ 
cepted  Within  One  Orbital  Revolution 

Percentage  of  Coverage  Within  One 
Orbital  Revolution _ 


Interceptor  Sites 

(3000) 

(5500) 

AMR 

33 

44 

PMR 

10 

13 

Johnston  Island 

63 

72 

Alaska 

18 

28 

Puerto  Rico 

50 

56 

AMR  (no  launch  azimuth 
restriction) 

65 

80 

Cj)  bj  above 
C2)  b^  above 

d)  Within  one  orbital  period  after  being  defined  as  hostile 
(70  percent  or  greater  coverage  of  all  satellite  orbits) 


Table  14-12.  Maximum  Waiting  Time  Required  for  at  Leaat  One 
Launch  Opportunity  from  AMR  and  Johnston  Island 
with  Both  and  Sun-Look  Angle  Restrictions  for 
December  21 

Orbit  Altitude  s  100  n  mi 


Time  of  day  of  defined  hostility:  0000  hours  Greenwich  time 


Orbit 

Inclination 

Waiting  Time  (hr)  | 

AMR  Only 

Johnston  I.  Only 

AMR  and  J.  I.  { 

(3000) 

(5500) 

(3000) 

(5500) 

(3000) 

(5500) 

0 

♦ 

7.  3 

Si.  5 

SI.  5 

Si.  5 

Si. 5 

IS 

10.3 

SI.  5 

SI.  5 

SI. 5 

s;l.5 

30 

20.5 

17.  6 

2.9 
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Figure  14-6.  Lateral  Reach  Required  for  Interception  within  One 
Orbit  Revolution  from  One  Launch  Site 
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Figure  14-14.  AMR  Interceptor  Footprint  for  Target  Orbit  Altitude 
=  lOOO  N  Mi  and  Target  Orbit  Inclination  -  30  Degree* 


Figure  14-15.  AMR  Interceptor  Footprint  for  Target  Orbit  Altitude 
=  1000  N  Mi  and  Target  Orbit  Inclination  =  45  Dej'reea 


Figure  14-16,  AMR  Interceptor  Footprint  for  Target  Orbit  Altitude 
=  1000  N  Mi  and  Target  Orbit  Inclination  =  60  Degrees 
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Figure  14-20.  AMFl  Interceptor  Footprint  for  Target  Orbit  Altitude 
=  2500  N  Mi  and  Target  Orbit  Inclination  =  60  Degrees 
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Figure  14-23.  PMR  Interceptor  Footprint  for  Target  Orbit  Altitude 
s  100  N  Mi 


Figure  14-24.  PMR  Interceptor  Footprint  for  Target  Orbit  Altitude 


Figure  14-26.  Johnston  Island  Interceptor  Footprint  for  Target 
Orbit  Altitude  =  100  N  Mi 
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Figure  14-28.  Kodiak  Alaska  Interceptor  Footprint  for  Target 
Orbit  Altitude  =  100  N  Mi 
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Figure  14>Z9«  Puerto  Rico  Interceptor  Footprint  for  Target 
Orbit  Altitude  s  100  N  Mi 
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Figure  14-33.  AMR  Launch  Opportus^ties  Against  Targets  in  100  N  Mi 
Altitude  Circular  Orbits  —  No  Restrictions 
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Figure  14-35,  AMR  Launch  Opportunities  Against  Targets  in  2500  N  Mi 
Altitude  Circular  Orbits  —  No  Restrictions 
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Figure  14-41.  AMR  and  FMR  Launch  Opportunitie*  Against  Targets  in 
1000  N  Mi  Altitude  Circular  Orbits-'No  Restrictions 
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Figure  14-42.  AMR  and  Johnston  Island  launch  Opportunities  Against 
Targets  in  100  N  Mi  Altitude  Circular  Orbits— No  Vp 
Restrictions  ^ 
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Figure  14-43.  AMR  Leunch  Opportunities  Against  Targets  In  100  N  Mi 
Altitude  Circular  Orbits-With  Vj^  R«etrictione 
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Figure  14-4S.  AMR  Launch  Opportunities  Against  Targets  in  2500  N  Mi 
Altitude  Circular  Orbits-With  Restrictions 
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Figure  M-46.  PMR  Launch  Opportunities  Against  Targets  in  100  N  Mi 
Altitude  Circular  Orbits— With  V „  Restrictions 
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■'igure  14-51.  AMR  and  PMR  Launch  Opportunities  Against  Targets  in 
1000  N  Mi  Altitude  Circular  Orbits-With  \ ^  Restrictions 
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Figure  14-59.  Locus  ot  Satellite  Orbits  That  Can  Be  Intercepted  from 
AMR  within  One  Orbital  Revolution 
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14-60.  Locus  of  Satellite  Orbits  Than  Can  Be  Intercepted  from 
FMR  within  One  Orbital  Revolution 


l^ocus  of  SatelUte  Orbits  That  Can  Be  Intercepted  from 
Johnston  Island  within  One  Orbital  Revolution 
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CHAPTER  X5 

PROJECTED  SYSTEM  COSTS 


This  chapter  is  concerned  with  the  development  of  cost  estimates, 
for  nine  proposed  interceptor  configurations,  including  three  booster  sys* 
terns  and  three  different  homing  stage  designs,  namely;  the  Wing  Vt 
Minuteman,  Titan  II.  and  Polaris  A3  boosters  with  electro -optical,  in- 
frared,  and  radar  sensing  homing  stages.  The  cost  estimates  were  de¬ 
veloped  by  the  use  of  scaling  factors.  Accurate  estimates  could  have 
been  achieved  by  preparing  detailed  development  plans,  but  such  an  ef¬ 
fort  did  not  appear  warranted  in  the  light  of  ARPA's  interest  in  only  crude 
cost  data. 

The  cost  categories  include  research^  development,  test  and  evalua¬ 
tion,  initial  investment,  and  annual  operations.  The  Minuteman  and 
Titan  II  launch  complexes  are  assumed  to  be  land  sites,  while  the  Polaris 
launch  complex  is  assumed  to  be  a  ship  based  site.  Each  launch  complex 
is  defined  as  consisting  of  two  ready  interceptors  and  four  spares;  two 
launch  pads  with  associated  G5E  items  and  one  launch  control  center  with 
its  support  and  control  equipments.  The  estimates  do  not  include  cost  for 
command  and  control  equipments  necessary,  to  tie  the  launch  complex  into 
an  overaU  global  antisatellite  system. 

Surface  ships  for  the  Polaris  interceptors  are  assumed  to  be  CFE 
from  the  mothball  fleet.  The  initial  investment  and  annual  operations  cost 
for  a  land  complex  is  assumed  to  be  independent  of  site  location,  because 
the  cost  difference  associated  with  different  launch  complex  locations  is 
insignificant  relative  to  the  total  cost.  (For  example,  the  estimated  cost 
of  land  acquisition  and  site  preparation  for  a  Minuteman  base  at  Johnston 
Island  is  only  $300  x  10^  more  than  at  AMR,  and  the  transportation  cost 
difference  is  insignificant.) 

The  results  of  the  analysis  are  summarized  in  eight  tables*  which 
provide  a  means  of  estimating  the  total  cost  of  each  interceptor  configura¬ 
tion,  the  number  of  launch  complexes,  and  program  years  necessary  to 


For  convenience  all  tables  are  placed  at  the  end  of  the  chapter. 
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achieve  a  particular  objective.  This  has  been  done  because  each  inter¬ 
ceptor  configuration  has  a  different  operational  capability,  causing  the 
number  of  launch  complexes  necessary  to  achieve  a  given  objective  to 
vary  with  the  particular  configuration  under  consideration.  No  provision 
has  been  made  for  the  duty  cycle  of  a  ship,  which  means  that  in  estimating 
the  number  of  Polaris  complexes,  additional  ships  should  be  included  as  . 
an  allowance  for  the  off-duty  time. 

The  total  cost  summary  is  presented  in  Table  15-1.  In  summary, 
it  appears  that  the  coat  differences  between  configurations  are  within  the 
errors  associated  with  the  estimating  technique  employed.  The  Titan  11 
booster  and  the  radar  controlled  homing  stage  appear  to  be  slightly  more 
costly  than  their  respective  alternatives.  The  electro-optical  and  .infrared 
homing  stage  cost  estimates  were  virtually  identical. 

Table  15-2  contains  the  R,  D,  T  and  E  cost  category  breakdown. 

The  cost  estimates  include  a  complete  launch  facility  with  two  launch  pads 
(or  tubes)  for  flight  testing.  Sixteen  interceptors  are  assumed  to  be  pro¬ 
cured  for  the  flight  test  program,  and  a  provision  for  targets  has  been 
included.  Significant  cost  differences  which  appear  are  primarily  due  to 
the  higher  cost  of  the  Titan  II  booster  and  the  higher  cost  of  development 
for  the  radar  homing  stage. 

Table  15-3  presents  the  initial  investment  cost  per  launch  complex 
for  the  interceptor  configurations  under  consideration.  The  cost  estimates 
include  land  procurement  and  preparation,  facilities,  CSE,  booster,  and 
homing  stage  procurement.  A  complex  consists  of  two  ready  interceptors 
and  four  spares.  Both  the  Minuteman  and  Titan  11  launch  complexes  are 
land-based,  while  the  Polaris  launch  complex  is  ship -based.  As  noted 
previously,  the  location  of  sites  for  the  land  complexes  is  assumed  to 
have  an  insignificant  effect  on  cost.  The  results  indicate  that  the  Minute - 
man  and  Polaris  configurations  have  approximately  the  same  Initial  in¬ 
vestment  cost  per  launch  complex. 

The  costs  of  the  Titan  11  were  expected  to  be  much  higher,  based 
on  the  cost  estimates  for  the  weapon  system  version  presented  in  Chapter 
12.  However,  launching  from  pads  instead  of  from  hardened  silos  greatly 
reduces  the  cost  of  base  construction,  facilities,  and  CSE.  Thus  the  cost 


15-2 


ofbooaUr,  b&s€  coastructlon,  (acilitiea.  and  CSE  for  one  Interceptor  are 
about  one ‘third  the  coat  of  the  operational  weapon  ayatem  veralon.  At 
the  aame  time,  the  Minuteman  ayatem  coata  for  baae  conatruction,  facil* 
itiea  and  GSE  are  increaaed  allghtly  over  the  weapon  ayatem  veralon.  The 
Polarla  coata  are  alao  lower  than  the  weapon  ayatem  version  due  to  re¬ 
placing  the  aubmarine  with  a  CFE  aurface  ehip. 

Table  15-4  ahowa  the  annual  operationa  coat  per  launch  complex  for 
the  interceptor  configuratione.  The  personnel  coata  are  baaed  upon  a 
staff  of  65  people  per  complex  for  the  Minuteman  and  Titan  11  aystems  and 
3C  people  for  the  Polaris  complex,  exclusive  of  ship's  crew,  at  S7500/man/ 
year.  The  65  persons  Include  a  three  shift  operation  at  the  launch  control 
center,  plus  missile  maintenance,  security,  and  on-base  logistics  support. 
The  30  persons  are  for  operation  of  the  launch  control  center  and  missile 
maintenance  only.  The  i7500/man/year  includes  pay  and  allowance,  re¬ 
placement  training,  supply  conaumption,  etc.,  and  is  baaed  upon  Refer¬ 
ence  1.  The  land  facilitiea  maintenance  and  interceptor  system  parts 
consumption  coats  are  baaed  upon  5.8  and  6.6  percent  of  their  respective 
initial  Investment  coats.  The  booster  and  homing  stage  parts  consumption 
also  includes  the  firing  of  one  missile  per  complex  per  year  as  a  readiness 
demonstration  exercise.  The  ship  operation  cost  is  based  upon  Reference  2. 
The  results  indicate  that  the  Minuteman  and  Polaris  configurations  have 
approximately  the  same  annual  operations  cost  per  launch  complex,  while 
Titan  11  operations  cost  slightly  more. 

Table  15-5  presents  the  homing  stage  nonrecurring  and  recurring 
cost  estimates.  Nonrecurring  costs  arc  those  that  do  not  vary  with  the 
number  of  stages  produced,  and  include  a  prototype  stage.  Recurring 
costs  vary  with  the  number  of  stages  produced.  The  structure  subsystem 
includes  two  tanks  and  the  basic  stage  structure.  The  propulsion  system 
cost  is  for  a  pressure -fed  variable  thrust  engine,  and  the  altitude  control 
subsystem  includes  a  hot  gas  system  and  the  associated  control  electronics. 
The  power  supply  system  includes  batteries,  cables,  J-boxes,  and  con¬ 
verters.  The  warhead  for  all  homing  stages  is  an  explosively  deployed 
pellet  warhead.  The  guidance  and  sensor  subsystem  for  the  electro- 
optical  and  infrared  systems  includes  a  computer,  sensor,  gimbal  plat¬ 
form  with  gyros,  and  an  electronic  control  unit.  The  radar  guidance 


and  tensor  tubtyttem  includes  a  computer,  an  X>band  radar  system,  and 
two  antennas  o£  which  one  is  gimballed  with  gyros.  The  radar  controlled 
homing  stage  is  approximately  S20.0  x  10^  and  40.  S  x  10^  higher  than  the 
other  stages  in  the  nonrecurring  and  recurring  cost  categories,  respectively. 

Table  15-6  presents  the  booster  nonrecurring  and  recurring  cost 
estimates  bated  upon  a  preliminary  analysis  of  the  modifications  required. 
The  booster  costs  include  the  fairings,  interstage  adapter,  interstage, 
booster,  recurring  modifications,  and  those  ndnrecurring  costs  associ¬ 
ated  with  developing  the  booster  system  modifications.  The  Polaris  non¬ 
recurring  cost  estimate  for  booster  modifications  is  highest  because  of 
the  homing  stage  separation  problems,  which  have  been  considered  part 
of  the  booster  system  for  simplicity. 

Table  15-7  presents  the  Minuteman  and  Titan  11  Initial  investment 
coats  per  launch  complex  for  facilities  and  CSG.  The  assumed  launch 
pad  facilities  for  Minuteman  and  Titan  11  are  above  ground,  which  neces¬ 
sitated  the  addition  of  an  environmentally  controlled  shield  for  each  of  the 
two  ready  interceptors.  All  building  costs  are  based  upon  a  rough  esti¬ 
mate  of  sise  and  a  cost  of  430/square  foot.  The  personnel  facilities  cost 
is  based  upon  having  65  people  at  a  complex  at  an  initial  investment  cost 
of  $14,  500/man.  The  414,  500  is  predicated  upon  Heference  1  and  includes 
initial  training,  facilities,  original  equipment,  etc.  The  CSE  costs  in-  . 
elude  two  sets  of  pad  related  equipment  plus  the  control  center  related 
equipment,  modified  as  required. 

Table  15*8  presents  the  Polaris  initial  Investment  cost  for  facilities 
and  GSE,  as  well  as  the  ship  operations  cost  per  year.  The  ship  costs 
are  predicated  upon  reactivating  a  CFE  C4  ship  from  the  mothball  fleet 
and  modifying  it  extensively,  as  indicated.  The  Polaris  GSE  equipment 
cost  is  assumed  to  be  the  same  as  the  Minuteman  CSE  cost. 
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Table  Total  Cost  Summary  (All  Costs  in  10  $) 
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Table  15-2.  Research.  Development,  Test  and 
Evaluation  Costs  (la  10^ 
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Table  15-3.  Initial  Investment  Costs  Per 
Launch  Complex  (in  10^  fi) 
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Table  15-4.  Annual  Oparationa  Coat  Par  Launch  Complex  (In  10^  $) 
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Table  15-5.  Homing  Stage  Nonrecurring  and 
Recurring  Coats  (in  10^  $) 


Item  Subsyctcm  Description 
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Table  15-7.  Minuteman  and  Titan  U  Initial  Inveathient  Coats 
Table  15  racilitiea  and  GSE  for  One  Launch  Complex  (In  10^  ♦ ) 


Item  Description 


No.  Req'd 
Per  Launch 
Complex 


Minuteman 


Titan  U 
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Control  Center 
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powerhouse  (Equipped) 
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Table  15-B.  Pole  :is  Initial  Investment  for  Facilities  and  GS£ 
and  Ship  Annual  Opexationa  Coat  (la  10^ 


Item 

Description 
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Subtotal 
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fS, ibO 

GSE 

Launch  Tube  Related  (2  required) 

1,870 

Control  Center  Related 

750 
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15 
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2 
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APPENDIX  A 


LINEAR  ANALYSIS  OF  BDDY 
FIXED  TRACKING  GYRO  MISALIGNMENT 

The  effects  of  gyro  misalignment  on  roll  stability  using  a  body  fixed 
tracker  and  gyros  and  using  a  single  engine,  roll-to-maneuver  technique 
are  considered.  Analytical  results,  are  obtained  by  assuming  small  angles, 
to  linearize  the  equations. 

The  results  of  the  analysis  show  that  the  effect  of  the  gyro  misalign¬ 
ment  on  roll  stability  depends  on  the  sign  of  the  misalignment  angle.  A 
positive  misalignment  angle  has  a  pronounced  destabilizing  effect,  while  a 
very  small  negative  misalignment  angle  has  a  stabilizing  effect.  It  is  shown 
that  the  misalignment  angle  is  analagous  to  a  negative  roll  control  system 
time  constant  and  that  with  a  misalignment  p.  and  a  roll  control  sy  stem  time 
constant  t,  the  effective  roll  control  system  time  constant  can  be  considered 
to  be  (t  -  p/w)  where  w  is  the  LOS  rate. 

Tracking  loop  and  guidance  system  dynamics  are  neglected.  Constant 
relative  velocity  is  assumed  and  it  is  assumed  that  Vr  =  Proportional 
navigation  with  a  dead  zone  (scalar  bias)  is  considered  for  the  guidance 
technique.  Perfect  pitch  and  yaw  attitude  control  is  assumed,  thus  the 
interceptor  acceleration  is  always  normal  to  the  LOS.  A  first  order  lag 
for  roll  control  system  dynamics  is  considered.  The  coordinate  system 
used  is  shown  in  Figure  A-1. 

The  kinematics  equation  with  the  assumptions  stated  is 

i  -  ^ 

Tw  s  2w  +  — - 

and  the  guidance  equation  is 

where 

X  s  Navigation  constant 
=  Relative  velocity 


I 

(A.  1) 


A-1 


7  *  UNIT  VECTOR  OUT  OF  PAPER 


Figure  A-1.  Coordinate  System  For  Gyro  Misalignment  Analysis 


ira-  'W  *iC 


X 


Now,  differentiating  Equation  (A.  13)  give* 


Pfy  up  -f  ukp 


(A.  17) 


Substituting  for  w  from  Equation  (A.  11)  and  for  p  from  Equation  (A.  13) 
gives 

Pp  =  -y  Qiw  -  \[u)  -  |A.,  18) 

Solving  for  Twd  and  equating  to  Equation  (A.  12)  gives 

-X(w  -  w,j)(6  +  p)  =  -TpV  +  {2w  -  +  \wj^)  (A.  19) 

Differentiating  Equation  (A.  3)  gives 

»  p  +  (A,  20) 

Substituting  for  from  Equation  (A^.20),  for  p  from  Equation  (A>13),  and 
for  6  s  ^  from  Equation  (A.  3),  Equation  (A,  19)  becomes 

-X|u>  -  uj^)  =  -Tpp  +  Tu»(p  +  Tp)  ♦  (2w  -  \w  +  Xw^)  ^  (A.  21) 

Rearranging  gives 

Tw(t  -  p/w)p  +  X(w  -  Wj^)(t  -  p/w)  -  (X  -  2)p  +  X.-j^  P  +  T<^  p  =  0  (A,  22) 
The  solution  of  this  equation  is  of  the  form 


p  =  C  exp 


u)j^)(t  -  p/w)  -  (X  -  2)p  +  \Wj^p/w  +  T«^ 


23) 


where  u  is  given  by  Equation  (A.  16).  The  integral  in  Equation  (A.  23)  is 
not  easily  solved  in  general;  however,  the  form  of  the  solution  can  be  ob¬ 
tained  by  considering  the  effects  of  the  roll  control  system  and  tlte  yaw 
gyro  misalignment  separately. 


Consider  the  effect  of  roll  control  eyetem  dynamice  only  and.no  yaw 
gyro  misalignment,  p  s  0.  Equation  (A.  23)  becomes 


j  -  \t(«  -  u.)  1 

^  =  Cj  exp  1+  j - ^ -  dTj 

>  *  Cj  exp  j^+/(7  -  T  +  T:?) 


For  X  s  4  and  substituting  for  u>  from  Equation  (A.  16) 
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i .  c,  .,p  || .  i„ts  ^ 
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»  =  C  -i, 
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T=T^  > 


u  -T  /t 

o  *  o 


c,  s  T  "  e  - e 

1  0^0  w  -  iu), 

O  D 


^  J  V^b*<“o- ^bXT'V  V 


*  = 


(A.  24) 

(A.  25) 


(A.  26) 


(A.  27) 


<A.28) 


(A.  29) 


This  result  shows  that  for  a  nonzero  time  lag  in  the  roll  control  system, 
the  roll  rate  will  get  large  as  the  time  to  go  T  approaches  zero.  However, 
with  a  zero  time  lag  the  roll  rate  will  be  zero. 
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N«xt  consider  the  effect  of  yaw  gyro  misalignment  only  and  a  perfect 
roll  control  system,  t  *  0.  Equation  (A.  23)  becomes 

P  -  w.  )P/'w  »  “  2)p  e  Vi>.  P/w  +  Tw  "1 

^  exp  I  +  J - - rrr- - -  dTj  (A.30 

♦  »  exp  J(“  T  "  (A.  31 


Substituting  (or  w  from  Equation  (A.  16)  and  letting  \  a  4 


^  a  exp 


^  a  exp 


[/[I  S’©']"} 

2inT  -  2w^T/p  .  i  -  2^^)  i  ^  j 


(A.31) 


(A.  32) 


(A.  33) 


+  a  i  at  T  a 
O  o 


*  =  ^b' 


*  K  ■  ^b'  Ij^oj 

,'T„  -  T)  .  (»„  -  j  k  - 

V  o  . 


(T^  -  T)  +  (u,^  -  2w^) 


(A.  34) 


This  result  shows  that  a  very  small  negative  misalignment  angle,  p,  has  a 
stabilizing  effect,  since  the  exponential  goes  to  zero  as  p  goes  to  aero  from 
the  negative  side.  However,  as  p  goes  to  zero  from  the  positive  side,  the 
exponential  goes  to  infinity  and  has  a  destabilizing  effect.  Therefore,  the 
overall  roll  stability  with  gyro  misalignment  depends  on  the  sign  or  direc¬ 
tion  of  the  misalignment. 

If  the  case  u  =  2u.  is  considered,  Equation  (A.  34)  reduces  to 
o  b 


2  ^b 


fr)  . 


(A.  35) 
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And  Equation  (A.  29)  rcducca  to 


‘•••Gf)' 


-i(T 


(A.  36) 


Comparing  Equation*  (A.  35)  and  A.  36)  showa  that  the  effect  of  the  gyro 
mlaallghment  la  analagous  to  a  negative  roll  control  ayatem  time  conatant. 

Referring  to  Equation  (A.  Zi),  the  factor  (t  >  p/u>)  may  be  conaldered 
to  be  an  effective  open  loop  roll  control  ayatem  time  conatant.  Therefore 
If  the  gyro  miaallgnment  angle  la  poaitive  and  large  enough  to  reault  in  an 
effective  negative  time  conatant,  a  aerioua  inatability  in  roll  will  reault. 

If  the  miaallgnment  angle  la  negative  and  large  In  magnitude,  a  raaultant 
alugglah  roll  control  ayatem  exlata  and  the  roll  rate  will  get  large  aa  the 
time  to  go  approache*  zero. 
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APPENDIX  B 


STATISTICAL  ANALYSIS  OF  MISS  DISTANCE 

Because  of  the  nondete.rministic  Inputs  to  the  guidance  system,  the 
measured  output  quantities  of  interest  (the  miss  distances)  must  be  treated 
in  a  statistical  manner  to  arrive  at  some  suitable  conclusion  with  respect 
to  the  performance  characteristics  of  a  particular  system  configuration. 

Two  outputs  of  each  computer  run  were  the  terminal  misses  which 
are  denoted  as  and  M^.  From  the  terminal  misses  obtained  for  each 
set  of  computer  runs  for  a  particular  value  of  noise  and  system  parameters 
a  miss  scatter  diagram  can  be  generated.  This  diagram  would  provide 
Information  on  how  large  a  nonfused  warhead  would  have  to  be  In  order  to 
successfully  destroy  the  target  by  collision. 

The  approach  to  be  taken  in  determining  warhead  slxe  would  then  be 
to  simply  enclose  all  miss  points  In  an  envelope  centered,  perhaps,  about 
the  tracker  axis.  This,  then,  would  be  the  required  size  of  the  warhead 
for  a  nonexplosive  interception.  One  disadvantage  in  such  a  procedure 
is  readily  apparent.  Since  the  number  of  samples  (misses)  is  finite  and 
the  miss  concentration  may  not  be  well  defined  the  warhead  siee  might 
be  grossly  undersized  or  oversized.  An  undersized  warhead  would  mean 
that  the  probability  of  interception  would  be  small.  Conversely,  an  over¬ 
sized  warhead  would  probably  guarantee  a  kill  but  at  the  expense  of  an 
impractically  oversized  system. 

For  determining  warhead  size,  it  is  more  convenient  to  consider 
the  probability  that  the  miss  is  less  than  a  given  number.  Then,  after 
selecting  a  reasonable  kill  probability  the  warhead  radius  could  be  found. 
With  a  nonzero  mean  miss,  however,  the  derivation  of  the  expression  for 
the  miss  radius  for  various  interception  probabilities  is  difficult.  There- 
fore,  the  equations  relating  the  miss  radius  to  the  statistical  parameters 
of  the  miss  ensembles  will  be  derived  for  a  zero  mean  miss. 

Several  simplifying  assumptions  were  employed  to  expedite  the 
statistical  computations,  namely: 


I 


•  The  dietrlbution  of  the  miae  in  each  of  two  directions, 
h  and  p,  is  Gaussian.  The  mean  miss  In  the  h  direction 
is  Mah  with  standard  deviation  or),  and  similarly  the  mean 
miss  in  the  p  direction  is  Map  with  standard  deviation 

e  The  cross  correlation  coefficient  of  the  misses  M)^  and  Mp 
is  zero.  This  implies  that  the  two  misses  are 
statistically  independent. 

The  equation  for  the  estimate  of  the  magnitude  of  the  mean  vector  miss  is 


1  =  +  V' 

a  ^  ah  ap  y 


(B.l) 


where  n  is  the  number  of  samples  (chosen  to  be  30).  The  estimated 

standard  deviations  of  M,.  and  M^  are 

h  p 


-  (5  I  ■  <)' 


(B.2) 


(B.3) 


The  probability  that  the  miss  magnitude  r  is  less  than  or  equal  to 

P(r)  for  the  independent  random  variables  M.  and  M  with  zero  means 
Z  Z  “  P 

and  variances  ff.  and  is 
h  p 


P(r)  =  +  M  ^ 


(B.4) 


where  r  is  the  miss  distance.  Proceeding  formally 


P(r)  = 


““i.n 


IB. 5) 


-f 


Letting 


3  cos  u 


<B.6) 


with  the  Jacobian 


M  s  pff  sin  w 
P  P 


8Mjj/8p  8Mjj/8w 

dM/Sp  8M  i 
O  D  • 


Equation  (S)  after  substitution  becomes 


=  PVc 


(B.7) 


P(r)  = 


j; [.  4 


._i_  r 

p  h  -'o 


(B.9) 


'2  f  or 
P  •’‘P  -  1 

I 


{r""’  - 


• 


(B.IO) 


where  the  bracketed  term  is  a  zero  order  Bessel  function  of  the  second 
kind.  Equation  (B.  10)  has  been  numerically  evaluated  for  several  values 
of  P(r)  and  is  presented  in  normalized  form  on  Figure  B-1.  Here,  the 
normalized  factor  a  which  is  the  ratio  of  the  standard  deviations  is  defined 
such  that  it  is  bounded  at  the  values  zero  and  one.  Hence 


for 

p  b 


A 

a  =  (T, 

P  1 

A 

'h  =  '2 


for  «r.  «  ff 
h  p 


The  t'A/o  special  cases  occur  when  a  ?.0  and  a  =  1.  For  a  s  0  the 
distribution  is  Gaussian  and  hence' 


P(r) 


For  a  s  1  the  distribution  is  Rayleigh  and 

-  P(r)  =  I  -  e 


1  r*  ^"^l 

e  ‘dp 

ff.  Jo 


jr 

2a 


In  addition  t.o  the  circular  probability  radii  given  by  Figure  B-1  it  is 
useful  to  place  a  confidence  interval  on  the  miss  radius.  With  this  additional 
information  a  more  conservative  estimate  of  warhead  size  can  be  made. 

For  a  particular  interception  probability  P(r)  and  for  a  fixed  a  the  miss 
radius  r  is 


r  =  K  a 


1 


For  0  =  1 


/  2  ^  2 

r~.K.-KT-L-^ 


{B.14) 


(B.15) 


The  miss  radius  computed  from  n  miss  samples  is  denoted  by  r*  and  is 


+  s/ 

r*  =  K^-L_j-L 

where  and  82^  are  the  sample  variances. 

B-5 


(B.16) 


Hence 


X  \  (t 


TTp. 


(B.17) 


For  the  estimated  (ue..  computed)  r'*'  to  be  within  f  at  its  true  value 


I. 


(B.18) 


Squaring  and  multiplying  by  n,  the  number  of  samples 

2 


Now 


n(l  rch(l  +  .2)2 


(B.19) 


(B.ZO) 


where  nS,^/2  is  a  variate  with  n  -  I  degrees  of  freedom.  Also, 

2  *  2 

nS£ IZ  is  a  X  variate  with  n  -  1  degrees  of  freedom.  Therefore,  the  sum 


is  a  X  variate  with  2n  -  2  degrees  of  freedom. 
Hence 


(B.21) 


where  a  is  the  confidence  (probability)  that  n{r*/r)  lies  between  X,  and 
£  Z  2  * 

X2  •  The  bounds  Xj’  and  chosen  in  a  conventional  manner  such 

that 


/*'  =1” 
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(B.22) 


where  F  (X^)  is  the  chi  square  distribution  function.  For  n 
<r^/(r^  =  1  and  a  =  0.95  (a  95  percent  confidence  interval). 

=  30  samples. 

«1  -*2  = 

(B.23) 

Hence 

0.81<^-si.l9 

{B.24) 

Inverting 

0.84  2-4^1,23 

(B,25) 

This  inequality,  then,  gives  the  95  percent  confidence  interval  on  the  true 
miss  radius  as  a. function  of  the  estimated  radius. 

The  confidence  interval  derivation  for  =  0  is  similar  to  the 

preceding.  . 

For  -  0 

s, 

r*  .  1 

r  -  a, 

(B.26) 

where  Sj  is  the  estimated  standard  deviation.  Bounding  the 
as  before 

estimated  r* 

(B.27) 

and 

n(l  -  n(il)  in(l 

(B.  28) 

Where  n(r*/r)^  is  theX^  variate  with  n  -  1  degrees  of  freedom. 


Hence 


Where  Xj^  and  are  chosen  to  satisfy  Equation  (B.22). 


(B.29) 


For  a  =  0.95  and  n  =  30 


O.Slsi^  s.1.37  (B.30) 

Since  the  ineqvuilities  of  Equation*  (B.25)  and  (B.30)  do  not  differ 
drastically  from  «a.cb.  other  a  straight  line  approximation  to  the  percentage 
confidence  interval  for  0  a  ■<  1  has  been  made.  The  95  percent  confidence 
interval  for  a  0.95  interception  probability  is  shown  graphically  on 
Figure  B-2.  This  graph  was  used  in  the  computation  of  the  miss  distance. 


Figure  B-2.  Etatio  of  Miss  Radius  to  Larger  Standard  Deviation  for 
=5  Percent  Interception  Probability 
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f  -  ^ 
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APPENDIX  C 

DEVELOPMENT  OF  RADAR  PARAMETRIC  EQUATIONS 

1.  PARAMETRIC  RELATIONSHIPS  FOR  A  RADAR  SEEKER 

Let  us  consider  the  signal-to-noise  ratio  per  pulse  for  a  conventional 
pulse  radar  (starting  the  analysis  with  a  pvilse  radar  causes  no  loss  in 
generality). 


(C.l) 


where 

S/N  a  Peak  signal-to>noise  ratio  per  pulse 
L  -  System  loss  factor 

P*j  -  Peak  transmitter  power 
R  a  Range 
A  =  Antenna  area 
p  -  Antenna  efficiency 
ff  =  Target  echoing 
B  a  Bandwidth 

K  =  Boltaman's  constant  -  1.38  watt8/cp»/**K 
T^  =  Effective  noise  temperature  of  the  radar  receiver 

The  terms  in  Equation  C.  1  are  arranged  to  illustrate  the  flow  of  power. 
The  first  bracket  represents  the  power  density  at  the  target  (power  trans¬ 
mitted  X  antenna  gain  —  space  loss).  The  second  bracket  is  simply  the  re¬ 
ceived  power  density  per  unit  power  density  at  the  target. 

For  a  single  pulse  matched  filter,  the  bandwidth  B  is  approximately 
the  reciprocal  of  the  pulse  length  t.  Substituting,  we  have 


S/N  = 


(C.2) 
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1£  we  integrate  m  pulte*  coherently*  the  reeultant  output  elgnal  to-noiee 


ratio  ie 


L{P^mT)Gt  ,  j 

(S/N)  »  m(S/N)  a  "■  y 


(C  .3) 


Now  let  Tj  be  the  total  time  of  coherent  integration.  The  basic  transmitter 
quantity  of  interest  is  the  energy  transmitted  during  the  integration  time 


a  mP*T  a  mP^T^ 


iC.4) 


under  the  assumption  of  coherent  integration,  where  is  the  average  trans¬ 
mittal  power. 

For  a  CW  .radar,  this  is  equivalent  to  assuming  that 


BTj  a  1 


(C.5) 


and  the  peak  transmitted  power  P^  equals  the  average  transmitted  power 


Consider  next  the  relationships  among  the  antenna  related  parameters 
and  the  field*of-yiew.  The  ephemeris  errors  dictate  a  certain  area 
over  which  the  radar  must  search  for  the  target.  At  the  minimum  accept¬ 


able  detection  range  R^  this  corresponds  to  a  solid  angle 


Q  =  4ir 


^  m  ^ 


{C.6) 


neglecting  curvature  corrections.  If  we  assume  for  the  moment  a  perfect 
anienna,  then  the  gain  is  assumed  constant  over  the  solid  angle  u  cov¬ 
ered  by  the  antenna  beam  so  that 


G  =  p4ir/w 


(C.7) 


where  p  is  the  aperture  efficiency. 

The  departure  of  the  gain  from  a  constant  over  the  beamwidth  will  be 
included  in  the  beam  shape  and  scanning  portions  of  the  loss  factor  Lt.  In 


C-Z 


order  to  obtain  a  total  time  of  T.  for  integration,  the  antenna  beam  muet 
illuminate  the  target  for  teconde.  Therefore  a  total  time  of 


T  »  T.  —  seconde 
1  u 


(C.8) 


will  be  required  for  the  antenna  beam  to  scan  the  required  field-of-view. 

In  this  amount  of  time  the  target,  which  is  traveling  toward  the  interceptor 
at  velocity  V^,  can  close  a  distance  of 


As  vr 

C 


(C.9) 


To  incorporate  these  relations,  let  us  return  to  Equation  C.  3.  The 
signal'to-noise  required  after  integration  (S/N)^  is  determined  by  the  re> 
quired  probability  of  detection  (and  vice  versa).  If  we  define  as  the 
range  at  which  the  (S/N)  is  unity,  then 


^  PjTjGpAcrL 
®  (4w)?KT 


(C.IO) 


(4Tr)^KT  . 


(C.ll) 


Substituting  the  relations  in  Equations  (C.7)  (C.8)  and  (C.9) 


^  Jaa  ® 


(C.12) 


and  then  introducing  R^,  we  finally  obtain 


•  M  r^TTj  TSTiQ- 


(C.13) 


In  Equation  C.  13  we  have  delineated  the  significant  parameters  af¬ 
fecting  radar  performance.  The  quantities  in  the  first  bracket  are  only 


some«&at  dependent  on  lyitem  design  and  choice  of  frequency.  The  quanti¬ 
ties  in  the  second  bracket  are  dictated  by  the  problem.  The  third  set  of 
quantisaes 


(C.  14) 


is  the  ratio  of  8ignal-to*noise  at  to  the  fraction  of  R  traveled  in  a 

ITV 

scan  time  T.  Since  the  other  factors  in  Equation  (C.  13)  are  constants  (ex¬ 
cept  far  slight  variations  with  choice  of  frequency),  this  last  ratio  [Equa¬ 
tion  (C.  14)J  should  be  minimized  to.  optimize  the  transmitter  power  P^. 

Subsequently  we  will  show  that  the  minimum  of  Equation  (C.  14)  is  a 
functiae  only  of  the  cumulative  probability  of  detection  P  required  at  the 


specified  range  R^.  that  is 


P^  »  4ir 


(C.15) 


where 


q(P  )  a  optimum  signal  to  noise  Ro/Rm’  required  to 
achieve  the  cumulative  probability  of  detec¬ 
tion  Pc  • 

v(P  )  a  optimum  A/R„'for  the  required  P 
c  m  c  . 


(C. 16) 


Therefore  from  Equation  (C.15)  we  can  see  the  interrelationship  of  the  pri- 
marr  parameters  in  system  performance.  The  required  radar  power 
varies  linearly  with  the  ephemeris  uncertainty  area,  the  closing  velocity 
and  with  the  minimum  acceptable  detection  range.  It  varies  inversely  with 
the  antenna  area  and  the  target  nominal  area. 

The  linear  dependence  of  P^  on  (A^,  V^,  R^)  is  most  significant. 

Tin*  relationship  omphasizes  the  significance  of  improving  the  ephemeris 
and  reducing  closing  velocity  by  favorable  attack  geometries.  It  also  sug¬ 
gests  that  improved  detection  range  may  be  achieved  at  a  rather  moderate 
cost  in  radar  investment,  thereby  reducing  peak  homing  stage  acceleration 
and  fuel  requirements. 

It  is  also  interesting  to  note  that  frequency  does  not  appear  explicitly 
although  the  terms  (7<T,  L,  <r)  may  have  frequency  dependence.  Frequency 
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m 


does  enter  in  a  crucial  way.  however.  We  have  assumed  that  the  prede> 
lection  bandwidth  B  is  xxxatched  to  the  time  on  target  T^.  thereby  achieving 
coherent  signal  processing.  This  requirement  is  dillicult  (perhaps  impos> 
Bible)  to  achieve  exactly  in  practice,  requiring  extremely  narrow  antenna 
beamwidths  and  hence  very  high  frequencies.  These  high  frequencies  are 
undesirable  from  the  view^toint  of  noise  temperature  •  efficiency  of  power 
generation,  and  the  difficulty  uf  pointing  and  sweeping  a  narrow  beam 
antenna. 

These  considerations  will  force  us  to  consider  nonoptimum  signal  . 
processing.  As  shown  in  Section  3,  nonoptimutn  signal  processing,  1.  e., 
noncoherent  or  post  detection  integration,  can  incur  additional  penalties 
of  from  1  to  5  db.  Also,  it  is  important  to  note  here  that  with  nonoptimum 
processing  the  desirable  linear  dependence  of  power  required  with  range 
is  spoiled  somcw'hat,  perhaps  approaching  a  square  relationship. 

2.  OPTIMIZATION  OP  SCAN  TIME 


Consider  the  minimization  of  Equation  (C.  14).  The  object  of  the  radar, 
design  is  to  achieve  a  certain  cumulative  probability  of  detection  at  the 
specified  range  with  the  specified  parameters  of  target  size,  closing 
velocity,  antenna  aperture,  etc.  From  rather  extensive  analysis  by 
Marcum,^  Swerling,^  and  others,^  the  probability  of  detection  on  a  single 
look,  the  so-called  "blip-scan"  ratio,  has  been  determined  for  constant 
and  fluctuating  targets  as  a  function  of  R/R^  or  equivalently  (S/N)^^^. 

Denote  this  ratio  (probability)  as  p(R/R^). 

If  we  assume  the  target  is  fluctuating  (scintillating)  with  scan-to- 
scan  independence,  then,  since  the  final  scan  must  catch  any  particular 
target  before  it  reaches  the  cumulative  detection  prot>ability  for  that 

particular  target  is 


p;(R-.A)=i-  -nrE -p(.5:^)] 

l-O  o 


where 


1C.17) 


i 


R^:^  R’  =  R^  +  A 
m  m 


(C,  18) 


c-s 


\  • 


Since  the  target  can  be  anywhere  in  the  interval  specified  in  Equation  (C.18) 
with  equal  probability*  then  the  overall  cumulative  probability  ie 

J  P;(R'.  A)dR'*  {C.19) 

The  required  optimization  is  to  minimise  Equation  (C.  14)  by  choice 
of  A«  subject  to  P  (R  .  A)  from  Equation  (C>  19).  being  equal  to  a  pre> 
scribed  value.  Increasing  the  interval  A  increases  the  time  for  coherent 
signal  integration  and  thereby  improves  the  signal-to>noise  ratio.  This 
results  in  an  increased  blip-scan  ratio.  On  the  other  hand,  increasing  A 
decreases  the  number  of  looks  at  a  target,  and  hence,  tends  to  decrease 
P  .  As  might  be  expected,  there  is  an  optimum  (A/R  »  y)<  This  optimi- 
zation  has  been  addressed  by  Mallett  and  Brennan  and  Oishington.  The 
results  of  the  analysis  by  Mallett  and  Brennan  are  presented  in  Figure  4-1 
'and‘4-V  of  Volume  li  '  Figute  4-1  displays  the  slgnal-to-noise  ratio  a  re¬ 
quired  (out  of  a  predection  filter  matched  to  the  time- on- target)  versus  the 

desired  probability  of  detection  P_  for  two  false  alarm  numbers  n  of  10^ 

3  ®  **’ 

and  10  .  Figure  4-2  shows  the  dependence  of  the  optimum  scan  ratio 

(y  3  A/R^)  on  the  desired  P»  Only  the  results  for  the  most  severe 

(Swerling  Case  1)  type  target  fluctuations  are  presented  here. 

The  false  alarm  number  ii  is  the  reciprocal  of  the  false  alarms  per 
look  at  noise.  This  number  is  computed  as  follows.  A  practical  radar 
which  achieves  a  performance  almost  equivalent  to  the  assumed  perfectly 
coherent  system  will  generally  have  a  number  m  of  narrow  band  filters  (of 
bandwidth  B).  Each  filter  is  looking  at  noise  and  the  number  of  looks  per 
second  is  mB.  If  the  average  time  between  false  alarms  is  specified  at 
T^^.  then 

n  =  (looks  per  second)  (false  alarm  time) 
or 

n  =  mBT^^  (C.20) 

4  R 

Conservatively,  m  s  100,  B  3  lOO  and  10  ,  so  that  n  3'  10°  or  leas. 
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3.  IMPLICATIONS  OF  COHERENT  SIGNAL  PROCESSING 

Fundamental  to  the  previous  analysis  has  been  the  assumption  that 
the  signal  has  been  processed  coherently.  This  means  that  in  effect 

the  predetection  filter  is  matched  to  the  time-on- target  T^.  The  radar  sys¬ 
tem  detection  configuration  comprises  a  bank  of  doppler  filters  of  bandwidth 
(l/T^)  each  of  which  is  followed  by  a  square  law  detector  which  directly 
feeds  a  threshold  circuit.  No  post  detection  integration  (filtering)  is  called 
for.  The  target  echo  pulses  are  thereby  integrated  coherently  in  the  dop¬ 
pler  filter  for  T^  seconds.  One  advantage  of  this  configuration  is  that  since 
the  signal  is  integrated  prior  to  detection,  the  signal -to- noise  ratio  into  the 
square  law  detector  is  high,  thereby  incurring  only  a  small  degradation.. 

Vg  (lElATtVE  VELOCITY) 


Figure  C-1-  Typical  Geometry  at  Target  Acquisition 

The  most  basic  difficulty  in  achieving  the  requisite  narrow  doppler 
bandwidths  is  simply  the  rate  of  change  of  doppler  shift  as  the  target  closes. 
To  ihustrate,  in  Figure  C-1  we  have  shown  a  typical  geometry  at  target 
acquisition  indicating  the  LOS  to  the  target  and  the  relative  velocity 
vector.  We  shall  assume  that  the  magnitude  and  direction  of  this  relative 
velocity  are  accurately  known.  The  doppler  shift  is  proportional  to  the  pro¬ 
jection  of  the  relative  velocity  onto  the  LOS 

f  »  — J —  cos  0 

where  0  is  the  angle  between  and  the  line-of-sight. 
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(C.21) 


Now  each  filter  preceding  a  detector/integrator  must  be  wide  enough  so 
that  the  received  eignal  remains  in  the  bandpass  of  the  filter  for  the  into* 
grationtime.  i.e.t 

B-fTj  (C.2Z) 


On  the  other  hand  there  will  be  a  raininxum  bandwidth  that  will  be  achievable 
considering  carrier  spectrum  width,  availability  of  components,  etc., 
therefore 

®-®min  <C-23) 

as  well. 

From  Equation  (C.  21) 

^  *  T"  cos  ®  ■i*' ®  •  (C.24) 

Now 

sind*-^  (C.25) 


where  M  is  the  nominal  miss  and  R  is  the  range  to  the  target,  so  that 

MV„ 


cos  0  0=  - y—  COS  0 

R 


(C.26) 


Substituting  m  into  (C.24).  we  obtain 

‘  ■  -r  (** 


(C.  27) 


In  this  problem  we  assume  to  be  constant  (no  target  maneuvers),  so  that 


(C.28) 


Now.  the  number  of  pulses  N  that  must  be  integrated  is  given  by 


N  =  BT. 


(C.29) 
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For  coherent  procesaingt  N  «  1,  to  that 


(C.30) 


This  i>  not  usually  the  case,  and  we  nnust  compete  N  ae 


« ■  I  'hi*  =  »».i.  »i 


(C.31) 


Now,  the  time  on  target  ia 


7.-7.  w  _  -n  f  ^ 


(C.32) 


assuming  a  beam  dimension  of  X/D.  Therefore 


"■Tt-  = 


(C.33) 


However,  we  can  see  that  N  is  largest  at  the  maximum  miss  M,  so  that  with 
M  s  3(r^  and  recalling  that 


(C.34) 


we  obtain 


3o3v3 

^  R  X 


72ff  ^D,  D, 
a  i  2 


»  B  T, 

sta  s 


(C,35) 


The  loss  corresponding  to  N  ^  1  is  given  in  Figure  4-4  of  Volume  1.  For 
example,  N  =  3.  . 

4.  OTHER  LOSS  CONSIDERATIONS 

Two  other  loss  phenomena  should  be  considered]  eclipsing  and  modu¬ 
lation.  A  pure  CW  system  appears  to  be  ruled  out  by  considerations  of  re¬ 
ceiver  isolation.  An  attractive  configuration  for  this  intercept  task  is  an 
ICW. system  using  PRF  tracking  for  range  information.  In  this  system,  the 
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tranimitt«r  ic  turned  on  for  the  tround  trip  period  to  the  target  and  then 
switched  off  to  receive  the  incoming  echo.  Before  the  target  has  been  de¬ 
tected  this  range  is  unknown  and  a  programmed  PRF  nwst  be  used*.  The 
discrepancy  between  the  actual  range  and  the  programmed  range  will  cause 
the  transmitted  pulse  to  overlap  the  received  pulse  causing  an  effective 
loss  in  return  signal  energy.  This  phenomenon  is  called  eclipsing.  An 
estimate  of  this  loss  for  the  case  of  detection  at  125  n  mi  with  appropriate 
ephemeris  uncertainty  in  range  yielded  a  loss  of  0.5  db. 
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APPENDIX  D 
RADAR  ANGLE  ERRORS 


1.  INTRODUCTION 

Two  contributors  to  the  tracking  noise  in  a  monopulse  tracking  radar 
are  random  Iluctuations  in  the  phase  front  of  the  received  signal  called 
angle  noise,  and  random  fluctuations  in  the  amplitude  of  the  received  sig¬ 
nal  called  amplitude  noise.  ^  ' 

The  random  fluctuations  in  the  phase  front  of  the  received  signal 
result  from  the  interference  of  energy  reflected  from  various  scatterers 
on  the  target.  Because  the  tracker  uses  the  phase  front  to  determine  the 
radar  target  direction,  the  result  is  an  apparent  target  motion.  The 
return  signal  amplitude  noise  causes  apparent  target  motion  due  to  the 
fact  that  amplitude  fluctuations  cannot  be  completely  removed  by  the  auto¬ 
matic  gain  control. 

In  this  study  a  target  model  will  be  used  to  assess  the  effect  of  ACC 
and  tracking  circuit  bandwidths  on  the  magnitude  of  the  tracking  noise  from 
these  two  sources.  One  target  model  advanced  by  R. H.  Delano,^  and  later 
used  by  R.  B.  Muchmore,^  assumes  that  the  target  consijits  of  an  infinite 
number  of  scatterers  with  equal  amplitudes  and  independent,  random, 
phases.  Equal  amplitudes  are  assumed  to  make  the  results  expressible  in 
a  readily  usable  form.  Due  to  the  form  the  approximation  takes,  the 
results  do  not  lose  appreciable  significance  as  a  result  of  the  approxima¬ 
tion  of  equal  amplitude  scatterers.  From  this  model,  conclusions  can  be 
drawn  about  the  character  of  a  general  target. 

2.  AMPLITUDE  NOISE  AND  ANGLE  NOISE 

R.  H.  Delano^  determined  the  error  signals  introduced  into  a  conically 
scanned  tracking  system  by  the  fluctuation  of  the  phase  front  and  amplitude 
of  the  received  signal.  Although  the  results  were  obtained  specifically  for 
a  conically  scanned  system,  the  results  apply  to  essentially  all  linear 
tracking  systems.  This  is  due  to  the  fact  that  all  such  systems  develop  a 
modulation  on  the  signal  from  each  scattercr  which  is  in  phase  with  the 
unmodulated  signal  from  that  scatterer.  From  Delano's  study,  the  error 
signal  present,  after  linear  detection  of  the  scattered  signal  is  given  by 


error  signal  a  s 


IP.  1) 


where 

U  =  Gauaaianly  distributed  angle  noise  with  a  mean 
square  value  of 

7T 

d  a  Distance  from  the  tracking  axis  to  the  individual 
scatterer  n  and  R  is  the  range  from  the  radar  ■ 
to  the  target 

U.  s  Ebot  — E  is  the  Raleigh  distributed  output  of  the  detector* 
bg  is  the  error  signal  per  unit  angle  error  between  the 
tracking  axis  and  the  target,  and  s  is  the  angle 
between  the  tracking  axis  and  the  mean  radar  center 
measured  in  a  signal  tracking  plane. 

For  the  case  of  no  automatic  gain  control  or  a  slow  AQC,  the  error 
signal  E^  is  substantially  unchanged  and  is  given  by 

E^s-b^sE+U^  (D.  3) 

which  may  be  written  as 

E^  =  -b^«E  +  b^c  (E  -  E)  +  (D.4) 

The  first  term  in  Equation  (0.4)  is  a  restoring  term  pro¬ 

portional  to  the  angle  t,  between  the  tracking  axis  and  the  radar  center. 

The  second  term  [b^t  (E  -  £)^  is  an  amplitude  noise  term  with  a  mejan 
value  of  aero,  and  a  magnitude  proportional  to  the  instantaneous  value  of  «. 
The  third  term  is  the  Gaussianly  distributed  angle  noise. 

For  a  aero  time  constant  AGC,  the  error  signal  given  by  Equation  (O.  3) 
is  effectively  multiplied  by  E/E,  and  hence  becomes 

The  amplitude  noise  term  is  not  present  in  Equation  (D,  5)  to  give 

spurious  tracking  signals,  however,  the  angle  noise  term  is  no  longer  U 

butEU  /E. 
a 


D-2 


is  Gaussianly  distributed  and  E  is  a  Raleigh  distributed 
variable.  Then  the  term  U^/E  is  a  special  case  of  the  Student  t  distribution. 
The  resultant  distribution  is  wider  than  the  Cuassian  distribution  oi  IT^. 

The  rms  value  of  a  true  Student  t  distribution  is  infinite,  resulting  in  an 
infinite  power  in  the  angle  scintillation  spectrum  of  a  zero  time-constant 
tracking  system.  This  is  not  a  realizable  system  because  the  power  in  the 
scintillation  spectrvun  will  always  be  finite  due  to  the  electric  time  con¬ 
stants  and  physical  inertia  of  the  system.  Thus,  a  fast  AGO  while  increas¬ 
ing  the  angle  noise,  will  decrease  the  tracking  noise  due  to  amplitude  noise. 

4 

Dunn  and  Howard  have  assessed  the  relative  merits  of  slow  and  fast 
automatic  gain  controls.  The  comparison  was  made  by  simulation  of  an 
enti.e  tracking  system  including  the  AGC,  and  the  closed  loop  tracking 
circuit,  and  the  radar  target  itself.  The  spectrum  of  the  amplitude  noise 
in  the  signal  simulating  the  target  (with  the  bandwidth  suitably  scaled)  is 
shown  in  Figv-e  4.  11b. 

The  results  of  that  study  ihdicated  that  a  fast  AGC  would  give  less 
total  tracking  noise  than  a  slow  AGC  under  practical  tracking  conditions. 

This  may  be  seen  from  Equation  (D.  4);  the  amplitude  noise  induced  angle 
scintillation,  b^«(E  -  E),  with  slow  AGC  is  proportional  to, the  angle  c 
between  the  tracking  axis  and  the  mean  radar  center  of  the  target.  Be-  ' 
cause  this  term  is  small  in  a  fast  AGC,  and  because  the  angle  nqise'J^  is 
independent  of  the  angle  «,  there  is  a  relatively  small  yalue  of  «  (about 
one -half  body  length),  above  which  the  slow  AGC  tracking  noise  exceeds 
the  tracking  noise  v'ith  fast  AGC. 

In  Section  4  of  this  appendix  it  is  shown  that  the  total  spectral  width 
of  the  tracking  noise  will  be  0.4  cps  as  contrasted  with  the  1.4  cps  total 
bandwidth  noise  used  in  the  simulation  by  Dunn  and  Howard.  However, 
the  results  obtained  in  the  simulation  will  be  appropriate  to  this  study  if 
the  simulated  bandwidths  are  scaled  by  the  same  factor  as  tlie  noise  band- 
widdis.  The  results  of  the  radar  simulation  by  Dunn  and  Howard  are  shown 
in  Figure  4- Ha  of  this  report  with  the  AGC  and  tracking  bandwidths  suit¬ 
ably  scaled.  '' 

j  SERVO  DYNAMIC  LAG 

It  was  found  in  Section  Z  that  the  tracking  noise  induced  by  target 
amplitude  noise  was  a  function  of  the  antenna  pointing  error.  In  this 
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Bection,  an  exprcBaion  will  be  given  for  the  tracking  lag  under  propoaed 
tracking  conditiona  o£  a  prograxnmed.Z.  mr/aec  L08* 

For  the  AN/FPS-16(XN-1)^  radar,  the  relationahip  between  the 
dynamic  tracking  lag  and  the  tracking-servo  bandwidth  ia  given  by 

A9  SS  + - '-rt  +  higher  order  terma  (D.  6) 

2.5B“ 

where  ■  • 

Ad  s  Tracking  lag  inrnrAsec 

=  Line-of-aight  rate  in  mr/aec 

-  First  derivative  of  LOS 
rate  in  mr/aec^ 

=  Bandwidth  of  tracking  aervo 

Assuming  a  similar  relationship  between  the  tracking  bandwidth  and 
dynamic  tracking  lag,  and  for  the  case 

s  2  mr/sec 
"T  ®  ° 

Bjj  =  1.  15  cpa 

Then 

A0  0.  5  mr  (D.  7) 

Expressing  the  tracking  lag  in  feet  at  the  target: 

at  1  mile  range  A6(ft}  =  0.  11 
at  10  mile  range  Ae(ft)  =  1. 1 
at  50  mile  range  AO(ft)  ~5.5 
4.  SCINTILLATION  SPECTRA 

The  portion  of  the  angle  and  amplitude  scintillation  spectra  which 
fall  in  the  bandwidth  of  the  AGC  and  tracking  circuits  determine  the  actuad 
effect  of  ’  e  'cintillations  on  the  tracker.  It  is  then  quite  important  to 
krow  the  widths  and  general  shapes  of  the  spectra. 


The  actual  angle  scintillation  spectrum  shape  is  a  function  of  the 
JdCC  bandwidth.  As  a  result,  the  angle  scintillation  spectrum  for  no  AGC 
’Mill  be  given  here  as  a  guideline  fox  the  actual  case  where  a  fast  ACC 
might  be  used.  The  AGC  chosen  would  not  change  the  width  of  the  spec* 
trum,  only  the  shape.  In  addition,  the  total  power  in  the  spectrum  (area 
cncer  the  spectral  density  curve)  will  be  a  function  of  the  pointing,  error 
between  the  antenna  axis  and  the  mean  radar  center  of  the  target. 

Then,  as  a  guideline  for  the  actual  spectra,  the  normalised  scintil* 
nation  spectra  for  no  AGC  will  be  derived  for  two  idealized  cases,  a  closing 
range  on  a  stabilized  target,  and  a  constant  range  rotating  target.  The 
spectra  shown  arc  normalized  to  unity  area,  the  actual  area  would  bo 
equal  to  the  variance  of  the  tracking  noise  power  (which  is  estimated  in 
the  text  of  this  report),  . 

-t.  1  Spectrum  for  Closing  on  a  Stabilized  Target 

Assuming  an  interceptor  to  be  closing  toward  the  center  of  a  non* 
rotating  target,  the  spectrum  width  may  be  obtained  by  referring  to 
Figure  D-1. 

If  the  closing  velocity  to  the  center  of  the  target  is  V^,  the  closing 
velocity  to  the  periphery  of  the  target  is  (V^  cos  0). 

The  differential  closing  velocity  is  given  by 

Vd  =  Vo(l  -  cos  0)  (D.  8) 

TARGET 


using  the  approximation  for  small  X 


Equation  (D.  9)  becomes 


ior  small  0 


then 


(‘  -  ‘4^) 


V  -  V  ^ 

^d~  o  Z 


sin  0  fts  0 


<D.  10) 

(D.  11) 


V  0" 
V  ° 


(D.  12) 


The  difference  doppler  between  the  center  of  the  tartlet  and  the  peri¬ 
phery  is  given  by 

'd  =  -E^‘o  »■>« 

where  f^  is  the  carrier  lrequency«  c  is  the  velocity  of  light* 

Combining  Equations  (O*  12)  and  (D*  13) 

V  e^f 

Id  = 

For  a  target  diameter  of  10  fectt  a  closing  velocity  ol  10,000  feet  per 
second,  and  a  carrier  frequency'  of  10  kMc 


,  0.  09 


(D.  15) 


where  R  is  the  range  in  statute  miles,  f^  is  the  spread  of  the  doppler 
spectrum  for  the  specified  geometry. 

From  Muchmore,  the  spectra  for  U^,  the  Gaussianly  distributed, 
error  signal  is 


•  ““‘“‘d 


4-  ;  Olf-f, 


(O.  16) 


W(U^)  *  0  ;  elsewhere 
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The  normalized  spectrum  W(U^). 
Figure  D*Z. 


for  a  10  foot  target  is  shovm  in 


FREQUENCY/MAXIMUM  DOPPLER  FREQUENCY,  f/fp* 


*FOR  A  10  FT  TARGET  AT  A  RANGE  OF  1  Ml,  fp  =  0.09  CPS 
FOR  A  10  FT  TARGET  AT  A  RANGE  OF  10  Ml,  fp  =  0.009  CPS 


Figure  D-2.  Spectral  Density  of  Angle  Scintillation  for  Closing  Range 

4. 2  Spectrnm  for  a  Rotating  Target 

The  width  of  the  angle  scintillation  spectrum  of  a  rotating  target  at 
a  large  range  may  be  calculated  from  the  expression 


where 


4lTf  df 

r  o 


(D.17) 


fj  =  Spectrum  width 

f  s  Frequency  of  rotation  of  the  target  in  cps 
d  s  Length  of  the  target 
f^  a  Transmitted  frequency 
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For  a  10-ioot  target,  and  a  transmitted  frequency  of  10  kMc 

£ .  =  1258  f  (D.  18) 

Q  r 

The  spectrum  is  (from  Muchmore) 

(D.  19) 

The  normalized  spectrum,  W(U^),  for  a  10-foot  target  rotating  at 
2  mr/ sec,  is  shown  in  Figure  D-3. 


W(U^) 


Figure  D-3.  Spectral  Density  of  Angle  Noise  for  a  10-Foot 
Target  Rotating  at  2  mr/ sec 
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■  APPENDIX  E 

CALCULATION  OF  TRACKER  NOISE  EQUIVALENT  FLUX  DENSITY 

1.  INTRODUCTION 

The  noise  equivalent  flux  density  (NEFD)  of  a  conventional  carrier- 
type  electro- optical  tracker  is  used  to  express  the  signal-to-noise  ratio 
at  the  output  of  the  tracker  preamplifier,  or  intermediate  frequency 
amplifier.  A  knowledge  of  NEFD  is  essential  in  a  determination  of  the 
required  aperture  diameter  for  given  static  tracking  accuracy  or  in  a 
discussion  of  the  problems  of  target  acquisition. 

Two  variations  of  the  same  optical  system  will  be  discussed,  one 
in  connection  with  the  copper-doped  germanium  detector  and  the  other 
in  connection  with  the  photomultiplier  detector.  Both  systems  will 
employ  parabola-flat  collecting  optics  of  about  f/3  relative  aperture. 

When  used  with  the  copper-doped  germanium  detector,  which  is  back¬ 
ground  limited,  a  cone  channel  condenser  will  be  used  in  addition  to  re¬ 
strict  the  amount  of  background  radiation  falling  on  the  detector  and 
hence  decrease  the  NEFD.  Collecting  optics  alone  will  be  used  with  the 
photomultiplier  which  is  also  generally  background  limited  by  visible 
spectrum  photons. 

Although  it  is  an  assumption  not  crucial  to  the  calculation  of  NEFD, 
the  tracker  type  to  be  assumed  is  a  fixed  reticle  FM  system. 

2.  CALCULATION  OF  THE  NEFD  OF  A  THERMAL  TRACKER 

EMPLOYING  CONE  CHANNEL  CONDENSER  OPTICS 

A  tracker  designed  for  operation  against  a  greybody  radiator  at 
250°K  must  have  a  detector  capable  of  operation  somewhere  in  the  spec¬ 
tral  region  of  6  to  30  microns.  There  are  two  basic  possible  choices  of 
detector  and  filter.  One  is  the  spectral  region  of  6  to  14  microns  which 
includes  40  percent  of  the  radiated  power;  the  other  is  the  spectral  region 
of  8  to  30  microns,  which  includes  77  percent  of  the  radiated  power. 

Both  spectral  regions  can  be  covered  with  copper-doped  germanium,  the 
limitation  to  shorter  wavelengths  being  accomplished  with  a  cold  barium 
fluoride  or  Irtran  II  filter.  The  complete  S-  to  30-raicron  region  gives 
a  greater  amount  of  effective  target  radiation,  as  well  as  a  decreased 
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amount  of  backgrotuid  radiation  and  ia  the  region  to  be  considered  in 
this  calculation.  Operation  in  the  6-  to  14-micron  band,  although  not 
optimum  from  the  point*of-view  of  maximum  signal-to-detector  noise  or 
signal-to-background  ratios  is  more  convenient  in  terms  of  filter  and 
window  availability. 

The  calculation  of  NEFD  is  based  on  the  definition  of  the  detectivity, 
D*.  of  the  detector 


where 


the  NEFD  is  then 

NEFD  =  (E.Z) 

T,it  xy  D*  »  D^ij 

In  this  equation 

D  =  Aperture  diameter  of  optical  system,  cm 

T|  =  System  efficiency  •  • 

The  detector  area,  A^,.  can  be  found  from  the  size  of  the  field-of- view 
and  the  relative  aperture  of  the  collecting  optics  if  the  use  of  a  cone  chan¬ 
nel  condenser  is  assumed.  The  reduction  in  detector  radius  obtained  by 
use  of  a  cone  channel  condenser  is  ^ 

C  1 


D*  = 


"Rffcp" 


(E.  1) 


2 

A  =  Detector  area,  cm 
c 

=  Noise  equivalent  bandwidth,  cps 
NEP  =  Noise  equivalent  power,  watts 


^  D.  W.  IVilliamson.,  "Cone  Channel  Condenser  Optics,"  Journal  of  the  Optical 
Society  of  America,  vol.  42,  No.  10,  pp.  712-715,  October  1952. 


where 


C  s  Radius  of  the  detector 
S  =  Radius  of  the  focal  plane 
(f/  )  =  Relative  aperture  of  the  collecting  optics 

therefore 


The  value  0^  is  the  radius  of  the  field- of- view  in  radians  and  F  is 
the  focal  length  of  the  collecting  optics. 

/ 

The  noise  equivalent  bandwidth,  Af,  can  be  found  in  the  terms  of  the 
modulation  index,  M(0^),  and  the  data,  rate,  n 

Afs2M(A^)n  (E.  3) 

Substituting  for  and  Af  in  the  equation  for  NEFD  gives 


NEFD 


h*  bfi 


(E.  4) 


The  value  of  for  a  BLIP  detector  can  be  found  from  the  equation 


(NA). 

D*  =  W 
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which  comparet  the  BLIP  D*  in  tKa  telescope  in  question  to  that  under 
test  conditions.  (NA)^  and  (N^)  are  the  numerical  aperture  under  test 
and  operational  conditions  respectively,  and  are  the  background 

emissivities.  and  is  the  peak  value  of  specific  detectivity  measured 
under  test  conditions.  It  has  been  assumed,  as  is  proper  in  a  cone  con¬ 
denser  system.  that  only  thermal  energy  from  the  mirrors  reaches  the 
detector.  This  is  a  good  assumption  if  the  cone  condenser  is  cooled  to 
detector  temperature. 

Therefore  Equation  (E.  4)  becomes 


NEED 


;d=2V? 


(E.5) 


Without  the  cone  channel  condenser 


NEED 


-  ivT 


n 


(E.6> 


Using  the  equation  for  BLIP  D*,  this  equation  becomes 


NEED 


(E.  7) 


which  differs  from  Equation  (E.  5)  by  the  factor  1/NA,  For  an  f/3  system, 
therefore,  the  NF'FD  with  cone  condenser  is  a  factor  of  six  smaller  than 
that  without,  provided  comparable  optical  efficiencies  can  be  maintained. 
Generally  the  optical  efficiency  with  cone  condenser  is  lower  than  that 
without  so  shat  a  net  improvement  of  less  than  a  factor  of  three  can  be 
expected. 
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Assuming  the  following  value* 


e  ^  =  4  mrad 
m 

tn 

n  =  50  sec* 


D*  =  3.  2  X  10^°  cm  watt 

t)  s  0.  2  with  cone  channel  condenser 
t)  =  0.  5  without  cone  channel  condenser 
(NA)j  =  sin  30  degrees 


•  3  =  0.04 

=  i.O 


the  NEFD  with  and  without  the  cpnc  channel  condenser  can  be  plotted  {tee 
Figure  E-1). 


3.  CALCULATION  OF  THE  NEED  OF  A  REFLECTED  SUNLIGHT 
TRACKER  USING  A  PHOTOMULTIPLIER  DETECTOR 

Equation  (E.  2)  can  be  rewritten  in  terms  of  (NEP)  the  noise 
equivalent  power  per  unit  bandwidth/ 


NEFD  =  (E.  8) 

&j  and  6^  are  the  optical  and  electronic  efficiencies  of  the  system 
respectively.  Here  again  the  noise  equivalent  bandwidth  is  given  by 
Equation  (E.  3).  The  value  of  (NEP)  for  a  photomultiplier  in  the  back* 
ground  limited  or  shot-noiae  limited  state  is  proportional  to  the  square  - 
root  of  the  cathode  current  in  the  photomultiplier.  The  cathode  current 
is  in  turn  proportional  to  the  amount  of  radiation  falling  on  the  photocathodc, 
a  function  of  the  effective  aperture  area  and  the  field-of-view  of  the  optical 
system. 


(NEP)* 


*D.  W  Williamson.  "Cone  Channel  Condenser  Optics."  Journal  of  the  Optical 
Society  of  America,  vol.  42,  No.  10,  pp.  712-7 15,  October  1952. 
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Figu.ru  E-1.  Noise  Equivalent  Flux  Density  Versus  Aperture  Diameter 
for  Thermal  Tracker 


The  value  of  K  for  a  7265  photomultiplier  with  the  night  aky  ae  a 
background  ie  3.86  x  10'^^  watt  cm  ^  ster 


2K 


NEFD  = 


''*e 


m 


‘i*'"  ” 


(E.  9) 


Equation  (E-  9)  is  plotted  versus  the  aperture  diameter,  D,  in  Figure  E-2. 
4.  ACOUISITION  NEFD 


During  the  acquisition  procedure,  the  tracker  telescope  will  be 
scanned  to  cover,  in  a  methodical  fashion,  the  whole  ephemeris  error 
volume.  The  output  of  the  preamplifier  will  be  compared  to  a  fixed 
threshold  and  the  scan  will  continue  until  signal  exceeds  the  threshold. 

This  method  is  an  example  of  the  Neyman- Pearson  test  of  statistical 
hypotheses  in  which  a  threshold  is  set  at  a  fixed  threshold-to'noise  ratio 
determined* by  an  acceptable  false  alarm  rate  or  probability.  The  proba« 
bility  of  detection  of  such  a  test  is  a  function  of  the  excess  of  signal  over 
threshold  in  units  of  rms  noise.  The  rms  noise  in  terms  of  flux  density, 
the  NEFD,  must  be  known  before  the  threshold  can  be  set  or  the  prob¬ 
ability  of  detection  determined. 

The  NEFD. is  best  given  for  this  purpose  in  terms  of  the  solid 
angle  per  channel  per  second  searched  during  acquisition,  N|qr^.  T  is  the 
dwell  time  of  the  telescope  on  a  point  target,  N  is  the  ntimber  of  detector 
channels, and  n  is  the  instantaneous  field-of-view  of  the  telescope.  In  order 
to  obtain  the  best  possible  results  during  acquisition,  given  the  tracking 
optics  and  detector,  a  separate  matched  filter  preamplifier  of  bandwidth 
Af  will  be  used  and 


At.  ^ 

In  general'this  bandwidth  will  be  narrower  than  that  required  for  the  fre¬ 
quency  modulation  carrier  so  that  the  reticle  will  not  be  used. 

^nation  (E.  8)  for  the  photomultiplier  case  can  be  re-evaluated 
using  this  expression  for  the  noise  equivalent  bandwidth. 


-v  .'^K^  n 

NEFD  s 


(E.  iO) 


A  ei'~iilar  expression  can  be  obtained  for  the  case  of  a  copper- 
doped  germanium  detector  and  cone  channel  condenser  optics  using 
Equation  (E.  2)  and  the  equations 


A£  = 


1 

~rr 


and 


itD 


m 


n 


the  expression  is 


1/2 


(E.  11) 


Equations  (E.  10)  and  (E.  II)  can  be  used  to  determine  the  peak 
signal-to-rms -noise  ratio  at  acquisition  as  a  function  of  solid  angle 
searched  per  second.  The  noise  at  the  amplifier  output,  that  at  the 
output  of  a  narrowband  linear  system,  is  Gaussian.  Hence  the  false 
alarm  probability  and  detection  probability  are  easily  determined. 
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APPENDIX  F 


THE  EFFECTS  OF  EARTHSHINE  ON  TARGET  INTENSITY 

1.  CASE  OF  A  DIFFUSE  REFLECTING  SPHERICAL  SATELUTE 

Consider  the  target- interceptor  geometry  of  Figure  F-1.  If  it  ie 

assumed  that  the  interceptor  altitude  is  roughly  the  same  as  that  of  the 

target,  and  if  acquisition  begins  at  a  target- Interceptor  range  of  50  to 

100  n  mi,  then  P*'«  ir/U  *  in. the  cases  of  interest.  Cunningham^ 

has  calculated  the  total  reflection  radiation  on  a  satellite  taking  the  solar 

2 

constant  as  0. 1353  watt/ cm  and  the  earth's  albedo  as  0.  34.  Looking  at 
the  case  for  P  s  90  degrees,  at  ah  altitude  of  100  n  mi,  one  can  use 
Equation  (F.  1) 

W  =  I  y  H  Ur  +  1/r^)  -  (2  -  1/r^)  <r^  -  cos  ^  (F.  1) 

where  .  . 

H  s  Solar  constant 
V  a  Earth  albedo 

r  a  Target  radius  from  earth  center  in 
units  of  earth  radius 

p  s  Sun  angle  from  target  satellite  earth 
perpendicular 

Fur  the  parameters  stated  above 

W  =  90  milliwatts /cm^ 

The  area  over  which  the  ir radiance,  W,  is  applied  is  the  projected  area 
of  a  spherical  satellite  as  seen  from  a  point  on  the  earth.  The  irradiance, 
W,  is  sizable  compared  to  the  solar  constant  of  140  mw/cm^  even  con¬ 
sidering  the  fact  that  the  reflected  radiation  is  nonuniformly  distributed 
over  most  of  the  satellite  surface,  rather  than  over  a  hemisphere  as  in 
the  case  of  direct  solar  illumination. 

^F.  G,  Cunningham,  "Earth  Reflected  Solar  Radiation  Input  to  Spherical 
Satellites,”  ARS  Journal.  32,  7  (July,  1962) 


Figure  F>1.  Geometry  (or  Determining  the  Effect  of  Eerthehine 

To  determine  how  much  of  this  radiation  is  received  by  the  tracker 
in  the  interceptor,  aome  approximations  may  be  made.  To  a  first 
approximation  the  earth  reflected  radiation  can  be  assumed  to  produce 
uniform  illumination  over  the  lower  hemispherical  surfaco  of  the  spherical 
satell^^'e. 

Under  this  assumption  the  earth  albedo  acts  as  a  secondary  solar 
source  and  for  P  »  90  degrees,  it  illuminates  the  satellite  hemisphere 
away  from'the  sun.  Therefore,  referring  to  Figure  5-4,  it  can  be  said 
that  thTelfcctive  irradiance  will  be  increased  by  a  factor  of 

90  mw/cm^  _  90  , , 

- jj - - »  64  percent 

Although  this  is  an  appreciable  increase,  it  applies  only  to  the  best  condi¬ 
tions  for  earthshine  target  illumination.  Twilight  or  night  conditions 
directly  below  the  satellite  greatly  decrease  the  effects  of  earthshine. 
Furthermore,  for  larger  values  of  P  when  solar  reflected  radiation  is 
low  and  earthshine  would  really  be  helpful,  the  earthshine  tends  to  be  very 
low  also. 
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Z.  CASE  OF  A  SPECULAR  REFLECTING  SATELUTE  HAVING 
PLANE  SURFACES 

A  difficult  satellite  shape  to  detect,  considering  only  direct  solar 
illumination,  is  a  rectangular  solio  having  specularly  reflecting  plane 
surfaces.  Such  a  vehicle  produces  irradiance  at  the  interceptor  only  for 
certain  discrete  geometries  if  the  sun  alone  is  considered  as  light  source. 
The  presence  of  carthshine,  however,  causes  the  problem  to  become 
much  more  tractable. 

Consider  the  simple  case  of  the  plane  side  of  a. satellite  which  acts 
as  a  specular  reflector.  The  image  of  the  earth  seen  in  this  reflector  has 
a  radiance  where 

eff  ir 

In  this  equation 

p  s  Reflectivity  of  the  surface 
Y  s  Albedo  of  the  earth 
H  •  Solar  constant 

The  image  occupies  a  solar  angle,  u,  as  seen  by  an  observer  at  the  inter>- 
ceptor  of 

oA_ 


U>  3 


steradians 


R- 


A^  is  the  projected  area  of  the  satellite  and  a  is  the  fraction  represented 
by  the  effective  surface  (that  in  which  the  earth's  image  can  be  seen). 

The  effective  irradiance  at  the  tracker  entrance  aperture  is  then 


H 


eff 


upvHA^ 


i»R‘ 


(F.2) 


Certain  assumptions  are  contained  in  Equation  (F.2).  First,  that 
the  projected  surface  area  of  the  satellite  has  a  plane  portion  reflecting 
the  earth  in  a  specular  manner,  and  second,  that  the  amount  of  satellite 
effective  area  is  known  and  is  u  A^  The  geometry  is  shown  in 
Figure  F*2. 


,  T*n6ET  iMAOIANCe  AT  TRACKER 


Figure  F-3  shows  the  values  of  H^££  ^or  an  S>20  photocathode  as 
functions  of  R  and  pA^  provided  there  is  nc  direct  surdight  reflected  by 
the  satellite.  This  r  ay  be  compared  with  the  values  for  a  diffuse  spherical 
reflector  given  in  Figure  5*4. 

2 

If  pA_  equals  1  m  and  R  equals  100  n  mi»  then  the  plane  apeculax 
X  *13  2 

reflector  gives  H  equaling  1.  5  x  10“  ^  S-20  effective  watt/cm‘  while 

the  diffuse  sphere  gives  H^££  equaling  8.  5  x  10  S~20  effective  watt/cm^ 

for  a  90-degree  phase  angle. 


Figure  F*3.  Effective  Irradiance  Produced  by  Earth-Reflected  Sunli^t 
From  a  Plane  Specular  Surface  on  a  Satellite  (S-20  Photo¬ 
cathode) 
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APPENDIX  G 


TRACKER  ACCURACY  AS  A  FUNCTION  OF 
TELESCOPE  APERTURE  DIAMETER 


In  order  that  the  satellite  interceptor  vehicle  be  capable  of  a  reason¬ 
able  value  of  miss  distance,  specifications  .riust  be  placed  on  the  angular 
accuracy  of  target  location  of  which  the  tracker  is  capable.  In  this  par¬ 
ticular  system  the  tracker  must  provide  data  accurate  enough  to  permit  a 
measurement  of  the  target  angular  rate  with  a  one  sigma  accuracy  of  0.5 
milliradian/ second. 

The  rms  angular  rate  error  is  related  to  the  low  frequency  spec¬ 
tral  density  of  angle  noise  and  servo  filter  time  lag  T  by  the  equation 
for  a  second  order  lowpass  filter 


The  value  of  low  frequency  spectral  density  of  angle  noise  can,  of 
C9ur8e,  bo  found  from  the  rms  angle  noise  oTg  and  the  noise  equivalent 


bandwidth  Ab  of  the  second  order  filter. 


"'e  * 


Therefore,  the  relation  between  rms  angle  noise  and  angle  rate  noise 


(G.l) 


For  T  =  0. 5  Sec  and  =  0.  5  milliradian  per  second 


ffg  =  0.  Ids  milliradian 

This,  then,  is  the  angular  accuracy  required  of  the  tracker. 


For  the  purposes  of  this  discussion,  a  frequency  modulation  tracker 

operating  in  the  large  signal  mode  will  be  assumed.  The  angular  accuracy 

* 

for  this  case  is 


m 

m  , 


(NEPWAb^^ 


(C.2) 


In  this  equation 

8  =  the  radius  of  the  field  of  view  (radians) 

m 

M(d  )  s  the  modulation  index 
m 

*  -1/2 
(NEP)  -  the  noise  equivalent  power  per  unit  bandwidth  (watt  cps  ) 

Ab  =  the  servo  bandwidth  (cps) 

Pjj  =  the  power  falling  on  the  detector  (watt) 

The  bracketed  quantitV  in  Equation  (C.2)  can  be  expressed  in  terms 
of  the  signal  and  noise  at  the  intermediate  frequency  annpllfier  output. 


(NEP) 


"eff 


uhere  both  H  and  NEFD  have  been  discussed  above  and  in  Appendix  £ 
ell 

for  various  targets  and  detector-optics  combinations.  Equation  (G.Z). 
with  these  substitutions,  becomes 


NEFD) 


(C.3) 


Appendix  B,  First  Semi-annual  Technical  Report,  Signal  Modulation 
Techniques,  Space  Technology  Laboratories,  Inc.,  24  April  1961, 
Contract  AF04(647)643. Task  C. 
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In  Section*  land2,  this  equation  will  be  evaluated  for  the  thernaal 
target  and  reflected  light  target  cates,  and  graph*  will  be  plotted  showing 
the  aperture  diameter  required  for  a  giveh  field  of  view,  0^,  and  angular 
accuracy,  Sq. 

1.  THERMAL  TRACKER  ACCURACY 

It  hat  been  shown  in  Appendix  £  that  the  NEED  for  a  thermal  tracker 
using  a  copper-doped  germanium  detector  at  4.2°K  is  given  by  the  equation 


NEED 


.  ,.yT 

—T72 


D«D6j82(NA)^«3 


(G.4) 


Alto,  it  has  been  shown  the  available  effective  flux  from  a  thermal  target 

it 


H 


eff 


«  A,j, 


N* 


(G.5) 


where 


h?--  ■■  E(\)W(V.,  T)dk  (G.6) 

Jo  max 


Substituting  Equations  (C.4)  and  (G.5)  in  Equation  (C.3)  and  solving  for 
the  aperture  diameter,  D,  gives 


D  = 


4.''Vw‘''o 


f-i-l 

(NA)«g*^^ 

[cAtJ 

(NA)^€b^»/2 

(C.  7) 


This  equation  is  shown  in  Figure  G-1  with  D  plotted  as  a  function  of 
«A^,  the  effective  target  area. 

2.  REFLECTED  SUNLIGHT  TRACKER  ACCURACY 

If  the  tracker  operates  in  the  visible  region  of  the  spectrum  against 
tolar  illuminated  targets.  Equation  (G.  3)  ran  again  be  evaluated  using  the 
appropriate  values  of  effective  flux  and  NEED  as  derived  in  Section  2  and 
Appendix  E. 


Figure  C-1.  Aperture  Diameter  for  Single  Channel  FM  Tracker 
with  Cone  Condenser  versus  Target  Effective  Area 
for  Thermal  Target,  Ge:Cu  Detector  and  0.125 
MilU radian  Tracking  Accuracy 


(G.8) 


(G.9) 


Replacing  and  NJEFD  in. Equation  (G.3)  with  the  values  given  by  Equa¬ 
tions  (G<  8)  and  (G.9)  leads  to  an  equation  for  the  diameter  of  the  required 
telescope  if  an  angular  accuracy  Vq  is  desired. 


6ir^{Ab)  a 
'  '  m 


fey  [•*”  p  ♦  <"  -  p)  '=<’•  pj"'  >“i 


This  equation,  except  for  various  constants,  has  the  same  form  as  Equa¬ 
tion  (G.7)  which  applies  to  the  thermal  target  case.  It  is  shown  with  D, 
the  aperture  diameter  of  the  required  telescope,  plotted  versus  the  effec¬ 
tive  target  area.  pA^,  in  Figure  G-2. 

In  order  to  obtain  a  feeling  for  the  tracking  accuracy  requirement 
and  to  compare  the  thermal  target  and  reflected  sunlight  target  cases, 
assume  an  effective  target  size  of  0. 1  m^  ^nd  a  field-of-view  of  4-milliradian 
radius  and  then  examine  Figures  C- 1  and  C-Z  to  determine  the  required 
aperture  diameters.  In  order  to  obtain  0.  12  5- mi  Hi  radian  l-sigma  accuracy 
at  50  n  mi  range,  the  copper-doped  germanium  range  tracker  requires  an 
aperture  diameter  of  approximately  50  cm  while  the  S-20  photomultiplier 
tracker  requires  only  7  cm.  This  result  is  typical  when  comparing 
visible  spectrum  devices  against  thermal  spectrum  devices;  the  sensitivity 
of  detectors  in  the  visible  region  is  greatly  superior.  However,  as  shown 
in  the  discussion  oi  the  background  problem  in  Chapter  5,  Paragraph  5.3, 
there  are  definite  background- rejection  advantages  in  the  thermal  spectral 
region.  The  applicability  of  a  single  channel  visible  spectrum  tracker  is 
severely  limited  by  background  stars  (Section  5).  The  thermal  target 
tracker  is  limited  only  by  target  strength  and  detector  sensitivity.  If  a 


30- cm  aperture  diameter  is  the  largest  that  can  be  accommodated  by  the 
interceptor  vehicle*  and  i£  acquisition  occurs  at  125  n  mi.  Fig* 
ure  G*1  shows  that  all  thermal  targets  having  effective  area  more  than 
1.  0  m^  can  be  tracked  successfully. 

Since  a  5m^  effective  area  target  is  the  largest  described  by  the 
ARPA  Program  Guide,  the  conventional  thermal  target  tracker  is  not 
severely  limited  during  track  phase.  More  ramifications  in  the  compari¬ 
sons  of  thermal  and  reflected  sunlight  track  sets  will  be  discussed  in  the 
following  sections  where  the  problem  of  target  acquisition  is  examined. 


APPENDIX  H 


TYPICAL  TARGETING  PROGRAM  MODIFICATIONS 

*  .  • 

In  essence,  the  Titan  Operational  Targeting  Program  (TOTP)  ia  a  . 
digital  computer  program  which  has  been  developed  iot  an  IBM  7090  com* 
puter  to  accomplish  the  weapon  system  targeting  functions  that  are 
computer -oriented.  The  principal  targeting  function  of  the  TOTP  is  to 
generate  target  tapes  which  contain  the  necessary  trajectory-dependent 
information  required  by  the  missileborne  digital  computer  In  its  ground 
and  inflight  programs.  The  Normal  Targeting  Mode  (described  below)  is 
the  major  subdivision  of  tlie  TOTP  which  is  programmed  to  accomplish 
this  targeting  function. 

Several  auxiliary  torgeting  functions  are  mechanized  in  the  three 
remaining  modes  of  the  TOTP.  The  Target  Tape  Re-evaluation  Mode  is 
designed  to  re-evaluate  existing  target  iapes  and  to  recommend  re-targeting 
if  the  existing  target  tape  is  unacceptable  or  cannot  be  simply  modified. 

The  two  other  auxiliary  modes.  Sector  of  Fire  Mode  and  Range  Safety 
Normal  Mode,  should  be  combined  to  generate  intercept  volumes  which 
satisfy  missile,  homing  stage,  and  range  safety  constraints.  Once  a 
volume  is  generated,  it  should  be  used  in  the  mission  analysis  prior  to 
actual  missile  targeting. 

1.  NORMAL  TARGETING  MODE  (NTM) 

The  NTM  is  the  means  by  which  target  tapes  are  generated.  Given 
a  launch/target  combination,  a  trajectory  must  be  shaped  and  optimized; 
data  are  then  taken  from  this  trajectory  to  generate  all  of  the  launch/target 
dependent  guidance  constants.  These  constants  must  be  verified,  placed 
on  magnetic  tape  in  a  suitable  format,  and  this  tape  must  then  be  verified. 

The  principal  part  of  the  TOTP  is  the  Flight  Simulation  Program  (FSP) 
which  generates  trajectories  (both  open  and  closed-loop).  It  represents 
the  mathematical  model  of  the  missile,  its  guidance,  and  its  environment 
(atmospheric  and  gravitational  models).  Changes  to  the  FSP  are  relatively 
minor.  The  missile  model  itself  may  vary  slightly  in  weight,  moment  of 
inertia^  and  center  of  gravity  but  should  only  alter  constants  ia  the  present 


equations  or  tables.  The  re-entry  portion  of  the  eimulation  may  be 
eliminated  jxcept  for  range  safety,  and  it  will  be  desirable,  to  redefine  tbs' 
miss  coordinate  system.  None  of  these  changes  present  any  diffictilty* 

The  Trajectory  Shaping  and  Optimisation  Subprogram  (SOS)  iterates 
(using  the  FSP)  to  find  an  open-loop  trajectory  for  a  specified  launch/target 
combination  which  satisfies  the  constraints  of  ascent  aerodynamic  beating* 
re-entry,  decoy  ejection.' etc.  This  subprogram  will  require  major 
revisions  for  the  SIS  mission.  Two  of  the  constraints  (attitude  for  decoy 
ejection  and  re-entry  attitude)  are  no  longer  required  and  the  target 
seeker  as  written  is  not  applicable  to  the  SIS  mission.  This  subprogram 
probably  should  be  completely  rewritten.  The  basic  outline  of  a  new  sub¬ 
program.  as  presented  below,  retains  those  constraints  essential  to  the  . 
SIS  mission. 

The  target  seeker  is  the  mode  by  which  an  open-loop,  zero  lift 
trajectory  is  obuined  which  impacts  the  target.  'Variables  which  affect 
this  trajectory  for  Titan  II  are  launch  azimuth,  a;  kick  angle,  s;  enter- 
flight  mode  time.'  t^,  sustainer  engine  cutoff  time.  sustainer  pitch 

rate,  and  time  of  flight,  t.  These  parameters  are  not  entirely 
arbitrary  but  are  constrained  to  satisfy  certain  physical  limitations.  The 
azimuth  direction  will  be  constrained  by  range  safety  requirements  and 
will  be  reflected  in  the  intercept  volume.  In  addition,  the  attack  geometry 
may  be  further  constrained  because  of  degradation  of  homing  stage  per¬ 
formance  at  very  high  closing  velocities.  Neglecting  the  closing  velocity 
problem,  preliminary  azimuth  limits  may  be  set  by  observing  whero  the 
satellite  trajectory  crosses  the  envelope  capability,.  Bounds  are  also 
placed  on  time  of  flight  based  on  when  the  satellite  enters  and  leaves  the 
volume. 

Another  constraint  is  aerodynamic  heating  which  is  a  function  of 
kick  angle  and  azimuth.  The  range  probability  constraint  essentially  sets 
an  upper  bound  on  such  that  a  probability  of  mass  depletion  before 

*seco  **  desired  value.  This  value  of  'gecomax  '**  precomputed, 

as  it  is  not  trajectory  dependent.  Ihe  sustainer  pitch  rate  is  constrained 
because  of  engine  deflection  angle  and  structural  constraints  and  is  known 
a  priori. 
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An  open-loop,  zero  lift  trnjectory  ie  simulated  with  the  simulation 
terminated  on  when  the  superscript  ^  refers  to  the  initial  guess  for  t. 
The  miss  is  then  computed.  Each  dependent  variable  is  perturbed  slightly, 
one  each  simulated  flight,  to  calculate  the  miss  sensitivities.  New  values 
for  the  dependent  variables  are  then  computed,  based  on  the  miss  sens!- 
vities  and  the  original  values  of  these  variables.  Another  trajectory  is 
flown  using  new  values  of  the  dependent  variables  and  the  miss  is  again 
computed.  If  it  is  smaller  than  before,  convergence  appears  likely,  and 
the  process  repeated  until  an  acceptable  limit  is  achieved  using  the  new 
"miss"  and  new  values  of  the  dependent  variables  rather  than  the  initial 
values.  If,  at  any  point,  convergences  does  not  appear  likely,  the  free 
parameters  must  .be  varied.  The  derivatives  may  not  need  to  be  recal¬ 
culated,  however. 

When  an  acceptable  miss  is  achieved,  the  resultant  open-loop  tra¬ 
jectory  serves  as  an  input  to  the  Guidance  Constanta  Generator  Subprogram 
(GCGS),  The  GCGS  takes  the  trajectory  information  from  the  SOS  asMi 
generates  the  inflight  guidance  constants.  Basically,  very  minor  revisions 
are  expected  to  this  subprogram.  ■ 

First,  the  issuance  of  some  discretes  (e.  g. ,  decoy  ejection)  will  be 
eliminated,  and  some  re-entry  vehicle  velocity,  compensations  will  be 
changed  since  the  homing  stage  will  replace  the  present  warhead.  Another 
possible  change  is  in  the  number  of  perturbations  needed  to  obtain  the 
velocity-required  least  squares  polynomial  and  in  the  number  of  terms 
necessary  in  this  polynomial.  This  requirement  must  be  evaluated 
thorough.y  before  a  targeting  program  can  be  developed,  but  no  fundamental 
changes  are  expected  in  the  guidance  equations  or  in  the  targeting  com¬ 
putation  philosophy. 

Once  a  nominal  closed-loop  trajectory  has  been  obtained,  the  homing 
stage  parameters  must  be  generated.  This  merely  amounts  to  calculating 
the  time  from  to  the  time  of  acquisition  and  the  homing  stage  attitude 
required  at  acquisition. 

When  all  the  guidance  constants  have  been  generated,  the  TOTP 
currently  converts  them  to  the  format  of  the  flight  computer,  verifies  the 
conversion  process,  writes  the  constants  on  magnetic  tape,  and  then 
verifies  the  tape  writing. 
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Since  direct  communication  may  exist  between  the  targeting  center 
and  the  launch  site  {os  the  SIS  mission,  this  subprogram  may  have  to  be 
altered  to  write  a  magnetic  tape  compatible  with  the  communication 
system.  No  difliculitiet:  are  expected  in  making  this  modification. 
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APPENDIX  I 


STRUCTURAL  CONSTRAINTS  ON  MINUTEMAN  TRAJECTORIES 

1.  SUMMARY 

The  purpose  of  this  appendix  ie  to  present  the  results  of  a  pre* 
limlnary  evaluation  of  the  structural  integrity  of  the  Wing  11  and  Wing  VI 
Minuteman  systems  with  three  different  homing  stage  configurations.  The 
object  of  the  study  was  to  establish  trajectory  constraints  lor  each  con¬ 
figuration  on  the  basis  of  the  maximum  allowable  dynamic  pressure.  Such 
constraints  were  determined  so  that  the  altitude  wind  Induced  loads  On  the 
Minuteman  booster  systems  would  not  exceed  their  existing  structural 
capabilities. 

The  general  conclusions  are  that  1)  the  homing  stage  with  the  large 
radar  sensor  configuration  enclosed  in  the  133  inch  ogive  fairing  has  a 
severe  trajectory  constraint  and  therefore  is  not  a  feasible  CQnfiguration 
wl^hont  a  major  structural  redesign  of  the  Minuteman  boost  vehicle;  and 
2)  both  the  small  radar  sensor  configuration  and  the  electro- optical  sensor 
configuration  in  the  119  inch  cone-cylinder  fairing  have  reasonable  tra» 
jectory  constraints  and  would  require  no  structural  modifications.  These 
results  are  based  on  the  Minuteman  weapon  system  99  percent  wind  criteria 
and  the  existing  control  system  design.  ‘ 

2.  ANALYSIS 

The  three  homing  stage  configurations  studied  are  illustrated  in 
Figure  I-l  along  with  the  mass  and  aerodynamic  data.  The  aerodynamic 
properties  for  the  Wing  11  Minuteman  boost  vehicle  were  extracted  from 
Reference  1. 

A  complete  parametric  trajectory  study  Including  the  effects  of 
altitude  winds  was  not  accomplished  for  this  analysis,  rather,  the  results 
of  existing  no  wind  trajectory  studies  were  used.  The  no  wind  trajectory 
parameters  at  the  time  of  maximum  dynamic  pressure  are  shown  in  Fig¬ 
ure  1-2  for  a  Wing  11  missile  with  a  1500  pound  payload.  These  parameters 
are  not  appreciably  changed  by  introduction  of  the  critical  crosswind 
effects.  The  resulting  yaw  plane  angle-of-attack  was  computed  as  a 


CONFIGURATION  A 
LARGE  RADAR  SENSOR 


CONFIGURATION! 
SMALL  RADAR  SENSOR 

CONFIGURATION  C  ‘ 
ELECTRO-OPTICAL  SENSOR 


ITEM  SECTION  CONFIGURATION  WEIGHT  CENTER  OF  GRAVITV 


NOSE  FAIRING 

A 

252 

151J 

B 

217 

169.0 

C 

217 

169.0 

A 

1290 

1517 

PAYLOAD 

B 

961 

169.0 

C 

597.4 

176.0 

PAYLOAD  ADAPTER 

21 

213.0 

R  AND  D  WAFER 

50 

222.4 

G  AND  C  SECTION 

67 

241.9 

G  AND  C  EQUIPMENT 

253.1 

242.7 

3R0  STAGE  SKIRT 

21.1 

2647 

AERODYNAMIC  DATA 


ITEMS  SECTION  CONFIGURATION  C,^  X  AR  CE  NTTR  OF  PRESSURE  C^XAR 


1AND4  NOSE  TO  226 

A 

0.306 

130.7 

2.014 

BAND  C 

0.2895 

1477 

178 

SAND  7  226  TO  270 

0.146 

248.2 

0.136 

Figure  1-L  Configurations!  Mane  and  Aero  Data 


Trajectory  Parametera  at  Ma»  q  for  a  Wing  H  Minuteman 
wifo  a  Payload  of  1500  Pounds 


function  of  the  wind  velocity  end  the  missile  relative  velocity  after  cor-  . 
rection  for  drift.  The  missile  drift  velocity  with  the  Minuteman  wind 
criteria  was  assumed  to  be  80  ft/sec  at  maximum  q.  whioh  Is  typical  for 
a  Wing  11  missile.  The  calculated  yaw  plane  angle- of- attack  is  also  shown 
in  Figure  1-2  as  a  function  of  the  trajectory  initial  kick  angle.  These  data 
were  assumed  to  be  essentially  the  same  for  the  Wing  VI  configurations. 

By  incorporating  the  angle -of- attack,  drag,  thrust,  axial  acceleration 
and  lateral  acceleration  (assuming  a  trimmed  missile),  structural  loads 
we.-e  calculated  at  maximum  q  for  various  kick  angles.  These  loads  were 
determined  for  the  Minuteman  structure  at  two  critical  stations:  1)  the 
top  of  the  guidance  and  control  section  (Station  226),  and  2)  the  forward 
tangent  line  of  the  third  stage  engine  (Station  270).  By  comparing  these 
loads  with  the  existing  vehicle  structural  capabilities,  it  was  possible  to 
estimate  the  trajectory  kick  angle  constraints  and  the  associated  maximum 
dynamic  pressures.  These  results  are  summarized  in  Table  1^1.  The 
associated  design  conditions  are  defined  in  Table  1-2  for  each  of  the  homing 
stage  configurations. 

It  should  be  noted  that  the  allowable  dynamic  pressures  defined  in 
Table  1-1  are  based  on  the  Minuteman  99  percent  wind  criteria  and  the 
existing  control  system.  More  severe  trajectories  may  be  tolerated  if 
the  wind  criteria  were  relaxed.  Also,  the  analyses  were  based  on  dis¬ 
persed  Minuteman  design  trajectories  which  include  possible  dispersions 
due  to  thrust  and  aerodynamic  properties.  Thus,  each  of  the  allowable 
q's  would  have  to  be  reduced  if  a  nominal  trajectory  constraint  is  desired. 

Even  if  the  Wing  VI  guidance  and  control  section  structure  were 
strengthened,  the  configurations  using  the  large  ogive  fairing  must  still  be 
restricted  to  a  2940  psf  maximum  dynamic  pressure.  Such  a  constraint 
is  not  feasible  for  operational  purposes,  since  the  nominal  trajectory 
initial  kick  angle  would  be  limited  to  less  than  10  degrees.  Both  configu¬ 
rations  using  the  smaller  fairing  appear  to  be  feasible,  although  they  are 
constrained  slightly  more  than  the  Minuteman  weapon  systems.  The  initial 
kick  angle  limitations  for  these  configurations  would  be  in  the  16  to  17 
degree  range  for  a  nominal  trajectory. 

1)  Boeing  Document,  Minuteman  Loads  Study — Wing  II,  STL  6120-1737- 
LS-000  Copy  004.  dtd.  10-19-62.  (Secret) 


Table  1*1.  Allowable  Maximum  Dynamic  Preasure  and  Corresponding 
AngIe*of- Attack 
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APPENDIX  J 


POLARIS  TARGETING  ALTERNATIVES 

Two  types  of  targeting  have  been  imder  consideration,  the  firing 
table  method  and  the  simulation  method.  Both  methods  have  their  advan¬ 
tages  and  disadvantages,  and  there  appears  to  be  no  reason  to  make  a 
decision  between  them  at  this  time.  Both  methods  should  work  for  Polaris* 
and  neither  should  lengthen  reaction  time.  The  firing  table  method 
requires  the  transmission  of  seven  parameters  to  the  launch  site.  If  the 
simulation  targeting  could  be  done  at  the  launch  site,  the  transmission 
burden  would  be  the  same:  if  it  could  nut,  less  than  20  inflight  parameters 
need  be  transmitted. 

1.  FIRING  TABLE  METHOD 

The  inflight  parameters  to  be  fitted  are  the  initial  values  of  the 
velocity -to-be-gained  the  constants  in  the  Q-matrix,  the  skew  A*  the 
launch  azimuth  a,  the  tinic  '>f-llight  t,  and  the  interceptor  velocity  at 
intercept. 

A  desired  intercept  surface  is  defined  with  respect  to  the  launch 
point  (maximum  range  for  apogee  or  maximum  range  satisfying  the  look- 
angle  constraint).  This  surface  will  have  an  oval  shaped  horizontal  cross 
section  and  will  not  be  symmetric  with  respect  to  the  launch  point  since 
there  is  an  initial  inertial  velocity.  Furthermore,  the  initial  inertial 
velocity  varies  with  latitude,  and  therefore  a  surface  satisfying  certain 
constraints  will  vary  with  latitude.  Either  the  equation  of  the  surface  must 
reflect  this,  or  different  surfaces  must  be  generated  and  assumed  to  be 
valid  for  sectors  of  latitude.  Corresponding  to  each  point  on  the  surface 
is  a  latitude,  longitude,  azimuth,  and  altitude  with  respect  to  the  launch 
point.  Each  inflight  parameter  is  fitted  as  a  function  of  these  latter 
variables. 

To  target  a  missile,  a  time  of  launch,  is  chosen  to  be  about 

minutes  prior  to  the  intercept  time.  The  launch  point  (which  is  moving) 
is  determined,  and  the  surfaces  of  intercept  fixed  with  respect  to  the 
launch  point.  The  satellite  parameters  are  used  to  calculate  points  of 
interception,  if  they  exist,  (or  each  surface.  If  one  exists,  then  there 


exiits  an  absolute  time.  of  intercept.  A  time-of-flight,  T**t  can  be 
calculated  using  the  fitted  function  for  Ti  and  (T°  >  t°)  must  be  eq,ual  to 
t^®  for  a  launch  point  to  be  valid.  Equality  may  not  exist  for  since  t 
is  determined  by  an  equation  which  is  independent  of  t^  and  T.  Hence,  all 
three  quantities  are  obtained  independently  and  yet  dependence  must  exist. 

If  equality  occurs,  the  missile  could  then  be  targeted  using  these  consistent 
values. 

If  equality  is  not  obtained,  a  new  value  of  tj^,  which  is  an  average 
between  and  (T®  -  t®)  is  used  to  repeat  the  above  process.  Additional 
iterations  may  be  require^.  Alternate  methods  of  iteration  could  be  used 
depending  on  the  constraints. 

The  values  of  and  T  will  be  used  in  conjunction  with  the  target 
velocity  to  calculate  homing  stage  acquisition  time  and  attitude  when  the 
two  objects  are  some  specified  distance  apart. 

The  number  of  surfaces  used  for  targeting  is  a  tradeoff  between  . 
more  surfaces  and  the  additional  precomputation  and  data  storage  loads. 
However,  at  least  two  surfaces  may  be  used  -  one  representing  maximum 
range  for  apogee  attack,  and  the  other  maximum  altitude  as  a  function  of 
range,  both  of  which  must  satisfy  the  look  angle  constraint. 

2.  SIMULATION  METHOD 

.  The  simulation  method  must  determine  the  same  quantities  for  in¬ 
flight  guidance  as  the  firing  table  method.  This  may  be  accomplished  in  ' 
two  phases. 

The  first  phase  is  commonly  called  the  target  seeker.  The  object 
is  to  find  a  nominal  trajectory  which  intercepts  the  target.  The  parameters 
whicli  affect  the  opon-locp  trajectory  for  Polaris  are  time  of  launch  tj^, 
time  of  flight  t,  kick  angle  «,  firing  azimuth  a,  and  booster  cutoff  time 

Initial  values  of  the  open-loop  parameters  are  judiciously  chosen, 
and  a  trajectory  is  obtained  by  flight  simulation  on  the  targeting  computer. 

If  a  sufficiently  small  miss  occurs,  the  second  targeting  phase  is  begun. 

If  a  large  miss  occurs,  new  values  for  three  of  the  five  variables  may  be 
chosen  by  obtaining  the  miss  sensUivities  of  each.  This  necessitates 
simulating  three  open-loop  trajectories  where  each  one  of  thr  three  vari¬ 
ables  is  perturbed  successively.  The  resultant  linear  equations  (linear 
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Taylor  aarict  expansions)  can  then  be  used  to  solve  tox  new  values  of  the 
three  variables  suck  that  the  mis*  is  aero.  Another  nominal  trajectory 
is  simulated  using  these  new  values,  and  the  miss  is  again  computed.  If 
it  is  sufficiently  small,  the  second  phase  of  targeting  is  begun.  If  not.  this 
iteration  process  is  repeated. 

The  second  phase  of  targeting  differs  in  major  aspects  from  that  of 

the  other  missile  systems  because  Polaris  is  a  Q-guidance  system  while 

the  others  are  "delta"  guidance.  To  obtain  the  inflight  parameters*  initial 

values  of  the  Q's  called  the  Q.'s  and  skew  A,  are  selected.  This  selection 

o 

could  be  done  using  a  loose  fit  of  Q's  versus  range  or  some  similar 
variable.  Skew  is  closely  related  to  the  attitude  of  the  acceleration  vector 
at  burnout  because  of  the  steering  equations,  and,  hence,  the  pitch  attitude 
at  burnout  from  the  open-loop  trajectory  should  be  a  good  initial  guess. 

The  next  step  is  to  obtain  the  values  of  (t|^)  (the  initial  conditions  for 
the  equation  by  integrating*^^  from  tj^^  to  t|_^  using  reversed  in  time 
from  the  open-loop  trajectory.  _  -  ^  ^  — 

A  guided  trajectory  is  now  simxilated  using  these  initial  values  of 
and  the  miss  is  noted.  Now  guided  trajectories  (using  the  same  values  of 
Q's  and  A  and  initial  values  arc  simulated  using  a  missile  perturbation 
for  each  flight  (high  thrust,  specific  impulse  variation,  etc. ).  If  the 
misses  are  sufficiently  small,  the  Q's  and  A  may  be  considered  "optimum." 
If  not.  they  are  optimized  by  perturbing  each  Q^  and  the  value  of  A  and 
obtaining  a  linear  expansion  of  miss  for  each  missile  perturbation, 
runilar  to  the  target  seeker.  The  new  Q's  and  A  are  then  used  in  a  guided 
flight  simulation  with  the  initial  values  of  V^.  >11  the  miss  is  not  accept¬ 
able.  this  process  is  repeated.  Experience  on  Polaris  indicates  that  one 
pass  through  this  procedure  would  be  sufficient. 

When  the  "optimum"  Q's  and  A  are  obtained,  precise  values  of 
are  obtained  w*  ich  give  very  small  miss  for  a  nominal  flight.  The 
homing  stage  flight  parameters  are  easily  determined  since  an  accurate, 
nominal,  guided  t  ajectory  is  available. 
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APPErNDIX  K 


.  HOMING  STAGE  GEOMETRY 

Figure  K-1  depicts  the  homing  phase  relative  geometry  near  intercept 
for  an  interceptor  and  satellite  on  a  collision  course.  The  satellite  velocity 
is  horizontal  and  has  the  value  for  a  cii'cular  orbit.  The  interceptor 
velocity  is  Vj  at  an  angle  from  the  lozal  zenith. 


t  CA 


Figure  K-1.  Homing  Phase  Geometry 


The  figure  has  been  drawn  for  ^  »  90  degrees  typical  of  a  post  apogee 
intercept.  TCA  is  the  angle  between  target  and  interceptor  ground  traces 
and  is  given  by 


where 


d  =  Lateral  reach  (distance  of  closest  approach  of 
satellite  trace  to  launch  site)  in  n  tni 


R  =  Downrange  distance  from  launch  site  to  the  point 
of  intercept  measured  along  earth's  surface  in 
n  mi. 


K  =  Raotus  of  earth  in  n  mi. 

e 

In  Figure  K>2.  define 

Vp  =  Relative  velocity  vector 

o  =  Angle  between  target  and  interceptor  velocity  vectors 

v|j  Angle  between  target  velocity  vector  and  relative 
velocity  vector 


T)'  =  Angle  between  relative  velocity  vector  and  local 
nadir 

p'  -  P  -  90  degrees  (also  referred  to  as 
From  geometry,  one  has 
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The  two  most  critical  parameters  of  the  intercept  geometry  are 
and  41.  is  important  since  it  determines  the  time  available  for  acquisition 
and  homing  and  therefore  strongly  influences  the  sise  of  the  acquisition 
sensor,  the  homing  engine  thrust  level,  fuel  weight,  and  tank  weight.  4* 
important  since  it  determines  the  magnitude  of  the  initial  ballistic  miss 
distance  seen  by  the  interceptor  for  a  given  ephemeris  error.  This  miss 
distance,  in  turn,  strongly  influences  the  sise  of  the  acquisiton  sensor, 
the  homing  engine  thrust  level,  fuel  weight,  and  tank  weight.  The  initial . 
ballistic  miss  distance  is  defined  to  be  the  miss  distance  measured  in  the 
plane  normal  to  (and  therefore  also  normal  Ic  the  nominal  LOS  which 
is  colinear  with  V^).  If  neither  target  nor  interceptor  accelerate,  this 
miss  distance  is  also  the  distance  of  closest  approach,  neglecting  differ> 
ential  gravity  effects.  The  "miss  distance”  measured  along  is  not 
very  important  for  a  homing  interceptor  since  its  effect  is  only  to  advance 
or  d^lay  the  time  of  kill  and  the  position  along  the  track  where  the  kill 
occurs.  (Note  that  this  component  of  miss  distance  would  be  important 
for  a  timed  warhead  burst.)  If  the  precise  position  of  the  kill  point  is  not 
critical  (i.e.,  if  there  are  no  strong! constraints  on  the  visibility  of  the  kill 
point  from  a  ground  station)  the  miss  distance  along  may  be  ignored. 


The  miss  along  V|^  will,  however,  have  a  slight  effect  upon  eclipsing  loss 
for  an  ICW  radar,  since  it  represents  an  error  in  a  priori  range  estimate. 
If  no  lange  measurements  are  made  during  homing,  the  error  remains  con* 
slant.  This  error  has  a  slight  influence  on  selection  of  the  nominal  range 
to  switch  homing  phase  parameters  for  the  so-called  ”end  game.” 
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In  Figure  K-1,  define  two  axei  a  and  b  .normal  to  and  to  each 
other.  The  a  axle  ie  also  normal  to  tha  h  axia  is  in  the  plane  of 
and  Vj.  The  two  components  of  initial  ballistic  miss  distance  and 
are  the  sum  of  target  position  uncertainty  and  interceptor  position  un¬ 
certainty  along  the  a  and  b  axes  respectively  at  the  nominal  time  of 
acquisition.  Target  and  interceptor  position  uncertainties  are  independent. 
For  design  purposes  it  is  satisfactory  to  assume  that  target  position  un¬ 
certainties  along  the  s  axis  (track,  downrange,  or  tangential),  the  x  axis 
(crosstrack  or  lateral),  and  the  y  axis  (altitude  or  radial)  are  independent. 
The  target  ephemeris  errors  are  specified  in  the  ARPA  guidelines  as 
shown  in  Table  K-1. 


Table  K-1. 

Target  Ephemeris  Errors  from  ARPA  Guidelines 

Error  Set 

Radius  (CEP) 

Time  (Iff) 

1 

0. 3  n  mi 

0. 3  sec 

2 

1.0  n  mi 

1.0  see 

3 

3.0  n  mi 

3.0  sec 

Assuming  Gaussian  distributions,  and  taking  s 

altitude  target,  the  lor  target  dispersions  along  x. 

Table  K-2. 

4.  2  n  mi/ sec  for  a  low 
y,  z  are  given  by 

Table  K- 

■  2.  Target  Ephemeris  Dispersions  (Ic)  in  n  mi 

Error  Set 

z* 

1 

0.254  0.254 

1.26 

2 

0.850  0.850 

4.20 

3 

2.54  2.54 

12.6 

For  purposes  of  preliminary  analysis,  assume  that  the  interceptor 
position  uncertainty  at  acquisition  is  described  by  a  sphere  having  a  Is 

dlspffraion  of  0.5  n  mi  in  each  direction.  Thia  aaaumption  la  aomewhat 
pesaimistic  for  .intercepts  which  take  place  within  1000  to  2000  n  mi  from 
the  launch  aite,  but  may  be  slightly  optimistic  for  intercepts  whicii  occur 
many  thousands  of  miles  from  the  launch  site. 

With  the  stated  assumptions,  the  initial  ballistic  miss  distances  is 
a  function  only  of  and  the  ephemeris  error  set  used.  One  has  from 
geometry 


/  2  2  2  2  2 
am  cos  ij<  +0.5 
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Figure  K-2  shows  plotted  as  a  function  of  «;«  fpr  each  of  the 

ephemeris  error  sets.  The  numerical  subscript  on  each  curve  identifies 
the  ephemeris  error  set. 

It  is  seen  that  9^  is  independent  of  t|<  and  that  reduces  to  a  value 
equal  to  for  small  t|i.  Thus,  the  desirability  of  small  is  apparent. 
For  example,  a  coplanar  apogee  attack  results  in  =  0  and  *  'l,  * 

6000  ft  lor  Set  2  ephemeris  errors.  However,  a  small  value  of  will  not 
generally  occur  over  the  expected  range  of  intercept  conditions.  Indeed, 
the  value  of  t|«  which  tends  to  prevail  over  a  wide  range  of  interceptor 
lateral  reach  is  approximately 


This  assumption,  of  course,  suppresses  the  influence  of  interceptor 
trajectory  profile  and  downrange  distance  to  intercept  upon  the  interceptor 
positional  uncertainty,  but  is  justified  for  general  analysis  on  the  grounds 
that  a)  interceptor  position  errors  for  all  booster  guidance  systems  under 
consideration  arc  always  small  compared  to  ephemeris  error  Sets  2  and  3: 
and,  b)  the  dependence  of  interceptor  position  errors  on  trajectory  profile 
and  downrange  distance  to  intercept  is  not  extremely  strong.  If  primary 
attention  is  to  be  focused  on  ephemeris  error  Set  1,  a  more  careful  treat¬ 
ment  of  interceptor  errors  would  undoubtedly  be  justified. 
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For  Set  2  ephemeris  errore,  the  resulting  ratio  of 
order  of  3  or  3.5  to  1.  This  fact  roughly  establishes  the  aspect  ratio  of 
the  major  to  minor  axes  of  the  required  search  ellipse. 


Another  Important  geometrical  parameter  is  the  angle  between  the 
LOS  and  the  local  horixon  during  search  and  track.  Just  before  intercept, 
this  angle  is  given  by 


ELA  =  90  -  V  +  n 


(K.IO) 


where  q*  is  given  by  Equation  <K.  5)  and  q  is  the  angle  between  the  horiaontal 
and  the  horizon  at  the  target's  altitude.  By  proper  shaping  of  the  booster 
powered  flight  trajectory  ELA  can  nominally  be  maintained  greater  than 
5  degrees  for  lateral  reaches  as  great  as  2000  n  mi  or  more  (for  a  Minute* 
man  booster)  even  for  a  target  altitude  of  100  n  mi.  Now  due  to  ephemeris 
and  booster  guidance  angles  the  LOS  to  the  actual  target  may  be  somewhat 
closer  to  the  horizon  than  the  LOS  to  the  nominal  target.  For  the  cases  of 
interest  the  b-axis  tends  to  be  nearly  horizontal  so  that  the  dispersion  in 
angle  on  ELA  at  acquisition  is  approximately 


6(ELA>3^5#-j-i  (57.  3)  degrees 

For  an  acquisition  range  of  125  n  mi,  the  3(r  dispersion  is  only  about 
1.4  degrees.  Considering  the  effect  of  homing  stage  attitude  reference 
errors  as  well,  the  required  semiminor  axis  of  the  search  FOV  will  still 
not  exceed  2  degrees.  Therefore,  the  bottom  edge  of  the  search  FOV  can 
be  kept  at  least  3  degrees  above  the  horizon  for  any  interceptor  lateral 
reach  up  to  about  2000  n  mi.  This  will  prevent  spurious  star  motion  due 
to  atmospheric  refraction  effects  for  a  visible  spectrum  sensor,  and  will 
prevent  the  main  lobe  from  seeing  the  earth  for  a  radar  sensor. 


APPENDIX  L 


A  BOOST-HOME  SYSTEM  USING  A  RADAR  SENSOR 


One  potentially  attractive  cyatem  for  aatellite  interception  utilitee 
a  homing  atage  with  a  radar  aensor  mounted  on  a  Minuteman  Wing  11  booat 
vehicle.  For  the  range  o(  parametera  being  conaidered  in  the  preaent 
ARPA  atudy.  however,  auch  a  ayatem  ia  rather  tight  from  the  point  of 
view  of  total  homing  atage  weight  and  volume  compared  to  what  the  Minute- 
man  can  convettlently  would  like  a  ayatem  capable  of  inter¬ 

cepting  a  target  with  a  one  aquare  meter  radar  croas  aection  at  closing 
velocitiea  aa  great  as  20.000  ft/aec  and  with  ARPA  Set  2  ephemeris  errors. 
(There  is.  of  course,  some  area  of  tradeoff  between  the  above  three  param- 
eteras  e.g..  if  the  target  croaa  aection  were  greater  than  one  aquare  meter 
or  the  ephemerla  errors  leas  than  those  of  Set  2.  a  closing  velocity  greater 
than  20.000  ft/aec  could  be  tolerated.)  For  the  desired  system  performance, 
previous  studies  have  indicated  that 

e  In  order  to  minimize  total  homing  stage  weight,  a  design 
acquisition  range  in  the  order  of  125  n  ml  is  required.  For 
shorter  design  acquisition  ranges  the  radar  sensor  weight  is 
reduced,  but  propulsion  and  structural  weights  become  much 
larger. 

e  In  order  to  achieve  a  design  acquisition  range  of  125  n  mi 
without  grossly  excessive  radar  power,  a  large  deployed 
antenna  must  be  used  for  acquisition.  A  4  x  6  foot  planar 
array  appears  feasible  for  a  homing  stage  carried  on 
Minuteman. 

s  A  large  deployed  acquisition  array  which  is  roll  glmbaled 
will  require  considerable  development  time  and  probably 
cannot  fit  on  Minutetnan  without  appreciable  increase  of  the 
nose  fairing  length.  The  latter  factor  may  result  in  a 
substantial  Minuteman  modification. 

e  Closed  loop  guidance  using  roll -to -maneuver  requires  roll 
gimbaling  ofthe  sensor  unless  extremely  tight  tolerances 
can  be  maintained  on  angular  alignment  between  the  sensor 
boresight  axis  and  the  pitch  and  yaw  gyro  input  axes. 

•  Extremely  tight  angular  alignment  of  the  boresight  axis  of  a 
large  array  cannot  practically  be  maintained  under  loads 
induced  by  interceptor  acceleration  and  rolling. 


The  conclusion  which  can  be  drawn  from  the  above  statements  is 
that  closed  loop  homing  at  long  range  cannot  readily  be  achieved  on' a 
Minuteman  booster  using  the  large  acquisition  array  as  a  tracking  sensor. 
This  conclusion  has  prompted  consideration  of  a  boost  plus  homing  sys> 
tern,  where  the  homing  phase  begins  at  a  range  of  about  400,000  feet,  such 
that  a  small,  gimbaled,  receiving  antenna  provides  a  sufficient  signal-to> 
noise  ratio  tor  good  tracking.  The  boost  phase  corrects  most  of  the 
initial  miss.  It  can  be  a  fairly  coarse  open-loop  maneuver  begun  at  about 
120  n  mi'  and  based  upon  the  following  dxtat  • 

e  An  a  priori  estimate  of  relative  closing  velocity  Vj^ 

e  A  coarse  initial  ra.ige  measurems-  -t  (or  even  an  a  priori 
estimate  of  initial  range  as  a  function  of  clock  time). 

e  An  initial  measurement  of  the  magnitude  and  direction  of 
the  angle  6  between  the  lino- of* sight  to  the  target  and  the 
nominal  direction  of  the  V|^  vector. 

The  boost  phase  would  last  about  IS  seconds  or  less  and  would  be 
terminated  when  a  commanded  AV  is  achieved,  based  upon  a  simple  ac¬ 
celerometer  measurement.  An  initial  thrust  to  weight  ratio  of  about  4  g 
appears  optimum. 

The  overall  sequence  of  operations  would  be  ae  follows:  At  a  suf¬ 
ficiently  long  range,  probably  150  to  175  n  mi.  search  for  the  target  is 
begun  using  the  large  body  fixed  array.  Angular  scan  is  generated  by 
moving  the  entire  interceptor  body  over  an  elliptical  (or  rectangular) 
pattern.  For  Z.  5«r  coverage  at  an  acquieition  range  of  750,000  feet  with 
Set  2  ephemeris  errors  and  4)  »  53  degrees,  the  major  and  minor  axes  of 
the  total  search field-of-view are  6.25  degrees  and  3.0  degrees  respectively, 
but  the  angular  motion  of  the  interceptor  is  somewhat  less  due  to  the  finite 
bearnwidth.  The  probability  of  the  target  being  contained  within  the  search 
sector  at  750,000  feet  is  95.6  percent.  The  two  bar  scan  pattern  is  cen¬ 
tered  about  the  direction  of  the  nominal  vector  and  is  repeated  every 
few  seconds  until  the  target  is  detected.  The  cumulative  probability  of 
detection  at  750,000  feet  is  98  percent  if  the  target  is  contained  in  the 
search  sector,  and  is  at  least  93.6  percent  if  one  includes  the  fact  that 
the  target  can  escape  the  search  eector. 


At  detection  the  range  ie  measured;  the  pitch  and  yaw  angles  with 
respect  to  the  nominal  direction  are  recorded  (by  the  conrtputer  which 
has  been  commanding  the  scan  motion  by  torquing  of  the  pitch  and  yaw 
gyros)  and  the  .scan  motion  is  stopped  as  quickly  as  possible.  If  the  target 
is  in  the  center  of  the  radar  beam  at  detection,  the  pitch  and  yaw  angular 
coordinates  establish  the  magnitude  and  direction  of  0.  Some  beam  splits 
ting  or  phasing  technique  may  be  used  to  reduce  target  angle  uncertainty 
due  to  the  finite  radar  beamwidth.  Based  upon  range,  Vj^,  and  angle  the 
Xomniit^r  commands  a  boost  phase  AV  to  be  gained  at  a  constant  body 
orientation  and  full  thrust.  The  body  ACS  rolls  the  engine  to  the  proper 
angle  and  maintains  constant  attitude  during  boost.  Radar  contact  during 
boost  is  not  required.  During  boost  the  computer  determines  the  nominal 
direction  of  the  LOS  at  boost  termination.  At  boost  termination,  it  com> 
mands  a  small  reacquisition  search  pattern  centered  about  that  direction 
in  a  manner  identical  to  the  original  search  procedure.  Owing  to  the  short 
range  and  the  small  search'  sector,  reacquisition  takes  place  during  the 
first  scanning  frame  within  2  to  3  seconds  of  boost  termination.  Upon  rs' 
acquisition  the  range  is  in  the  order  of  400, 000*  feet  and  the  small  dish  is 
capable  of  beginning  angle  tracking.  Closed  loop  homing  is  begun  after 
an  additional  delay  of  about  one  second  to  reoriept  the  engine  in  roll.  Dur** 
ing  acquisition,  boost,  reacquisition,  and  homing,  the  body  pitch  and  yaw 
axes  are  closely  slaved  to  follow  the  LOS  as  indicated  by  the  gimbaled 
antenna  platform.  This  keeps  the  large  array  closely  on  target  for 
illumination. 

The  initial  boost  maneuver  is  admittedly  rather  coarse  and  subject 
to  considerable  error  in  magnitude  and  direction.  Nevertheless,  if  the 
errors  can  be  held  to  reasonable  levels,  the  early  application  of  h  large 
boost  correction  permits  the  system  to  be  designed  with  a  total  homing 
stage  AV  in  the  order  of  3000  to  3500  ft/sec  for  Set  2  ephemeris  errors, 
and  an  initial  thrust  to  weight  ratio  of  about  4  g.  A  larger  AV  and  a  much 
larger  thrust  level  would  be  required  if  the  boost  phase  were  not  used  and 
the  system  were  designed  to  commence  homing  at  a  range  of  400,000  feet. 


The  numerical  results  presented  in  this  appendix  were  obtained  several 
weeks  before  the  conclusion  of  the  study  and  tirne  did  not  permit  recal¬ 
culation  of  results  for  a  homing  phase  ^gun  at  375,000  feet  rather  than 
400,000  feet.  However  the  differences  should  be  negligible. 
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Th«  vector  diagram  of  Figure  L>'1  portray  a  how  miaa  correction 
is  accomplished  by  the  boost  and  homing  phases.  The  plane  of  the  figure 
is  normal  to  the  nominal  vector.  The  b-axia  lies  in  the  plane  con¬ 
taining  and  V^.  the  target  and  interceptor  velocity  respectively.  Let 

m  a  Actual  initial  miss  distance  vector 
o 

17  _  =  Measured  initial  miss  distance  vector 

Offn 

R|  E  Boost  phase  miss  correction  vector 

^2*^  Homing  phase  miss  correction  vector  - 

E,  s  Initial  measurement  error  vector  »  U  _  > 
i  om  O' 

The  boost  philosophy  is  to  gain  a  velocity  AV  in  the  direction  of 

such  that  a  distance  will  be  traversed  at  the  instant  of  interception, 

is  less  in  ntagnitude  than  since  it  is  intuitively  obvious  that  the 

boout  phase  should  undercorrect  the  initial  miss.  A  possible  relationship 

between  M,  and  Mi .  is  shown  in  Figure  L-Z.  M,  is  less  than  M _ by 

a  fixed  amount  (a  deadxone  characteristic),  the  amount  being  related  to 

the  expected  magnitude  of  the  initial  measurement  error  £|.  la  addition 

M|  is  limited  in  magnitude  regardless  of  tha  magnitude  of  the 

limiting  value  being  related  to  the  expected  maximum  value  of  the  actual 

miss  M^.  This  boost  law  is  empirical  but  appears  to  be  generally  consistent 

with  guidance  optimisation  studies  performed  by  various  investigators  in 

the  past.  As  the  problem  becomes  better  understood,  improved  boost  laws 

can  be  formulated.  The  present  law,  though  undoubtedly  nonoptimum, 

provides  a  basis  upon  which  the  total  AV  requirement  for  the  hom'.ig  stage 

can  be  estimated. 

In  Figure  L-1,  T  is  the  actual  target  position  and  the  actual  miss 
Is  given  by 


where 


Ma  *  rB 
o  o  o 


(L.1) 


r^  s  Range  at  acquisition 

E  Angle  between  actual  relative  velocity  vector  and  LOS 
to  target  at  time  of  acquisition. 


'igure  L'i.  Miss  Distance  Vector  Diagram  (In  Plane  to  Normal  to  Nominal 
Relative  Velocity  Vector) 


.  Potsible  9oost  Law  (Commanded  Mie*  ZHetance  Correction  versus 
Measured  Miss  Distance) 


I  '■.••• 


The  interceptor’a  measurement  of  is  and  is  corrupted  W 

errors  in  range  and  in  angle.  The  angular  error  is  by  far  the  most  sijpm> 
ficant.  Therefore  the  initial  range  measurement  error  will  be  neglected 
(as  well  as  all  boost  phase  execution  errors)  compared  with  the  angular 
measurement  error.  The  angular  error  In  measuring  0^  comes  from  a 
number  of  separate  causes.  Each  contributor  gives  rise  to  an  angular 
error  along  the  a -axis  and  another  along  the  b-axis.  It  is  assumed  thatt 
the  resulting  errors  along  the  a-aixis  and  the  b*axis  are  equal  and  inde¬ 
pendent.  This  gives  rise  to  a  circular  distribution  of  measurement  error 
about  the  true  target  position  as  shown  in  Figure  L-l. 

The  causes  of  angular  measurement  error  are  discussed  at  the  ea>i 
of  Chapter  8.  Including  the  error  resulting  from  not  knowing  where  in  the 
beam  the.  target  actually  is,  the  la  error  along  each  axis  has  been  esti¬ 
mated  at  0.  4  degree. 

Assutne  that.target  detection  takes  place  at  780,000  feet  (the  9B  |«r- 
cunt  cumulative  probability  of  detection  range)  and  that  boost  is  initiated 
after  a  delay  of  2  seconds  at  an  initial  range  r^  s  710,000  feet.  The  le 
angular  measurement  error  of  0.4  degree  therefore  corresponds  to  attu- 
get  position  error,  o-i  &  5000  feet.  In  Figure  L-1,  the  circle  C  represents 
the  locus  of  measured  target  positions  if  the  actual  target  is  at  T  and  a 
2,  5  a  measurement  error  is  made.  The  boost  guidance  law  deadspace 
(undercorrection)  is  taken  to  be  1.5  Vj  =  7500  feet,  so  that  the  locus  t£ 
the  Mj  vector  lies  someplace  along  the  contour  B,  if  the  angular  mea.tuire- 
munt  error  is  2.  5  a  and  the  actual  target  is  at  T. 

To  estimate  the  total  homing  stage  AV  requirement,  assume  first 

that  the  cphemcris  error  is  large,  resulting  in  a  large  initial  miss.  Let 

M  =  2.  5  a.  where 
o  t 

-■t  =  'xFT^ 


.V-  .■ 


a^  =  6000  feet 


(Set  2  ephemeris  error) 


=  21, 000  feet  (Set  2  ephemeris  error  with  <Ji  3?  53  dogvessi 


.  h  '■  .4  ^  n  ^  • 


Thus  -  21,800  feet  and  &  54,  500  feet.  Further  assume  that 
the  angular  measurement  of  target  position  alco  suffers  from  a  2. 5  e 
error.  (This  latter  error  is  essentially  independent  of  the  initial  miss  .  . 
distance.  The  2kV  requirement  will  therefore  be  based  on  the  simultaneous 
occurrence  of  two  independent  error  effects,  each  having  a  magnitude  of 
2.  5  <r. )  The  total  AV  required  is  the  sum  of  the  AV  for  the  boost  and  hom¬ 
ing  phases, 

(L.2) 


AV  =  AVj  +  AV^ 


where 


AVj  =  Boost  velocity  to  correct  Mj 
AV.^  *  Homing  velocity  to  correct 

since  both  phases  draw  propellant  from  the  same  t&nV>  For  s  54,  500 
feet,  the  magnitude  of  and  can  be  determined  by  trigonometry  as  a 
function  of  the  angle  p  in  Figure  L-1.  The  case  of  p  >  0  degrees  corre¬ 
sponds  to  measuring  the  target's  direction  correctly  but  being  low  in  miss 
magnitude.  A  severe  undercorrection  is  made  dur'ng  the  boost  phase  and 
the  homing  phase  is  called  upen  for  a  maximum  correction.  If  p  =  180  de¬ 
grees,  the  boost  phase  ovcrcorrects,  but  only  slightly,  so  that  the  homing 
phase  correction  is  minimized. 

The  boost  phase  velocity  gain  AVj  can  be  determined  as  a  function 
of  Mj  (for  constant  thrust  boost)  by  solution  of  the  following  equations 

AV, 


:  -c  In  p 

(L.  3) 

(L.4) 

'o 

(L.5) 

p  1)  -  c  In  p(t^  - 

(L.6) 

where 

p  s  Boost  phase  mass  ratio 
tj^  =  Boost  time 

a|  =  Initial  boost  acceleration 

A  plot  of  AV|  versus  is  shown  in  Figure  L-3  for  c  =  10^  ft/sec. 
a^  *  129  ft/scc^,  =  710,000  feet  and  =  20,000  ft/scc.  The  homing 
stage  computer  need  not  so’ve  the  above  set  of  equations,  however,  since 

a  simple  approximation  of  the  form 

.  •  *  • 
MV 

AVj  =  -j — —  +  correction  term  (L.  7) 

o 

will  undoubtedly  suffice.  The  correction  term  would  be  a  simple  function 
of  Mj,  r^,  c,  and  a^.  The  homing  phase  velocity  gain  AV^  is  given 
by  ■  • 

where 

\  =  Proportional  navigation  gain  4 

=  Homing  phase  LOS  rate  bias  ■*- 10  ^  rad/sec 

k  =  Correction  factor  to  account  for  noise  and 
other  effects  ■>'1.1. 

r^  =  Range  at  which  homing  phase  begins 

Thi'  h'jming  phase  is  assumed  to  begin  4  seconds  after  boost  termi* 
nation  or  ait  400,000  feet,  whichever  is  smaller  (i.e.,  r^  =  r^  ,  -  ''r<S  " 
or  400,  COO  feet,  whichever  is  smaller). 

The  total  AV  requirements  have  been  computevl  from  the  above 
equations  for  four  values  of  p  and  are  as  follows: 
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M,  IN  fin 


are  L-1.  Boo.t  Pta.r  Vclorily  G.in 

,ure  le  J.  o  Thrust  Boost  Phase) 


0 

AV 

(ft/sec) 

0 

3170 

30 

3175 

90  . 

3185 

180 

2550 

These  results  suggest  that  the  boost  guidance  law  assumed  herein 
is  not  too  far  from  optimum  for  the  assumed  errors,  since  the  required 
AV  is  not  a  strong  function  of  p  over  a  fairly  wide  range.  The  maximum 
homing  stage  acceleration  required  occurs  for  ^  -  0  and  is  approximately 
120  ft/sec^.  This  is  well  v'ithin  the  assumed  4  g  initial  acceleration 
capability. 

It  is  interesting  to  note  that  if  boost  were  nut  used  and  homing  were 
initiated  at  the  Initial  range  of  710,  000  with  an  initial  miss  of  54,  500  feet, 
‘that  the  AV  required  ((rom  Equation  L.  8)  is  3300  ft/sec.  This  shows  that 
an  early  corrective  maneuver,  even  if  coarse,  can  be  quite  effective. 

On  the  basis  of  this  preliminary  analysis,  a  homing  stage  AV  of 
3250  ft/ sec  and  an  initial  thrust  to  weight  ratio  of  4.0  are  recommended 
for  the  radar  design  using  boost  plus  homing. 
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